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Development  of  Rail  Gun  Reported 

43062505a  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88,  No  IA12, 
pp  34-35 

[Article  by  Keiichi  Satoh  of  the  Institute  of  Space  and 
Astronautical  Science:  “Mass  Driver”] 

[Text]  1.  Preface 

An  electromagnetic  launch  technology  is  used  to  accel¬ 
erate  objects  with  mass  by  means  of  electromagnetic 
force.  When  this  technology  is  used  for  transportation  in 
space,  it  is  referred  to  as  a  “mass  driver.”  It  has  generally 
been  used  in  linear  motors  up  to  now,  but  recently,  the 
development  of  accelerators  based  on  a  rail  gun  system 
has  been  carried  out  enthusiastically.  Since  fiscal  1 986, 
the  Institute  of  Space  and  Astronautical  Science  [ISAS] 
has  been  developing  a  rail  gun  for  application  to  scien¬ 
tific  fields.  In  this  paper,  I  will  report  the  results  of  the 
development-related  work. 

2.  Principle  of  Rail  Gun 

In  the  rail  gun,  an  object  called  a  “projectile,”  which  will 
be  accelerated,  is  put  between  two  rails,  and  a  portion 
called  an  “armature,”  which  conducts  electricity,  is  at 
the  back  of  the  projectile.  As  shown  in  Figure  1,  electric 
current  passes  through  the  rails,  and  the  projectile  and 
armature  are  accelerated  by  the  magnetic  field  generated 
by  the  electric  current  in  the  rails  and  Lorentz’s  force 
caused  by  the  electric  current  in  the  armature. 


electric  current  (I) 


v 


rail 


VblGOGOQ  =>Lorentz  torce 

\  \  '^projectile 

magneUcfield(BN'-'"“'“^^ 

Figure  1.  Principle  of  Rail  Gun 


3.  Rail  Gun  System 

3. 1  Rail  Gun 

Figure  2  shows  a  cross  section  of  the  rail  gun  used  by  the 
ISAS.  Two  copper  rails  are  surrounded  by  insulators, 
clipped  longitudinally  and  laterally  with  steel  blocks,  and 
ti^tened  with  bolts. 

3.2  Projectile 

The  projectile  is  a  block  of  polycarbonate  resin  weighing 
about  1  gram,  and  is  shaped  to  fit  into  the  bore  snugly. 
The  projectile  has  an  aluminum  or  phosphor  bronze  fuse 


BOLT 


Figure  2.  Cross  Section  of  Rail  Gun 


Figure  3.  Projectile 


on  its  back  side  and,  as  soon  as  the  fuse  discharges 
electricity,  it  melts,  turns  to  plasma,  and  conducts  elec¬ 
tricity  as  an  armature. 


3.3  Power  Source 

As  shown  in  Figure  4,  the  power  source  of  the  ISAS 
consists  of  a  4:1  pulse  transformer,  main  switch,  crowbar 
switch,  and  six-stage-pulse-forming  network.  Each  stage 
of  the  six-stage-pulse-forming  network  consists  of  a 
capacitor  and  inductor.  The  power  of  the  capacitor  at 
each  stage  is  1  millifarad,  and  the  maximum  charging 
voltage  is  10  kilovolts.  Therefore,  the  total  capacity  is  6 
millifarads  and  the  maximum  charging  energy  is  300 
kilojoules.  The  power  of  the  inductor  can  he  changed 
from  0  to  24  microhenrys,  and  the  waveform  of  the 
electric  current  can  also  be  changed. 


MAIN  SWITCH 


ImF 

CAPACITOR 

BANK 


INDUCTOR  r-4r-| 

^  1~  CRO'VB»n  M  S 


PUL5C  TRANSFORMER 


CROWBAR  >- 
SWITCH 


PULSE  FORMWQ  NETWORK 


Figure  4.  Circuit  Diagram  of  Power  Supply 
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4.  Results 

Figure  5  [not  reproduced]  is  a  streak  photograph  showing 
the  plasma  luminescing  state  in  the  rail  gun.  The  left  side 
of  the  plasma  luminescing  state  is  a  curve,  and  is 
represented  by  a  trace  at  the  inside  of  the  rail  gun.  Figure 
6  shows  examples  of  the  electric  current  waveform, 
velocity  and  acceleration  at  the  inside  of  the  rail  gun! 
The  velocity  and  acceleration  are  calculated  on  the  basis 
of  the  streak  photograph  shown  in  Figure  5 


time  ( msec)  SHOT 
OUT 


Figure  6.  Performance  of  Low  Energy  Rail  Gun 


The  ISAS  has  successfully  accelerated  a  projectile 
weighing  approximately  1  gram  to  about  3.7  kilometers 
per  second.  The  charging  velocity  at  that  time  was  7 
kilovolts.  Assuming  that  the  efficiency  of  the  entire 
system  is  (kinetic  energy)/(energy  charged  in  capacitor), 
the  efficiency  of  the  entire  system  at  that  time  is  about  5 
percent. 

Transportation  System  After  H-II  Rocket,  HOPE 

43062505b  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88,  No  lAI 3 
pp  36-37 

[Article  by  Yoji  Shibafuji  of  the  National  Space  Devel¬ 
opment  Agency  of  Japan] 

[Text]  1.  Preface 

The  National  Space  Development  Agency  of  Japan 
[NASDA]  has  been  conducting  the  development  of  the 
H-II  rocket  smoothly  so  that  the  first  rocket  can  be 
launched  in  1992.  The  advent  of  the  H-II  rocket  repre¬ 
sents  a  means  of  transportation  at  the  international  level 
in  terins  of  launching  performance,  reliability  and  cost. 
In  addition,  HOPE,  which  is  an  unmanned  space  plane, 
will  be  launched  with  the  H-II  rocket  and,  similarly  to 
the  space  shuttle,  will  return  to  earth.  NASDA  is  cur¬ 
rently  conducting  research  on  HOPE,  and  has  scheduled 
its  first  flight  for  sometime  around  1996.  The  space 
transportation  of  the  1990s  will  be  carried  out  by  the 
H-II  rocket  and  HOPE.  Accordingly,  the  demand  for 
space  transportation  will  increase,  and  an  economical 


launching  means  will  be  required  for  the  space  transpor¬ 
tation.  In  this  paper,  I  will  present  a  concept  of  the  space 
transportation  system  after  the  H-II  rocket  and  HOPE. 

2.  H-II  Rocket  (Improved  Model)  and  HOPE 

The  H-II  rocket  has  a  launching  capacity  of  4  tons  to 
geostationaiy  transfer  orbits  and  of  about  10  tons  to  low 
altitude  orbits,  and  it  is  possible  that  the  H-II  rocket  can 
be  used  to  simultaneously  launch  a  number  of  small 
satellites.  The  most  important  points  in  the  development 
of  the  H-II  rocket  are  as  follows:  1)  the  H-II  rocket  must 
be  developed  only  by  using  completely  independent 
technologies,  2)  the  development  cost  must  be  at  the 
same  level  as  the  cost  required  for  satellites  which  will  be 
launched  using  international  rockets  in  the  1990s,  and  3) 
the  H-II  rocket  must  offer  hi^  reliability  and  minimum 
failure  when  launching  satellites.  The  H-II  rocket  will  be 
used  to  supply  materials  to  the  space  station  and  to 
launch  HOPE,  as  well  as  to  launch  platforms  and  satel¬ 
lites  for  communications,  broadcasting,  earth  observa¬ 
tion  and  space  experiment  missions. 

HOPE,  an  unmanned  space  plane,  is  being  researched  so 
that  it  can  be  launched  without  having  to  make  any 


280h>  10.  S30f>  11.  12.**®*'^ 

Figure  1.  Examples  of  H-II  Rocket  (Including  Improved 
Model)  and  HOPE 

Key: 

1.  10-ton  HOPE  (P/L  3  tons) 

2.  16-ton  HOPE  (P/L  5  tons) 

3.  20-  to  30-ton  HOPE  (P/L  6  to  10  tons) 

4.  H-II  two  stages 

5.  H-II  one  stage 

6.  H-II  SRB  X  2 

7.  H-II  SRB  X  6 

8.  LOX/two  methane  strap  on  boosters 

9.  8  LE-7s  (improved) 

10.  280-ton  H-II  rocket 

1 1.  530-ton  H-II  rocket  version  A  plan 

12.  610-ton  H-II  rocket  version  B  plan 

13.  Weight  at  launch  time 
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Figure  2.  Vertical  Take-off  Reusable  Two-Stage  Rocket  (Plan) 


Key: 

1 .  Orbiter 

2.  Flyback  booster 

3.  Cargo  bay  4.  Weight  at  launch  time:  approximately 

5.  Weight  at  returning  time:  approximately  45  tons 

6.  Payload:  1 5  to  20  tons 

7.  Weight  at  launch  time:  approximately  630  tons 

8.  Weight  at  launch  time:  approximately  500  tons 

9.  LOX  tank 

10.  Within  5  meters 

1 1 .  Approximately  50  meters 


12.  LH2  tank  (for  the  first  stage  of  H-Il) 

1 3.  Wings  are  for  common  use 

14.  Two  OMVs 

1 30  tons  1 5.  One  LE-7  engine 

16.  Approximately  20  meters 

17.  Approximately  55  meters 

18.  Two  methane  tanks 

1 9.  Two  LOX  tanks 

20.  Two  turbojets  (used  upon  returning) 

21.  Eight  LE-7  version  engines 

22.  Approximately  24  meters 


substantial  improvements  on  the  H-II  rocket.  Therefore, 
the  weight  of  HOPE  when  launched  will  be  approxi¬ 
mately  10  tons,  while  that  of  the  cargoes  will  be  about  3 
tons.  It  should  be  possible  for  HOPE  to  stay  in  space  for 
approximately  1  week. 

In  the  late  1990s,  a  further  improved  version  of  the  H-II 
rocket  could  be  used  to  meet  the  increase  in  demand  for 
launching  satellites  and  the  decrease  in  the  cost  of 
rockets.  The  H-II  rocket  has  a  characteristic  that  makes 
it  relatively  easy  to  raise  its  performance.  As  shown  in 
Figure  1,  if  the  number  of  solid  rockets  is  increased  to 
six,  the  satellite  launching  capacity  will  be  doubled, 
increasing  to  4  tons.  Also,  even  if  two  stages  are  removed 
from  the  H-II  rocket  due  to  a  low  altitude  orbit,  it  will 
still  be  possible  to  launch  cargoes  weighing  1 6  tons,  and 
the  launching  capacity  will  be  increased  by  60  percent 
following  almost  the  identical  course.  There  is  an  idea 
whereby  liquid  auxiliary  rockets  would  be  used  instead 
of  solid  rockets.  Figure  1  shows  an  example  of  using 
methane  instead  of  liquid  hydrogen  by  improving  the 


LE-7  at  the  first  stage  of  the  H-II  rocket.  If  the  size  of  the 
liquid  auxiliary  rockets  is  determined,  it  will  be  possible 
to  transport  cargoes  weighing  20  to  30  tons  to  low 
altitude  orbits  and  to  decrease  the  cost  per  unit  weight  to 
from  one-half  to  one-third. 

3.  Completely  Reusable-Type  Rocket 

By  the  year  2000,  Japan  will  have  no  choice  but  to  meet  her 
needs  based  on  the  H-II  rocket  and  with  a  transportation 
systems  augmented  by  HOPE.  Throw-away-type  rockets 
have  their  limits  in  respect  to  cost  reduction.  In  order  to 
meet  the  demand  anticipated  for  the  rockets  which  will  be 
used  subsequent  to  the  year  2000,  it  will  become  necessary 
to  reuse  rockets.  The  single-stage-type  horizontal  take-off 
and  landing  plane  can  be  cited  as  the  ultimate  completely 
reusable  rocket,  but  it  involves  problems  with  funding  as 
well  as  serious  technical  problems,  such  as  with  the  air 
breathing  engine  and  high  heat  resistant,  lightweight  mate¬ 
rials.  Accordingly,  it  will  be  impossible  to  use  such  com¬ 
pletely  reusable  rockets  before  2010.  In  addition,  it  will 
become  necessary  to  use  a  stopgap  transportation  system 
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while  the  technologies  obtained  from  the  development  of 
the  H-II  rocket,  HOPE,  etc.,  are  being  extended,  until  the 
single-stage-type  horizontal  take-off  and  landing  plane  is 
realized.  The  two-stage  vertical  launching  and  horizontal 
landing-type  rocket  system  shown  in  Figure  2  is  regarded  as 
a  candidate  for  this  stopgap  transportation  system.  This 
idea  is  based  on  the  idea  of  the  H-II  rocket  (conceptual  type) 
and  HOPE  shown  in  Figure  I,  and  can  be  realized  by  using 
the  above  technologies.  The  use  of  this  system  will  enable 
transportation  costs  to  be  sharply  reduced. 

4.  Postface 

I  have  described  an  example  of  a  completely  reusable 
rocket  which  will  meet  the  demands  of  space  transpor¬ 
tation  around  the  year  2000.  This  rocket  can  be  realized 
by  fully  utilizing  the  technologies  obtained  from  the 
development  of  the  H-II  rocket  and  HOPE.  I  think  that 
this  concept  is  indispensable  not  only  for  meeting  the 
demands  of  space  transportation,  but  also  for  realizing 
future  space  planes  and  developing  intermediate-stage 
technologies. 

Solid  Rocket  Booster  with  Increased  Performance 
Studied 

43062505c  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88,  No  I A 14, 
pp  38-39 

[Article  by  Akihiro  Eguchi  and  Hiroshi  Miyama  of 
NASDA;  Noboru  Onojima  and  Yoichi  Yamamoto  of 
Nissan  Motor  Co.,  Ltd.;  and  Torn  Mitani  of  the  National 
Aerospace  Laboratory] 

[Text]  1.  Preface 

The  solid  rocket  booster  [SRB]  has  been  adopted  for  the 
H-II  rocket.  Titan  and  the  space  shuttle,  which  are  used 
to  launch  large  artificial  satellites,  and  is  scheduled  to  be 
used  in  ARIANE-5  in  the  future. 

Most  of  the  rockets  make  their  flights  in  the  atmospheric 
phase  in  which  such  SRBs  are  operated,  and  when  these 
SRBs  breathe  air,  it  is  possible  to  increase  the  thrust. 

This  manuscript  describes  a  study  of  the  validity  of  the 
following  two  systems:  One  is  a  system  whereby  thermal 
energy  is  generated  from  the  air  breathed  by  the  SRB  by 
mixing  the  air  with  high-temperature-rocket  discharging 
gas,  and  is  injected  by  accelerating  this  thermal  energy, 
and  the  other  is  a  system  whereby  air  is  accelerated  and 
injected  by  positively  and  secondarily  buring  the  air 
together  with  the  rocket  discharging  gas. 

2.  Performance  of  Propulsion 

The  thrust  to  air-breathing-type  rockets  is  given  by  the 
following  equations:  F  =  (mp  +  m^jV^  -  maV^  +  Ae(Pe  - 
Pa),  where  F  is  the  thrust,  ma  is  the  inflow  rate  of  air,  Vj 
is  the  jet  injection  relative  velocity,  mp  is  the  flow  rate  of 
the  propellant,  is  the  flying  speed,  P^  is  the  nozzle 
outlet  pressure  and  Pa  is  the  atmospheric  pressure,  and 
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Figure  1.  Secondary  Combustion  Gas  Mixing 
with  Air/Temperature 

Key: 

1.  Temperature  (Kelvin) 

2.  Pressure:  2  atm 

3.  Overall  atmospheric  temperature:  293  K 


where  Vj  can  be  expressed  as  follows:  Vj  =  [2Cp3To3(l- 
P</Po3)(Y-1)/y)‘^^-  The  index  3  shows  the  quantity  of 
state  of  a  throat  which  injects  mixed  gas.  [In  this  para¬ 
graph,  m  has  a  dot  over  it;  this  is:  first  derivative  with 
respect  to  time], 

To3  in  the  only  mixing  case  is  quite  different  from  that  in 
the  secondary  combustion  case.  A  typical  calculation 
example  is  shown  in  Figure  1 .  In  the  secondary  combus¬ 
tion  case,  the  amount  of  oxidizer  for  the  solid  propellant 
is  decreased,  while  the  amounts  of  HTPB  and  A1  as  fuels 
are  increased.  Pp3  depends  on  the  shapes  of  the  air  intake 
and  of  the  mix/secondary  combustion  chamber. 


f  =  m^/mp  refers  to  the  air  inflow  ratio.  Figure  2  shows 
the  results  obtained  from  a  specific  impulse  calculated 
for  the  condition  Pg  =  Pa  by  regarding  the  air  inflow  ratio 


Figure  2.  Flight  Mach  Number  and  Specific  Impulse 

Key: 

1 .  Specific  impulse  (seconds) 

2.  Right  Mach  number 
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as  a  parameter.  In  the  secondary  combustion  case,  the 
specific  impulse  is  increased  in  proportion  to  the 
increase  in  f.  However,  when  f  is  low,  the  specific 
impulse  is  lower  than  that  in  the  mixing  case. 

Accordingly,  the  combustion  system  appropriate  for  f  is 
regarded  as  effective. 

3.  Launching  Orbit 

The  performance  of  air-breathing-type  rockets  also 
changes  since  the  atmospheric  density  and  Mach  number 
change  with  time  during  actual  orbit  launchings.  It  is 
necessary  to  comprehensively  evaluate  the  gravity  loss, 
air  resistance,  etc.,  when  launching,  but  it  is  preferable 
that  such  rockets  make  their  flints  at  a  Mach  number 
that  will  cause  the  highest  specific  impulse  to  occur  at 
each  altitude.  Rockets  in  whieh  no  lift  can  be  used  have 
limits  when  approaching  the  ideal  since  orbits  cannot 
but  be  changed  slightly  by  the  thrust  profile. 

Figure  3  shows  results  obtained  by  calculating  orbits  on 
the  assumption  that  a  nozzle  of  the  SRB  of  the  H-II 
rocket  is  converted  into  an  air-mixing-type  nozzle.  These 
results  show  a  flight  profile  in  which  the  thrust  can  be 
increased,  and  it  has  been  confirmed  that  this  flight 
profile  contributes  to  an  increase  in  capacity  when 
launching  satellites.  In  addition,  it  is  believed  that  this 
capacity  can  be  increased  further  by  studying  the  slot 
ring  of  core  rockets,  the  thrust  profile  of  the  SRB,  etc. 
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Figure  3.  Launch  Orbit  and  Increase  in  Thrust 

Key; 

1 .  Altitude  (kilometers) 

2.  Increase  in  thrust 

3.  Flight  Mach  number 


4.  Conclusion 

It  has  been  confirmed  that  the  use  of  air-breathing-type 
rockets  would  raise  the  performance  of  the  SRB.  In  the 
future,  we  are  scheduled  to  continue  analyses  and  studies 
of  rises  in  performance  of  such  SRBs,  while  examining 
the  increase  in  thrust  by  the  basic  test  shown  in  Figure  4. 


Figure  4.  Conceptual  Drawing  of  Basic  Test 

Key: 

1 .  Load  cell 

2.  Air  plenum  chamber 

3.  Mixing/secondary  combustion  chamber 

4.  Solid  motor 


Study  of  Weight  of  AOTV  Aerobrake 
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Nobuyoshi  Muroi  of  Kawasaki  Heavy  Industries,  Ltd.] 

[Text]  1.  Preface 

The  orbital  transfer  vehicle  [OTV]  is  one  of  the  most 
important  elements  of  the  future  space  infrastructure. 
When  orbits  at  high  altitudes  are  changed  to  ones  at 
low  altitudes  through  atmospheric  control  by  means  of 
an  aerobrake,  it  is  possible  to  sharply  economize  the 
transfer  of  orbit  fuel.  The  aero-assisted  orbital  transfer 
vehicle  [AOTV]  refers  to  an  OTV  equipped  with  an 
aerobrake  to  utilize  the  atmospheric  braking  power. 
Recently,  research  involving  the  AOTV  has  been  con¬ 
ducted  enthusiastically.  In  this  paper,  we  will  describe 
the  results  of  parametrically  studying  the  load  of  aero- 
brakes,  etc.,  based  on  the  load  and  heating  conditions, 
etc.,  upon  entering  the  atmosphere  on  the  assumption 
that  an  OTV  is  returning  from  geostationary  transfer 
orbit  [GEO]  to  a  low  earth  orbit  [LEO]. 

2.  Validity  of  Aerobrake 

Figure  1  shows  the  relationship  between  the  structure 
and  difference  of  the  fuel  ratio  (p2  -  Pi)  ^nd  the  fuel 
weight  ratio  of  the  AOTV  and  an  all-propulsion-type 
OTV  for  three  kinds  of  missions — GEO  delivery,  round- 
trip  transportation,  and  retrieval.  When  an  aerobrake  is 
used  to  control  the  atmosphere,  it  can  be  appreciated 
that  if  the  P2  -  Pi  less  than  approximately  0. 1  for  the 
GEO  round-trip  transportation  and  GEO  retrieval  mis¬ 
sions,  the  fuel  weight  will  be  less  than  half  that  of  the 
all-propulsion-type  OTV. 
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Figure  1.  Fuel  Weight  Ratio  of  AOTV/OTV 

Key: 

1.  Delivery  to  GEO:  P/L  is  positioned  from  LEO  to 
GEO,  and  the  sole  OTV  returns  to  LEO  at  an 
altitude  of  500  km. 

2.  Round  trip  to  GEO:  P/L  is  transported  from  LEO  to 
GEO,  and  OTV,  with  P/L,  returns  to  LEO  at  an 
altitude  of  500  km. 

3.  Return  to  GEO:  The  sole  OTV  transfers  from  LEO 
to  GEO  and,  with  P/L,  returns  from  GEO  to  LEO. 

4.  p,:  W^/Wp  of  total-propulsion-type  OTV 

5.  P2:  W,/Wp  of  AOTV 

6.  W^:  Fuel,  structure,  etc.,  except  for  P/L  7.  Wp: 
Weight  of  fuel 

8.  P/L:  Weight  of  payload 

9.  Delivery  to  GEO 

10.  Round-trip  to  GEO 

1 1 .  Return  to  GEO 


3.  Load  Conditions  at  Atmospheric  Entry 

Studies  were  conducted  involving  the  loads,  such  as 
acceleration,  g  and  aerodynamic  heating,  imposed  on  the 
aerobrake  when  the  AOTV  passes  through  the  atmo¬ 
sphere.  As  an  example.  Figure  2  shows  that  results  of 
calculating  g. 

4.  Study  of  Weight  of  Aerobrake 

(1)  Study  Conditions 

An  aerobrake  employing  a  lifting  brake  system  is  cir¬ 
cular,  and  consists  of  a  thermal  protection  system  [TPS] 


Figure  2.  G  and  Apogee  Altitude  After  Passing 
Through  Atmosphere 


and  a  supporting  structure.  The  supporting  structure  is  a 
tetrahedral  truss,  and  is  made  of  A1  or  Gr/Pi.  Table  1 
shows  the  above  conditions  as  well  as  other  ones. 

(2)  Weight  of  TPS 

Figure  3  shows  the  results  obtained  by  simulating 
thermal  environments  when  the  OTV  enters  the  atmo¬ 
sphere,  conducting  non-stationary  thermal  analyses  of 
two  kinds  of  TPS  materials,  and  finding  the  relationship 
between  the  weight  of  the  TPS  and  the  maximum  heat 
flux.  It  can  be  appreciated  that  the  weight  of  the  TPS 
when  Gr/Pi  is  used  in  the  supporting  materials  is  about 
half  that  of  the  TPS  when  A1  is  utilized  in  such  materials. 

(3)  Weight  of  Aerobrake 

When  the  rocket  enters  the  atmosphere,  the  supporting 
structure  (truss)  of  the  aerobrake  will  be  subjected  to  a 
bending  load  according  to  the  acceleration,  g,  and  the 
buckling  of  each  member  will  be  critical.  The  weight  of 
the  aerobrake  was  determined  by  selecting  the  dimen¬ 
sional  accuracy  of  the  truss  on  the  basis  of  this  buckling 
load,  calculating  the  weight,  and  adding  the  TPS  weight 
to  the  calculated  weight.  The  diameter,  height  of  the 
truss,  acceleration,  etc.,  are  taken  as  parameters.  Figure  4 
shows  an  example  of  calculating  the  brake  weight  when 
the  diameter  of  the  brake  is  measured  on  the  transverse 
axis. 

(4)  Policy  of  Aerobrake  Lightening 

The  load  conditions  (load  and  heating  quantity),  opera¬ 
tion  methods  (number  of  passages  through  the  atmo¬ 
sphere,  etc.),  aerodynamic  characteristics,  aerobrake 
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Key: 

1.  Support  structure  1 5.  Support  structure 

material  16.  Structural  system 

2.  Aerobrake  17.  Material 

3.  Progressive  direction  18.  Tetrahedral  truss 

4.  Bus  19.  AlorCr/Pi 

5.  Payload  20.  ACC  +  insulator,  ceramic 

6.  Item  tile  (LI-900),  Lightweight 

7.  Contents  TPS 

8.  Standard  form  21.  Payload/propulsion 

9.  Lifting  brake  system  system 

10.  Aerobrake  22.  Orbit 

specifications  23.  Return  orbit  from  GEO 

11.  Form  to  LEO  at  altitude  of 

12.  Circle  500  km 

(diameter  Dmq))  24.  Load  (a) 

13.  Constitution  25.  Approx.  0  to  4  grams 

14.  TPS  +  support  struc-  26.  Thermal  load 
ture  material 


a:*:«stg3E  Q-..  (W/cm*  )  2. 


Figure  3.  Relationship  Between  TPS  Weight 
and  Maximum  Heat  Flux 

Key: 

1 .  TPS  weight  (kg/m^) 

2.  Maximum  heat  flux  Q^ax  (W/cm^) 

3.  ACC  +  insulation 


l'  -  ^  m.S.  D(ni) 

Figure  4.  Relationship  Between  Aerobrake 
Weight  and  Diameter 

Key: 

1.  Unit  area  weiht 

2.  Overall  weight 

3.  p  =  TPS  weight/structural  weight 

4.  Brake  diameter  D  (meters) 


system,  structural  design  (dimensional  accuracy,  etc.), 
TPS,  etc.,  can  be  cited  as  items  which  should  be  studied 
in  order  to  lighten  the  aerobrake. 

(5)  Postface 

The  validity  of  the  aerobrake  has  been  shown,  and  the 
weight  studied  parametrically.  Importance  is  attached  to 
the  structure  and  weight  of  the  aerobrake  and,  in  order  to 
realize  the  AOTV  in  the  future,  it  is  essentially  necessary 
to  study  the  aerodynamic,  thermal  protective,  and  guid¬ 
ance  and  control  technologies,  etc. 


Solar  Thermal  Rocket  Studied  as  Transfer  Between 
Orbit  Propulsion  Systems 

43062505e  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88,  No  1A16, 
pp  42-43 

[Article  by  Morio  Shimizu,  Katsuya  Ito  and  Yasuo 
Watanabe  of  the  National  Aerospace  Laboratory] 

[Text]  1.  Preface 

Reeently,  the  solar  thermal  roeket  has  been  reviewed  as 
a  propulsion  system  for  OTVs.  This  rocket  possesses 
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characteristics  midway  between  those  of  conventional 
chemical  rockets  and  ion  rockets.  The  AFAL  (formerly 
AFRPL  [Air  Force  Rocket  Propulsion  Laboratory])  has 
conducted  research  on  hi^  performance  rockets.*'- 
Such  rockets  have  a  specific  impulse  of  800  seconds  or 
more  and  a  hydrogen  temperature  of  2,300  K  or  more. 

The  NAL  [National  Aerospace  Laboratory]  has  com¬ 
pleted  a  rocket  with  a  hydrogen  temperature  of  1,100  K 
and  a  specific  impulse  of  500  second-class,  as  a  prelim¬ 
inary  stage,*^^  and  has  begun  researching  a  higher  perfor¬ 
mance  rocket  with  a  specific  impulse  of  650  to  800 
seconds.  The  specific  impulse  of  this  rocket  is  more  than 
twice  that  of  conventional  apogee  propulsion  system 
rockets.  If  the  new  rocket  is  used  for  OTVs,  it  can  be 
expected  that  the  performance  will  increase  sharply.  We 
will  now  describe  the  advantages  and  problems  involved 
in  its  use  for  OTVs,  and  its  development  for  application 
to  AOTVs. 


2.  System  and  Performance  of  Solar  Thermal  Rocket 

The  solar  thermal  rocket  has  a  simple  structure,  i.e.,  a 
system  is  employed  whereby  propellants  are  concentrated 
from  the  sun,  heated  and  injected.  It  involves  no  special 
technical  problems  other  than  measuring  for  high  temper¬ 
atures  for  the  heat  collecting  portion.  As  shown  in  Figure  1 , 
the  merits  of  this  rocket  are  as  follows:  1)  the  specific 
impulse  is  500  to  1,000  seconds,  which  is  hi^er  than  that 
of  chemical  propulsion  system  rockets,  2)  the  efficiency 
when  using  solar  energy  is  10  times  that  of  electric  propul¬ 
sion  system  rockets,  3)  relatively  large  thrust  (1  to  10 
newtons)  can  be  obtained,  and  4)  the  rocket  is  not  contam¬ 
inated  in  space.  On  the  other  hand,  the  main  disadvantages 
of  the  rocket  are  as  follows:  1)  there  is  a  limit  to  the  degree 
of  freedom  of  the  relationship  between  the  solar  direction 


Figure  1.  Theoretical  Vacuum  Specific 
Impulse  Variation*'^ 


and  the  injecting  direction,  and  2)  the  rocket  must  be 
equipped  with  a  large  liquid  hydrogen  tank  and  a  solar 
concentrator. 

3.  Use  of  Solar  Thermal  Rocket  in  OTVs,  etc. 

Table  1  compares  performances  of  propulsion  systems 
for  various  OTVs  according  to  AFAL  and  based  on  the 
space  shuttle.  There  is  little  difference  between  the  solar 
thermal  rocket  and  liquid  oxygen/hydrogen  rocket  in 
terms  of  spiral  lasing  (solar  No  1),  but  for  the  case  of 
multi-burn  (solar  No  2),  the  geostationary  payload 
capacity  (47  percent  of  LEO  mass)  of  the  solar  thermal 
rocket  is  increased  by  42  percent,  which  is  two  or  three 
times  that  ( 1 8  percent  of  LEO  mass)  of  the  current  solid 
rockets  and  monomethyl  hydrazine-nitrogen  tetra  oxide 
[MMH-NTO]  rockets. 


Table  1. 

Comparison  of  Various  OTV  Propulsion  System  Performances**^ 


Parameter 

- - 1 

Solar  #l 

LO2-LH2 

N2O4-MMH 

Ion 

Solar  #2 

V,  m/s 

5,850 

4,270 

4,270 

5,850 

4,800 

Trip  time 

14  days 

5  hours 

5  hours 

1 80  days 

40  days 

Isp,  sec 

872 

475 

320 

2,940 

872 

Mass  Fraction 

0.85 

0.90 

0.92 

0.68 

0.85 

Payload,  kg 

9,300 

9,250 

4,990 

19,960 

13,150 

Figure  2  shows  a  Japanese  16  ton-class  geostationary 
platform.*^*  It  has  two  large  antennas  with  diameters  of  30 
meters  which,  if  used  as  solar  concentrating  parabolic 
antennas  with  the  solar  thermal  rocket,  will  enable  the  solar 
thermal  rocket  to  be  lightened.  It  also  appears  that,  if  the 
solar  cells  are  attached  to  the  back  of  these  solar  concen¬ 
trating  parabolic  antennas,  they  can  be  used  with  solar  cell 
paddles.  In  this  case,  the  propulsion  system  would  be 
assembled  on  the  platform.  It  is  also  preferable  to  use  the 
concentrator  for  generating  solar  heat  as  the  propulsion 


system  for  a  space  station.  These  are  shown  in  Table  2.  In 
addition,  if  the  round-trip-type  OTV  is  used  as  an  AOTV 
system,  it  could  be  possible  to  employ  an  altitude  of 
approximately  1 50  kilometers  with  a  very  small  amount  of 
aerodynamic  heating  as  a  perigee  and  the  back  side  of  the 
solar  concentrating  parabolic  antenna  as  an  aerodynamic 
brake.  In  this  case,  the  OTV  would  return  from  the  geosta¬ 
tionary  transfer  orbit  [GTO]  to  the  LEO  over  a  period  of 
approximately  20  days  as  a  multi-pass  system  passing 
through  the  perigee  100  times. 
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Table  2. 

Performance  of  Solar  Heat  Rocket  at  Stationary  Platform,  etc. 


Stationary  Platfomi  (GPF) 

Common  Orbit  Platform  (ATP) 

SS 

Lannch  period 

1995 

1995 

1993  to  1996  (phase  1) 

Weight  (kg) 

16 

8.3  (PM  0.7,  F  0.8) 

260  (phase  II) 

Large  parabolic  antennas 

30  m  in  diameter,  2 

Nil  (1  m  in  diam,  2) 

15  m  in  diameter,  2  (for  generating 
solar  heat) 

Orbit 

GEO 

Approx.  500  km 

Approx.  500  km 

Soiar  ray  inpnt 

Approx.  2,000 

(2.2) 

513 

Thmst  (Newton)  of  solar  heat  rocket 
(Isp  -  650  s) 

300 

(0.33) 

77 

Others 

LED  GEO  20  days 

Uncontaminated  thruster  perfer- 
able  to  high  Isp  and  large  thrust 

Satisfies  a  maximum  thrust  of  45 
Newtons  or  more  as  an  SS  propul¬ 
sion  system 

Figure  2.  An  Example  of  16-Ton-Class  GPF^®' 

Key: 

1.  Antennas  with  diameters  of  2  and  3  meters  for  broad¬ 
casting  by  22  Cmz  band  areas 

2.  Two  antennas  with  diameters  of  6  meters  and  two 
antennas  3.5  meters  in  diameter  for  20/30  Cmz- 
band-fixed  communications 

3.  Heat  radiator 

4.  Antenna  with  a  diameter  of  3  meters  and  antenna  with 
diameter  of  2  meters  for  12Cmz-band  nationwide 
broadcasting 

5.  Two  antennas  with  diameters  of  30  meters  for  800 
MHz-band  vehicular  communications 
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Superhigh  Accuracy  Sun  Sensor  Mounted  on 
SOLAR-A 

43062505f  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88,  No  ID3, 
pp  1 16-117 

[Article  by  Keiken  Ninomiya,  Yoshiaki  Ogawahara  and  Eiji 
Hirokawa  of  the  Institute  of  Space  and  Astronautical  Sci¬ 
ence;  Fumihiko  Okamoto,  Katsuhiko  Tsuno,  Satoru  Aka- 
bane  and  Yoshihiko  Kameda  of  Toshiba  Corporation] 

[Text]  1.  Preface 

The  development  of  a  sun  sensor  is  being  conducted  as 
an  attitude  sensor  mounted  on  the  SOLAR-A,  a  scien¬ 
tific  satellite.  The  accuracy  of  this  sensor  is  higher  than 
that  of  conventional  sensors.  This  is  attributable  to  the 
fact  that  high  control  performance  is  required  for  the 
attitude  system  so  that  the  view  direction  of  the  mission 
equipment  can  be  turned  toward  the  solar  center.  This 
mission  equipment  will  be  used  to  observe  solar  flares. 
Research  on  the  sun  sensor  is  being  carried  out  so  that  an 
accuracy  of  at  least  0.0035°  can  be  obtained  for  a  view  of 
2°  X  2°.  Therefore,  a  system  in  which  repeated  reticles 
and  a  linear-charged  coupled  device  [CCD]  are  used  as 
the  sensors  was  adopted  for  use  in  the  scientific  satellite. 
This  report  introduces  the  outline  and  main  data  of  a  sun 
sensor  (two-dimensional  fine  sun  sensor  [TFSS]),  as  well 
as  the  test  results  of  its  trial-manufactured  product. 

2.  Outline  and  Main  Data  on  Sensor 

The  TFSS  is  a  two-axial  sensor,  consisting  of  a  sensor 
section  and  an  electronic  circuit  section.  It  differs  from 
that  employing  a  wide-view-type  system  (see  Ref.  1)  in 
its  performance  raising  capability,  and  a  linear  CCD  is 
installed  at  the  lower  portion  ofthe  repeated  reticles. 
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CCD  signals  which  detect  repeated  patterns  of  solar 
images  are  compared  with  replica  signals  synchronized 
with  reticles,  as  shown  in  Figure  1 .  The  distance  of  the 
replica  transferred  when  the  phase  difference  =  0  is 
found  as  an  incidence  angle  a  by  moving  the  replica  so 
that  the  phase  difference  between  signals  is  0.  Figure  2 
shows  a  functional  block  diagram  according  to  this  phase 
difference  feedback  method.  Additional  details  are  given 
in  Reference  2. 


Figure  1.  Principle  Drawing 

Key:  3.  Reticle  projecting  image 

1 .  Solar  beam  4.  CCD  image  surface 

2.  Repeated  reticle  5.  Replica  waveform 


Seuer  head  Correlator 


Features  of  this  method  are  as  follows: 

•  The  processing  is  not  affected  by  any  profiles  of 
diffraction  images. 

•  The  processing  is  not  affected  by  any  off-set  signals 
(dark  current,  etc.,)  of  the  CCD. 


•  The  following  influences  can  be  reduced: 

(1)  Slit  dimensions  of  reticles  and  deviation  among  slit 
intervals 

(2)  Sensitivity  among  CCD  picture  elements  and 
unevenness  of  dark  current 

Main  data  on  the  TFSS  are  shown  in  Table  1. 


Table  1.  Main  Data 


Visual  field 

plus/minus  1“  x  plus/minus  T 

Resolving  power 

0.00054" 

Accuracy 

Bias  error:  0.0035° 

1 

Random  error:  0.003" 

Weight 

Sensor:  0.6  kg 

Circuit:  1.8  kg 

External  dimensions  (mm) 

Sensor:  65  x  1 16  x  76 

Circuit:  100  x  180  x  130 

Power  consumption 

3.1  W 

3.  Trial  Manufacturing  and  Testing 

The  sensor  section  shown  in  Photograph  1  [not  repro¬ 
duced]  and  an  electronic  circuit  section  were  trial  man¬ 
ufactured,  and  their  characteristics  were  evaluated.  The 
CCD  was  set  by  using  the  2048  picture  element  so  that 
one  cycle  w  was  the  1 28  picture  element.  The  test  was 
conducted  by  fixing  the  sensor  section  on  the  two-axial 
gimbals,  and  transfer  characteristics  of  the  TFSS  were 
measured  by  the  incident  beams  of  a  solar  simulator  in 
the  sensor  section. 

Results  are  shown  in  Figure  3  (a)  and  (b).  This  figure 
confirms  that  the  linearity  (accuracy  of  approximately 
0.001°)  was  excellent  in  linear  areas  and  the  random 
error  was  one  least  significant  bit  [LSB]  (5.4  x  lO  "*®  or 
less. 

4.  Postface 

We  have  confirmed  the  propriety  of  the  performance 
increase  when  using  this  method,  and  have  seen  our  way 
clear  to  carrying  out  the  development.  In  the  future,  we 
plan  to  conduct  more  detailed  design  and  study  projects, 
and  to  fully  utilize  the  results  obtained  from  this  work  in 
a  flight  model. 


References 

1.  Ninomiya,  K.,  et  al.,  “CCD  Fine  Sencor  for  Scientific 
Satellites,”  ESA  SP-255,  Dec  1986 


2.  Ninomiya,  K.,  et  al.,  “High  Accuracy  Sun  Sensor 
Using  CCDs,”  Proceedings  of  AIAA  GN&C  Conference, 
Aug  1988 


JPRS-JST-90-018 
23  March  1990 


11 


Table  AngleCdcg^ 

1  b  ; 


Figure  3.  Transfer  Characteristic  Rate 


MUSES-A  Optical  Navigation  Sensor  Developed 

43062505g  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88.  No  ID4, 
pp  118-1 19 

[Article  by  Keiken  Ninomiya  and  Eiji  Hirokawa  of  the 
Institute  of  Space  and  Astronautical  Science;  Ryoichi 
Chiba  and  Kazuhide  Noguchi  of  NEC  Corporation] 

[Text]  1.  Preface 

The  optical  navigation  sensor  [ONS]  reported  below  has 
been  mounted  on  the  1 3th  scientific  satellite,  MUSES-A, 
for  the  purpose  of  conducting  device  development  tests. 
A  pulse  frequency  modulation  [PFM]  device  is  currently 
being  developed  and  manufactured.  We  have  obtained 
partial  data  on  the  performance  tests  conducted  for  the 
ONS  by  simulating  the  moon  and  background  fixed 
stars,  and  will  report  it  here. 

2.  Outline 

Optical  navigaton,  as  well  as  radio  navigation,  is  impor¬ 
tant  for  deep  space  exploration.  Optical  navigation  is 
used  to  photograph  planets  and  their  satellites  together 
with  background  fixed  stars  by  means  of  television 
cameras,  etc.,  and  to  increase  the  relative  position  and 
accuracy  of  probes  for  these  planets  and  their  satellites. 
The  ONS  is  mounted  on  the  MUSES-A  to  aid  in  the 
development  of  devices  for  use  in  optical  navigation  in 
future  deep  space  exploration  and,  after  image  data  on 
the  moon  and  stars  of  the  second  magnitude  or  more  are 
obtained  and  converted  into  digital  data,  it  is  capable  of 
transferring  the  digital  data  to  computers  in  the  attitude 
orbit  control  system.  A  schematic  flow  diagram  of  the 
ONS  is  shown  in  Figure  1 . 

The  ONS  consists  of  a  hood,  optical  section  and  electric 
circuit  section.  The  hood  prevents  the  ONS  from  being 


affected  by  solar  beams,  the  optical  section  consists  of 
CCDs,  lenses,  etc.,  and  the  electric  circuit  section  con¬ 
verts  the  image  data  sent  from  the  CCDs  into  digital 
serial  signals  and  transmits  the  digital  serial  signals  to  the 
attitude  orbit  control  system. 

The  time  delay  and  integration  [TDI]  system  was 
adopted  as  a  CCD  driving  system  since  the  MUSES-A  is 
a  spin  satellite.  In  addition,  separate  CCDs  for  the  moon 
and  stars  have  been  installed  independently  in  the 
optical  section  and,  after  the  image  data  obtained  from 
the  optical  section  is  A/D  (analog-to-digital)-converted, 
they  are  transmitted  as  pulse-code-modulation  [PCM] 
signals  by  means  of  optical  fiber  cables  by  way  of  the 
processor  and  memory  in  the  attitude  orbit  control 
system  to  the  ground  and  will  be  used  as  data  for 
controlling  the  satellite  orbits. 

3.  Function,  Performance,  Appearance 

Since  the  ONS  employs  the  TDI  system,  the  charge 
transfer  clock  (V-CLOCK)  corresponding  to  the  spin  rate 
is  input  from  the  attitude  orbit  control  system,  the  CCDs 
for  both  the  moon  and  stars  are  driven  by  synchronizing 
them  with  this  clock,  and  video  signals  sent  from  both 
CCDs  are  selected  using  moon/star  switching  signals  sent 
from  the  attitude  orbit  control  system.  Dark  current 
components  are  removed  by  applying  offset  voltage  to 
this  CCD  output  since  the  dark  current  is  overlapped  by 
the  CCD  output.  Subsequently,  four-bit  A/D  conversion 
is  carried  out  in  pixel  units,  image  data  obtained  from 
the  four-bit  A/D  conversion  is  converted  into  serial  PCM 
signals  by  adding  synchronous  patterns  to  the  image 
data,  and  the  image  data  is  transmitted,  using  optical 
fiber  cables,  to  the  attitude  orbit  control  system  by 
driving  a  light  emitting  diode  [LED]  for  transmitting 
light.  In  addition,  the  electric  circuit  section  employs  a 
power  strobe  control  system  which  serves  as  a  power 
source  for  the  circuits  and  is  necessary  only  when  image 
data  are  obtained  since  power  consumption  must  be 
reduced.  Table  1  presents  the  ONS  specifications. 
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Figure  1.  Schematic  Flow  Diagram  of  ONS 
Key:  1.  Hood  2.  Optical  section  3.  Electrical  circuit 


Table  1.  ONS  Specifications 


Angle  of  field 

V  direction:  7.3" 

H  direction:  10.1° 

Sensitivity 

Moon  image,  detection  of  stars  of 
the  second  magnitude  or  greater 

Image  data  gradient 

16  gradation  (4-bits/pixel) 

Conceivable  spin  rate  scope 

10.0  to  20.5  rpm 

Image  data  transfer  bit  rate  (ONS 
— .  attitude  orbit  control  system) 

14.96  MBPS  (PCM  data  transmit¬ 
ting  system  according  to  optical 
fiber  cables) 

Performance  maintaining 
temperature  range 

-20  to  +45°C 

Power  consumption 

OP:  11. 5W 

STBY:  11. OW 

OFF:  O.IW 

Weight 

4.7  kg 

ONS  -  O  (Optical  Section) 


Weight 

1.75  kg 

Form  (exterior) 

Shown  in  Figure  2 
[not  reproduced] 

Lens  aperture 

40  mm 

Focal  length 

50  mm 

Detector 

CCDI  system  for  photographing 

moon 

CCDI  system  for  photographing 

stars 

ONS  -  H  (Hood) 


Weight 

0.65  kg 

Form  (exterior) 

Shown  in  Figure  3 
[not  reproduced) 

Solar  ray  interference  angle 

60°  or  greater  (nominal) 

Table  1.  ONS  Specifications  (Continued) 

Attenuation  factor 

iO'®  or  less  (nominal) 

ONS  -  E  (Electric  Circuit) 

Weight 

2.3  kg 

4.  Results  of  Ground  Tests 

Figure  4  presents  data  (without  TDI  operation,  use  of 
shutter)  obtained  by  inputting  pseudo  data  equivalent  to 
stars  of  the  second  and  one-half  magnitude  from  the 
background  fixed  star  simulator.  The  data  are  almost  the 
same  as  the  design  values  in  terms  of  the  expansion  of 
star  images  and  levels.  In  the  future,  we  plan  to  obtain 
detailed  data  by  conducting  spinning  tests  in  which  data 
will  be  obtained  while  spinning  a  three-axis  motion  table 
and  by  conducting  field  tests,  etc.,  through  which  actual 
images  of  stars  and  the  moon  will  be  obtained. 
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Figure  4.  Example  of  Obtained  Data 
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5.  Postface 

This  device  has  been  subjected  to  vibration  and  impact 
tests  and  is  being  subjected  to  further  detailed  perfor¬ 
mance  tests  so  that  it  can  be  mounted  on  the  MUSES-A 
before  its  flight.  We  acknowledge  our  appreciation  to  the 
staff  members  concerned  at  Matsushita  Research  Insti¬ 
tute  Tokyo,  Inc.,  and  Mitaka  Koki  Co.,  Ltd.,  for  their 
cooperation  in  respect  to  manufacturing  the  device. 

Accurate  Earth  Sensor  Research  Model  Developed 

43062505h  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88,  No  IDS, 
pp  I20-I2I 

[Article  by  Fumio  Takahashi,  Toshihiro  Kuril  and  Kenji 
Hiraishi  of  NEC  Corporation;  Norio  Kimura  and  Kunio 
Nakamura  of  Matsushita  Research  Institute  Tokyo,  Inc.; 
Yasushi  Wakabayashi  and  Hiroyuki  Nakamura  of  the 
National  Space  Development  Agency  of  Japan] 

[Text]  1.  Introduction 

We  have  manufactured  and  evaluated  an  accurate  earth 
sensor  research  model  (BBM,  shown  in  Figure  1  [not 
reproduced])  which  is  being  developed  as  a  main  attitude 
sensor  for  the  earth-oriented  three-axis  stable  missile. 
The  following  outlines  the  results  of  our  evaluations  and 
tests  of  the  BBM. 


2.  Outline  of  Accurate  Earth  Sensor 

The  accurate  earth  sensor  is  a  scan-through  type  which 
detects  roll  and  pitch  attitude  angles  by  scanning  two 
instantaneous  fields  of  view  [IFOV]s  of  the  earth,  sepa¬ 
rated  by  7.64°,  in  the  east  and  west  directions.  This 
sensor  has  been  designed  based  on  the  specifications 
shown  in  Table  1. 


Table  1. 

Main  Specifications 


Type 

Scan-through  system 

Detection  element 

Lead  titanate  pyroelectric  element 

Wave  band 

1 4  to  16  ^m 

Scanning  system 

Mirror  vibrating  system 

Data  updating  cycle 

125  ms 

Exterior  dimensions 

122  X  164  X  125  mm^ 

(except  for  lube) 

Weight 

Approx.  2  kg 

Power  consumption 

Approx  5  W 

Designed  life 

10  years  in  orbit 

Attitude  angle  detecting  accuracy 

0.03° 

Figure  2  shows  the  functional  block  configuration  of  the 
accurate  earth  sensor  broadly  consisting  of  a  vibration 
mechanism  system,  infrared  photoelectric  system,  elec¬ 
tronic  circuit  systemand  power  source  circuit  system. 


Figure  2.  Functional  Block  Configuration 


Key: 

1.  Infrared  optical  package 

2.  Infrared  detector 

3.  Infrared  optical  section 

4.  Analog  signal  processing  section 

5.  Amplifying  converter 

6.  Digital  signal  processing  section 

7.  Attitude  angle  formation  mode  switching 

8.  Infrared  ray 

9.  Vibration  mechanism 

10.  Angle  encoder 

1 1 .  Scan  mechanism 


12.  Encoder  and  digital  section 

1 3.  Driving  control  section 

14.  Mode  control  section 

15.  Signal  conditioner 

16.  Power  source 

1 7.  Telemetry  signal 

18.  Roll/pitch  signal 

19.  Status  signal 

20.  Mode  command 

21.  ON/OFF  command 

22.  BUS  voltage 
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Figure  3.  Roll/Pitch  Transfer  Characteristics  (Geostationary  Altitude) 

Key:  4.  Establishment  of  pitch  angle  =  0° 

1.  Roll  output  5.  Pitch  output 

2.  Roll  input  6.  Pitch  input 

3.  (Establishment  of  motion  table)  7.  Establishment  of  roll  angle  =  0° 


The  vibration  mechanism  system  detects  scan  mirror 
supporting  and  rotating  angles,  the  infrared  photoelec¬ 
tric  system  converts  and  amplifies  infrared  photoelec¬ 
trons,  the  electronic  circuit  system  processes  roll  and 
pitch  angle  producing  signals  and  carries  out  scan  mirror 
driving  control,  etc.,  and  the  power  source  circuit  system 
supplies  electric  power. 

The  evaluation  and  test  checklist  covers  the  following 
items:  1)  function  and  performance,  2)  environmental 
resistance,  and  3)  reliability.  Items  1)  and  2)  are  evalu¬ 
ated  by  using  the  BBM.  Item  3)  is  checked  using  a 
program  for  developing  parts  prepared  in  parallel  with 
the  development  of  the  BBM.  As  for  the  contents  of  the 
program,  see  References  (1)  and  (2). 

3.  Results  of  Evaluation 

3. 1 .  Functional  and  Performance  Tests 

Figure  3  shows  examples  of  results  of  roll  and  pitch 
transmitting  characteristic  tests.  The  relationship 
between  the  relative  position  of  the  scan  pass  and  earth 
and  the  output  of  the  accurate  earth  sensor  has  been 
confirmed  by  this  figure.  In  addition.  Table  2  presents  an 
example  of  results  of  an  evaluation  of  roll  and  pitch  angle 
detection  accuracy. 


Table  2. 

Results  of  Evaluating  Roll/Pitch  Angle  Detection  Accu¬ 
racy  (Common  Use  of  Test  Results  and  Those  from 
Numerical  Simulation) 


Zero  point  bias  error  (°) 

Random  error  (°-3  a  ordi¬ 
nary  temperature) 

Steady 

Admission 

Steady 

Admission 

mode 

mode 

mode 

mode 

Roll 

0.037 

0.067 

0.023 

0.030 

Pitch 

0.028 

0.079 

0.013 

0.017 

3.2.  Environmental  Resistance  Test 


Table  3  shows  the  level  of  environmental  resistance  tests 
conducted  by  using  the  BBM.  Of  these  tests,  interference 
has  been  partially  recognized  in  an  electromagnetic  com¬ 
patibility  test,  but  it  has  been  confirmed  that  no  prob¬ 
lems  occur  in  other  tests.  In  addition,  an  impact  test, 
conducted  using  a  test  model,  has  confirmed  that  the  test 
model  can  withstand  an  impact  of  610  G  (Q  =  10,  SRS). 


Table  3. 

Environmental  Resistance  Test  Level 


Sine  wave  vibration  lest 

5-30  Go-P 

Random  vibration  test 

22.2  G  rms 

Thermal  vacuum  test 

-30  -  +60°C  (base  plate  temperature) 
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.  Table  3. 

Environmental  Resistance  Test  Level  (Continued) 


Electromagnetic 
compatibility  test 

RS03:  5-20  V/m 

CSOl,  02:  1-3  Vp.p 

Postface 

We  have  introduced  partial  results  of  evaluating  the 
accurate  earth  sensor,  BBM.  In  the  above  trial  manufac¬ 
turing  and  testing  of  the  BBM,  it  has  been  confirmed  that 
the  BBM  possesses  performance  sufficient  for  use  as  a 
main  attitude  sensor  for  future  earth-oriented  three-axis 
stable  missiles.  We  have  finished  manufacturing  an 
experimental  model  [EM],  and  are  currently  conducting 
developmental  tests  with  the  goal  of  applying  the  EM  to 
the  VI  type  engineering  test  satellite  [ETS-VI]. 

References 

1.  “Development  of  Parts  of  Infrared  Photoelectric 
System  for  Accurate  Earth  Sensor,”  Proceedings  of  the 
32nd  Space  Sciences  and  Technology  Conference 

2.  “Development  of  Parts  of  Vibration  Mechanism 
System  for  Accurate  Earth  Sensor,”  Proceedings  of  the 
32nd  Space  Sciences  and  Technology  Conference 

Research,  Development  of  Guidance,  Control 
j^uipment  for  HOPE 
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[Article  by  Shunsuke  Tanaka,  Yoshisada  Takizawa, 
Tomokazu  Sato,  Tatsuji  Izumi  and  Tsunekazu  Kimura 
of  the  National  Space  Development  Agency  of  Japan] 

[Text]  1.  Preface 

The  National  Space  Development  Agency  of  Japan 
[NASDA]  is  conducting  the  research  and  development 
of  guidance  and  control  equipment  as  part  of  its 
research  involving  HOPE,  which  is  an  H- 
Il-rocket-launched-type  of  space  plane.  This  guidance 
and  control  system  consists  of  various  equipment,  and 
is  being  developed  so  that  all  flight  phases,  from  the 
launching  of  the  rocket  to  the  take-off  of  the  space 
plane,  are  unmanned  and  automatic.  The  research  and 
development  of  this  equipment  requires  the  applica¬ 
tion  of  technologies  for  equipment  mounted  on  con¬ 
ventional  rockets,  satellites,  aircraft,  etc.  In  addition, 
the  equipment  involves  many  new  problems.  We  are 
going  to  take  the  first  step  toward  steadily  mastering 
the  fundamental  technologies  for  future  space  planes, 
etc.,  by  utilizing  Japan’s  capabilities  for  developing  the 
equipment  mounted  on  rockets,  satellites,  aircraft,  etc. 
This  paper  describes  the  components  and  configura¬ 
tion  of  guidance  and  control  equipment,  the  status  of 
research  and  development,  and  other  main  subjects. 


2.  Equipment  Components 

As  shown  in  Figure  1,  the  guidance  and  control  equip¬ 
ment  broadly  consists  of  a  guidance  and  control  com¬ 
puter,  navigation  sensor,  control  sensor,  electronic  con¬ 
trol  equipment,  a  data  interface  unit  and  remote- 
controlled  equipment.  Except  for  the  remote-control 
equipment,  all  are  based  on  the  data  bus  (MIL- 
STD-1553B)  interface  and  basically  have  1- 
fail-operative  configurations. 


(I) 


Figure  1.  Guidance  and  Control  Elquipment 

Key: 

1.  Control  sensor 

2.  Navigation  sensor 

3.  Remote-control  equipment 

4.  Electronic  control  equipment 

5.  ADS:  Air  Data  System 

6.  CAR:  C-band  Angle  Receiver 

7.  C-band  Tr:  C-band  Transponder 

8.  DIU:  Data  Interface  Unit 

9.  DME:  Distance  Measuring  Equipment 

10.  E-PKG:  Electronic  Package 

1 1 .  GCC:  Guidance  and  Control  Computer 

12.  GPSR:  Global  Positioning  System  Receiver 

13.  IMU:  Inertial  Measurement  Unit 

14.  LAR:  L-band  Angle  Receiver 

1 5.  OMS:  Orbit  Maneuvering  System 

1 6.  RA:  Radio  Altimeter 

17.  RCS:  Reaction  Control  System 

18.  ST:  Star  Tracker 

19.  TV.TX:  TV  Camera  Transmitter 
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3.  Outline  of  Research  and  Development 

We  have  already  conducted  a  feasibility  study  of  all 
equipment  and  have  investigated  the  main  elements  of 
technical  development,  etc.  The  following  describes  the 
main  functions,  features  and  technical  subjects  of  the 
respective  equipment:  GCC  [Guidance  and  Control 
Computer]:  carries  out  the  navigation,  guidance,  control 
calculations,  data  transmission  control,  system  control, 
redundancy  control,  etc.  The  target  specifications  have 
been  established  based  on  the  guidance  and  control 
system  design  and  a  study  of  the  software.  Subjects 
include  the  high-speed  arithmetic  circuit,  redundant 
interface,  etc.  IMU  [Inertial  Measurement  Unit]:  is  a 
strapped-down  type  of  IMU  based  on  the  IMU  of  the 
H-II  rocket  and  detects  angular  velocity  and  accelera¬ 
tion.  Subjects  include  reducing  the  angular  velocity  noise 
and  acceleration  noise.  GPSR  [Global  Positioning 
System  Receiver]:  is  used  in  the  updated  system  as  a 
high-accuracy  navigation  sensor  when  the  rocket  returns 
to  earth  subsequent  to  a  black-out  in  orbit.  A  TTFF  [time 
to  first  fix]  capability  of  less  than  or  equal  to  1 50  seconds 
will  be  obtained  in  the  future  by  using  a  five  channel 
receiver  corresponding  to  high  maneuverability.  The 
code  tracking  loop  and  coastal  loop  comprise  the  main 
subjects,  ST  [Star  Tracker]:  is  used  to  determine  the 
high-accuracy  attitude  in  orbit,  observes  fixed  stars  in 
the  view  direction  specified  with  a  sensor  employing 
two-dimensional  solid-state  image  elements,  and  outputs 
the  position  vector  of  the  stars.  Optical  systems  and 
centroid  star  identifying  technologies  are  important. 
CAR  [C-band  Angle  Receiver]  and  DME  [Distance  Mea¬ 
suring  Equipment]:  constitute  the  microwave  landing 
system  [MLS],  and  are  used  in  the  updated  system  to 
support  the  landing  phase  navigation.  Pulse  wave  forma¬ 
tion  and  the  differential  phase-shift  keying  [DPSK] 
demodulation  circuit  comprise  the  technical  subjects. 

The  target  specifications  shown  in  Table  1  have  been 
established  and  studies  are  being  conducted  since  it  has 


Table  1.  Target  Specifications  for  Each  Equipment  Item 


Equipment 

Sumnary  of  the  aimed  specification 

GCC 

Processing  Data 

Word  Len.gth 

Performance 

Fixed  point  data  / 
Floating  point  data 
32bit 

more  than  IMIPS 

IMU 

Accuracy  of  rresidual 

An^lar  Velocity  bias  error 
(60da3's,3<J)  ^cale  factor 

error 

Accuracy  of  nr^sidual 

Acceleration  bias  error 

(60days,3<?’)  ‘^cale  factor 

error 

0.096(//g) 

33  (ppm) 

130  (ug) 

150{ppm) 

cpsn 

Pseudo-range  error (3  a) 
Pseudo-range  rate  error(3<r) 
TTFF 

50(  m  ) 
0.25(m/s) 

less  than  i50(sec) 

ST 

Field  of  View 

Sensitivity 
.‘‘Jax  Tracking  rate 

BiasOo.) 

8  X  6 (deg*) 
-2—4  (mag/V) 

0.5  deg/s) 
60(arcsec) 

Distance  Measurement (2o') 

IAM(  1^37km)  fbias  error 
^oise  error 

F.A.M(  0— 12km)  rbias  error 

4ioise  error 

Angle  Measurement ( 2o) 

fbias  error 
^loise  error 

±30(  m  ) 

±15(  m  ) 

±15(  m  ) 

±10(  m  ) 

0,017(deg) 

O.OI  (deg) 

been  deemed  necessary  to  accumulate  technologies 
through  tests  during  the  trial  manufacture  of  the  BBM, 
particularly  at  the  research  and  development  stage  of  the 
above  six  kinds  of  equipment. 

It  is  basically  believed  that  technologies  for  equipment 
mounted  on  rockets  can  be  fully  utilized  in  the  DIU 
[Data  Interface  Unit],  which  functions  as  a  discrete  and 
analog  signal  interface,  the  E-PKG  [electronic  package], 
which  controls  the  respective  actuators,  and  the  C-band 
Tr  [C-band  transponder],  which  is  used  to  measure  the 
distance  from  a  landing  area.  However,  it  is  accepted 
that  there  is  room  for  further  development  of  the  E- 
PKG,  depending  on  the  actuator  system.  It  is  also 
believed  that  technologies  for  equipment  mainly 
mounted  on  aircraft  can  be  fully  utilized  in  the  RA 
[Radio  Altimeter],  which  measures  the  altitude  upon 
landing  time,  the  ADS  [Air  Data  System],  which  ana¬ 
lyzes  data  involving  pneumatic  pressure,  etc. 

4.  Postface 

In  the  future,  we  plan  to  adjust  the  relationship  between 
the  accuracy  required  for  the  guidance  and  control 
system  and  the  equipment  performance,  and  to  contin¬ 
uously  conduct  the  requisite  research  and  development. 
In  addition,  an  important  concern  will  involve  mini¬ 
mizing  the  dimensions,  weight  and  power  consumption, 
which  have  large  impacts  on  the  entire  HOPE  system. 
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[Text]  1.  Preface 

The  National  Space  Development  Agency  of  Japan 
[NASDA]  is  continuing  to  conduct  research  on  HOPE, 
which  is  an  H-II-rocket-launch-type  of  space  plane,  with 
the  intention  of  launching  HOPE  in  the  1990s.  HOPE 
will  be  unmanned,  and  will  be  launched  with  the  H-II 
rocket.  Subsequently,  it  will  carry  out  such  missions  as 
supplying  and  recovering  materials  to  and  from  space 
stations.  After  that,  it  will  change  its  orbit,  exit  the  orbit, 
and  re-enter  the  atmosphere.  After  re-entry,  it  will 
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IMU  Inortlal  MesBurefnent  Unit 
LAn  L-band  Aiitfle  Receiver 
QMS  Orbital  Maneuvering  System 
RA  Radio  Altimeter 
RCS  Reaction  Control  Syatom 

RVD  Rendezvous  end  Docking 

ST  Star  Tracker 
TV'Tx  TV  Camera  Transmitter 
t  common  to  the  IMU  for  Navigation 


Figure  1.  Guidance  and  Control  System  Conflguration  (Except  for  RVD  Phase 


reduce  its  speed  by  means  of  aerodynamic  force,  auto¬ 
matically  reach  a  landing  site,  and  land  horizontally  on 
the  specified  runway.  This  guidance  and  control  system 
is  important  if  the  HOPE  is  to  carry  out  its  missions,  and 
there  are  many  technical  subjects  involved  in  the  devel¬ 
opment  of  this  system. 

This  paper  briefly  describes  the  study  of  the  configura¬ 
tion  and  equipment  of  this  guidance  control  system,  as 
well  as  guidance  and  control  law. 

2.  System  Configuration 

Figure  1  shows  the  system  configuration  currently 
regarded  as  the  base  line. 

This  system  broadly  consists  of  an  automatic  system  and 
a  remote-controlled  system.  With  regard  to  the  base  line, 
the  automatic  system  is  composed  of  a  triplex  redundant 
system  and  is  devised  so  that  it  will  not  lose  its  function 
upon  a  single  failure. 

In  addition  to  the  base  line,  the  duplex  and  single  system 
configurations  are  being  studied.  Basically,  it  is  possible 
to  carry  out  all  missions  by  means  of  the  automatic 
system  alone. 

It  is  also  believed  that  the  remote  control  system  should 
be  backed  up  at  the  landing  phase,  etc. 

The  respective  guidance  and  control-based  equipment 
are  connected  via  the  MIL-STD-1553B,  the  main  guid¬ 
ance  and  control  computer  [GCC].  The  GCC  is  used  to 
navigate,  guide  and  control  HOPE,  to  control  this  data 


bus,  to  manage  the  redundancy  and  to  control  the 
airframe  and  other  systems. 

As  shown  in  Figure  1,  the  equipment  used  in  the  guid¬ 
ance  and  control  system  consists  of  a  navigation  control 
sensor,  control  electronic  equipment,  a  GCC,  and 
remote-control  equipment.  For  details  of  the  equipment, 
see  Reference  (4). 

3.  Navigation,  Guidance  and  Control  System 

The  software  of  the  guidance  and  control  system  gener¬ 
ally  consists  of  navigation,  guidance,  control  and  system 
management.  In  addition,  the  navigation,  guidance  and 
control  are  classified  for  every  flight  phase. 

(1)  Navigation 

Composite  navigation  according  to  the  Karman  filter  is 
used  for  navigation.  As  shown  in  Figure  2,  the  renewal 
sensor  is  switched  according  to  the  flight  phase. 

(2)  Guidance 

Lambert’s  orbit  transferring  method  has  been  adopted  as 
the  orbit  transferring  guidance  system  at  orbital  phases. 

The  closed  form  system  has  been  adopted  for  the  re¬ 
entry  phase.  It  is  a  guidance  system  devised  so  that  the 
re-entry  phase  can  be  classified  into  parts,  with  a  stan¬ 
dard  orbit  provided  for  each  part,  and  HOPE  can  make 
its  flight  along  the  standard  orbit. 
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Figure  2.  Navigation  Support 

Key: 

1.  Phase/equipment 

2.  In  orbit 

3.  De-orbit 


Equiopment  Use  Phase 

4.  Entry  I/F  5.  Blackout 

6.  Approach/landing  I/F 

7.  Ground 

8.  Drag  measuring  altitude 


During  the  TAEM  phase,  potential  and  kinetic  energies 
of  HOPE  are  controlled  so  that  they  conform  to 
approach  and  landing  interface  conditions. 

A  flare  system  that  is  resistant  to  disturbances  is  currently 
being  studied  since,  during  the  landing  phase,  because 
HOPE  does  not  have  a  cruising  engine,  it  is  greatly  affected 
by  the  disturbance  generated  after  the  flare. 

(3)  Control 

The  gas  jet  [RCS]  and  aerodynamic  control  surface  can 
be  cited  as  control  actuators.  The  former  is  mainly  used 
in  orbit,  while  the  latter  is  generally  used  when  HOPE 
returns  to  earth.  The  “bang-bang  control  system,”  in 
accordance  with  the  RCS,  is  used  to  control  the  attitude 
of  HOPE  while  in  orbit. 

Both  the  RCS  and  the  aerodynamic  control  surface  are 
used  during  the  re-entry  phase.  The  ON-OFF  switching 
system  and  the  linear  control  system  are  currently  being 
studied  as  a  combined  system. 

(4)  System  Management 

The  system  management  consists  of  data  transfer,  mode 
control  of  the  equipment,  redundancy  control,  airfram 
system  control,  etc. 

4.  Summary 

We  have  studied  the  basic  functions,  specifications  and 
constitution  of  the  guidance  and  control  system  of 
HOPE.  In  the  future,  we  will  determine  the  system 
configuration,  adjusting  it  with  the  airframe  system. 
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Guidance,  Analysis  of  HOPE  Re-entry 

43062505k  Tokyo  PROCEEDINGS  OF  THE  32ND 
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CONFERENCE  in  Japanese  26-28  Oct  88,  No  IGI5, 
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[Article  by  Shunsuke  Tanaka,  Yoshisada  Takizawa, 
Tomokazu  Sato,  Tatsuji  Izumi  and  Tsunekazu  Kimura 
of  the  National  Space  Development  Agency  of  Japan] 

[Text]  Outline 

The  National  Space  Development  Agency  of  Japan 
[NASDA]  is  currently  conducting  research  on  HOPE 
(H-II  Orbiting  Plane)  as  a  space  transportation  system. 
Some  conditions  involving  the  guidance  of  the  HOPE 
re-entry  phase  are  restricted,  particularly  the  aerody¬ 
namic  heating  conditions  during  the  initial  stage  of  the 
re-entry,  which  are  critical.  The  following  is  a  report  of 
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an  example  of  guidance  and  analysis  of  the  HOPE 
re-entry  phase,  particularly  regarding  the  aerodynamic 
heating  problems. 

1 .  Analysis  of  Guidance  Error 

We  have  analyzed  the  safety  margin  that  should  be 
anticipated  in  satisfying  aerodynamic  heating  conditions 
in  order  to  guide  HOPE  during  the  re-entry  phase.  A 
drag  profile  is  established  during  the  critical  aerody¬ 
namic  heating  phase  so  that  the  aerodynamic  heating 
rate  is  constant  as  a  nominal  orbit,  and  the  aerodynamic 
heating  rate  is  estimated  by  measuring  the  drag  acceler¬ 
ation.  HOPE  is  guided  during  the  re-entry  phase  by  using 
a  closed  form  method,  and  the  aerodynamic  heating 
control  is  carried  out  through  the  control  of  bank  angles 
based  on  the  results  obtained  from  comparing  the  above- 
mentioned  estimate  and  a  preset  value.  The  following 
items  can  be  cited  as  error  factors  involving  the  aerody¬ 
namic  heating  rate  that  are  actually  caused  during  such  a 
control  process:  1)  initial  state  errors  (position  and 
velocity  errors  at  the  re-entry  point),  2)  airframe  charac¬ 
teristic  errors  (errors  caused  by  estimating  the  aerody¬ 
namic  coefficient,  wing  loading,  etc.),  and  3)  environ¬ 
mental  condition  errors  (atmospheric  density  errors, 
etc.).  As  a  result  of  analyzing  the  sensitivity  of  the 
aerodynamic  heating  rate  against  these  error  factors,  it  is 
concluded  that  approximately  1 5  percent  of  the  aerody¬ 
namic  heating  rate  control  level  should  be  estimated  as 
the  safety  margin  rate  against  aerodynamic  heating. 

2.  Theory  of  Control  of  Aerodynamic  Heating  Rate 
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Key: 

1 .  Bank  angle  (cp) 

2.  Aerodynamic  characterists  of  HOPE  (expected) 

3.  Establishment  of  a  =  40°  and  w/s  =  260  kg/m^ 

4.  Air  speed  v 


less.  The  maximum  value  of  the  right  side  is  expressed  by 
(Cl/Cd)  '  X  (the  function  of  F),  and  the  results  of 
simulating  some  aerodynamic  data  and  the  input  angle 
of  attack  were  plotted  to  verify  that  the  maximum  value 
of  cos((p)  is  actually  of  such  a  functional  type.  Figure  2 
shows  the  results.  The  validity  of  the  above  theory  is  thus 
confirmed. 


As  mentioned  above,  aerodynamic  heating  is  controlled 
through  the  control  of  the  bank  angles  and,  in  order  to 
maintain  the  aerodynamic  heating  rate  at  a  constant 
level,  it  is  necessary  to  control  bank  angle  (p  so  that  the 
angle  satisfies  the  following  equation.  This  fact  is  intro¬ 
duced  analytically,  (approximate  expression)  cos((p)  = 
(Cl/Cd)-'  x  [-6.3(C/U)-®  ^  +  F'  x  (1  -  (U^/gr))  x  (C/U)  -* 
(bank  angle  control  law),  where  F  =  ‘/z  Cp  x  (W/S)"'  x 
((QcL  square  root  R)/I^)^C-‘‘ R  is  the  radius  of 
curvature  of  the  stagnation  point,  Qcl  is  the  aerody¬ 
namic  heating  rate  control  level,  and  C  has  a  velocity 
dimension  and  is  expressed  as  C"^  =  (1/6. 3g)  x  (5/ 
(8r))ln(p/po  (r  is  the  geocentric  radius). 

When  the  absolute  value  of  the  right  side  of  the  equation 
exceeds  1,  bank  angle  solutions  satisfying  the  equation 
will  not  exist.  This  fact  introduces  the  limits  of  the 
aerodynamic  heating  rate  control.  Also,  it  can  be  appre¬ 
ciated  that  the  minimum  value  of  bank  angle  <p  can  be 
regarded  as  a  scale  for  the  severity  of  the  aerodynamic 
heating  restrictions.  Figure  1  shows  a  profile  simulation 
of  the  bank  angle  following  the  re-entry  of  HOPE.  The 
control  limit  is  shown  by  the  curve  in  which  bank  angle 
<p  has  reached  0°. 

3.  Limits  of  Aerodynamic  Heating  Rate  Control 

From  the  above  theory,  the  control  limits  of  the  aerody¬ 
namic  heating  rate  can  be  expressed  by  the  fact  that  the 
maximum  value  of  the  right  side  of  the  equation  is  1  or 


Figure  2. 

Key: 

1.  Establishment  of  simulation 

2.  (constant) 

3.  Aerodynamic  characteristics  (upper  stage  =  STS,  and 
lower  stage  =  7^  HOPE  lateral) 

4.  7*  HOPE  lateral  DATA  ...(.) 

5.  Experimental  simulation  formula 
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4.  Aerodynamic  Heating  Restrictions  Against  Design  of 
HOPE 

The  current  thought  is  that  when  HOPE  is  designed,  the 
leading  edge  of  the  main  wing  must  undergo  the  most 
severe  aerodynamic  heating  conditions.  Integrating  the 
temperature  restrictions  of  the  structural  members  and 
the  above-mentioned  aerodynamic  heating  rate  control¬ 
lable  conditions,  the  following  expression  can  be 
obtained  as  a  restrictive  condition  for  designing  HOPE: 
K,(W/SX(l-a  X  (CL/CoVd+b  x  (Cl/Cd)))  x  Co'^is  equal 
to  or  less  than  [((square  root  of  2Re)eaTc'‘)/(1000  x 
Ti(a)(l+MS))]^,  where  a,  b  and  K  are  positive  constants, 
Tl(a)  is  a  function  of  the  effective  sweepback  angle  (A^)  of 
the  main  wing  (sin  (A^)  =  sin  (A)  x  cos  (a)),  e  is  a  heat 
radiation  coefficient  (it  is  estimated  that  most  of  the  heat 
dissipation  is  caused  by  heat  radiation),  and  MS  is  the 
safety  margin  rate. 

C/C  materials  have  been  proposed  for  use  in  the  nose  and 
leading  edge  of  the  main  wing  of  HOPE.  C/C  materials  are 
currently  being  developed,  and  it  is  estimated  that  the  upper 
temperature  limit  (Tj)  will  be  about  1,700°C.  As  an 
example.  Figure  3  presents  a  graph  of  the  above-mentioned 
design  restrictions  with  respect  to  wing  loading.  In  the 
future,  we  will  optimize  the  design  parameters  while  refer¬ 
ring  to  the  above  analytical  results. 


Key: 

1.  (15  percent  margin  heating  rate) 

2.  W/S  upper  limit  (e  =  0.77) 

3.  W/S  upper  limit  (e  =  0.88) 

4.  Wing  loading 


References 

1.  Harpard,  J.C.,  Graves,  C.A.  Jr.,  “Space  Shuttle  Entry 
Guidance,”  AAS-78-147 


Concept  of  Space  Power  Reactor  as  Extension  of 
FBR  Technologies 
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pp  222-223 


[Article  by  Kazuo  Haga  and  Hisashi  Nakamura  of  the 
Power  Reactor  and  Nuclear  Fuel  Development  Corpo¬ 
ration] 

[Text]  1.  Preface 

The  following  items  can  be  cited  as  conditions  involving 
the  large-scale  supply  of  energy  sources  in  space:  1)  it  is 
not  necessary  to  supply  fuel  to  space  at  all  times,  2) 
oxygen  is  not  necessary  in  space,  3)  space  does  not 
depend  on  the  sun  and  4)  radioactive  resistance  is  high. 

It  may  be  safely  said  that  the  nuclear  reactor  is  the  energy 
supply  means  that  meets  these  conditions  and,  therefore, 
it  is  regarded  as  a  technology  indispensable  for  future 
space  development.  Of  the  various  nuclear  reactors, 
lightweight,  compact  and  long-life  nuclear  reactors  are 
required  for  this  future  space  development.  Of  the  reac¬ 
tors  that  have  already  been  constructed  and  operated  on 
the  ground,  the  liquid  metal-cooled  fast  breeder  reactor 
[FBR]  best  satisfies  the  above-mentioned  conditions. 
This  is  due  to  the  following  reasons:  1)  the  liquid 
metal-cooled  FBR  does  not  require  any  moderators,  but 
instead  requires  only  a  reactor  with  little  high-density 
output  since  fast  neutrons  generated  just  after  nuclear 
fission  are  used  in  the  following  nuclear  reaction,  2)  the 
liquid  metal-cooled  FBR  can  be  constructed  as  a  com¬ 
pact  system  since  the  liquid  metal  used  in  this  system  has 
excellent  properties  as  a  heat  transfer  working  fluid  with 
high  thermal  conductivity  and  a  high  saturation  temper¬ 
ature,  and  3)  stable  output  over  a  long  period  of  time  can 
be  obtained  without  replacing  any  of  the  fuel  because  the 
reactivity  change  caused  by  combustion  is  small. 

Accordingly,  when  studying  space  power  reactors  on  the 
basis  of  current  FBR  technologies,  we  will  determine  to 
what  extent  the  demonstrated  technologies  have  been 
realized  and  what  subjects  remain  to  be  explored. 

2.  Difference  Between  Nuclear  Reactor  Installation 
Environments  on  Ground  and  in  Space 

An  FBR  employing  liquid  sodium  as  the  coolant  has  been 
developed  over  the  past  30  years  and,  in  late  1 986  in  France, 
a  demonstration  reactor,  the  “Super  Phenix,”  with  an 
electric  output  of  approximately  1,242  MW,  was  put  into 
operation  at  the  rated  output.  The  nuclear  reactor  design, 
control  and  technologies  for  handling  liquid  metal,  etc., 
used  in  FBRs  can  be  applied,  without  any  changes,  to  space 
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power  reactor  systems,  but  it  will  be  necessary  to  cope  with 
the  many  new  matters  caused  by  the  differences  between  the 
nuclear  reactor  installation  environments.  Table  1  shows 
the  influences  of  the  above  differences  on  the  design  and 
operation  of  systems. 


Table  1. 

Influence  of  Environment  on  Specifications 
of  Nuclear  Reactors 


Item 

Ground 

Space 

Weight  snd 
size 

Unrestricted 

Very  lightweight  and 
compact 

Waste  heat 
treatment 

Heat  transfer  to  water 
and  air 

Only  radiation  to  space 

Plant 

temperature 

Rankine  cycle  (Water  is 
used  in  the  generating 
system  because  the  heat 
transfer  releases  a  large 
amount  of  heat.)  A 
steam  temperature  of 
483°C  is  used  in  Monju. 
The  outlet  temperature 
of  nuclear  reactors  is 

500-5 50°C,  while  that 
of  Monju  is  529°C. 

The  outlet  temperature 
of  nuclear  reactors 
should  be  increased  as 
much  as  possible,  going 
back  to  the  fluid  tem¬ 
perature  of  generation 
systems,  in  order  to 
increase  the  efficiency 
of  heat  release  caused 
by  radiation. 

Effect  of 
gravity 

Natural  circulation 
power  is  used 

Unusable  in  orbit 

Maintenance 
and  control 

It  is  relatively  easy  to 
access  plants.  Plants  can 
be  monitored  and  oper¬ 
ated  at  all  times  by 
humans. 

It  is  difficult  to  access 
plants.  Strong  demand 
that  human  monitoring 
and  operation  be  mini¬ 
mized. 

Fuel 

replacement 

Generally  replaced 
every  2-3  years 

Fuel  should  not  have  to 
be  replaced  for  10-30 
years. 

Aseismatic 

design 

Necessary 

Not  necessary 

3.  Concept  of  Space  Power  Reactor 

When  the  space  power  reactor  system  is  studied  by  devel¬ 
oping  current  FBR  technologies,  the  following  matters  can 
be  cited:  Reactor  core:  (thermal  output  is  1 0  MW)  Capacity 
is  20  liters,  and  fuel  is  uranium  nitride.  Primary  system: 
Working  fuel  is  liquid  metal  lithium,  reactor  core  outlet 
temperature  is  approximately  1,000K,  the  difference 
between  the  reactor  core  outlet  temperature  and  reactor  core 
inlet  temperature  is  about  150K.,  and  electromagnetic 
pumps  are  used  in  the  primary  system.  Secondary  system 
and  power  generating  system:  Rankine  cycle  electromag¬ 
netic  pumps  with  potassium  are  used  in  these  systems,  and 
the  power  generating  efficiency  is  about  35  percent.  Waste 
heat  treatment:  Radiation  radiator  using  a  heat  pipe,  or 
liquid-drop  radiation-type  system.  Control  system:  Self¬ 
working-type  control  rod.  System  control:  Autonomous  dis¬ 
persion  control  system  with  failure  resistance  and  function 
persistence,  to  which  importance  is  attached. 

4.  Conditions  Necessary  for  Space  Power  Reactors  and 
Applicability  of  FBR  Technologies 

Table  2  compares  the  levels  required  by  each  technical 
field  for  space  power  reactor  systems  and  those  of  the 


current  technologies  in  relation  to  the  development  of 
FBRs.  This  table  indicates  that  the  current  levels  are 
almost  satisfactory  in  heat  transferring  technologies  and 
fuel  development  capacities.  Carbide  and  nitride  fuels 


Table  2.  Current  Status  and  Level  Required  by  Each 
Elemental  Technology  in  Space  Power  Reactor  System 
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Key: 

1.  Technical  field 

2.  Reactor  core  fuel 

3.  Shield 

4.  Heat  control 

5.  Energy  conversion 
and  transportation 

6.  System  control 

7.  Structural  material 

8.  Vibration 

9.  Required  level 

10.  Temperature  of  clad¬ 
ding  materials: 
approx.  1,000°C 

1 1 .  Long  working  life  (up 
to  30  years) 

12.  Manufacturing  of 
fuel  (development 
capability) 

13.  Lightweight 

14.  Waste  heat:  Radiator 

1 5.  Heat  reserve:  Phase 
change 

16.  Thermal  transporta¬ 
tion:  Liquid  metal 

1 7.  Direct  conversion 
(thermocouple  and 
thermal  electron) 


18.  Heat  engine 

19.  Microwave  and  laser 

20.  Autonomous  control 
(artificial  intelligence) 

21.  Lightweight  and  high 
temperature  structure 

22.  Flexible  structure  (attenu¬ 
ation  and  earthquake  iso¬ 
lation) 

23.  Current  Status 

24.  Barely  started 

25.  Development  started,  but 
insufficient 

26.  Nearly  sufficient 

27.  Sufficient 

28.  Approx.  700°C 

29.  Heavy  concrete 

30.  Heat  transfer 

31.  Laser  beam  machining 
technology 

32.  Nuclear  reactor  diag¬ 
nostic  system 

33.  High  temperature  struc¬ 
tural  design 

34.  Earthquake  isolation 
structure 
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are  scheduled  for  development  in  the  future.  They  will  be 
regarded  as  fuels  with  satisfactory  specifications  for  use 
in  high  temperature  environments.  Many  technologies 
will  be  obtained  from  the  FBR  technologies  currently 
being  developed  in  other  fields. 

5.  Postface 

We  have  studied  the  concept  of  space  power  reactors 
based  on  the  accumulated  FBR  technologies.  We  have 
made  a  comparison  between  the  current  technical  level 
and  the  technical  level  required  for  space  power  reactor 
systems,  and  have  confirmed  which  technologies  can  be 
used  in  the  space  power  reactor  systems  without  making 
any  changes  and  which  ones  will  have  to  be  further 
developed. 

Some  of  the  technical  fields  involving  space  power 
reactor  systems  are  not  included  in  the  developmental 
items  comprising  the  current  FBR  technologies,  but  will 
be  handled  as  part  of  the  development  of  fundamental 
technologies  from  the  standpoint  of  further  increasing 
the  safety  of  FBRs  and  diversifying  their  use. 


Control  of  Space  Manipulator  Used  to  Recover 
Satellites 

43062505m  Tokyo  PROCEEDINGS  OF  THE  32ND 
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CONFERENCE  in  Japanese  26-28  Oct  88,  No  2A1, 
pp  250-251 


[Article  by  Keiken  Ninomiya,  Ichiro  Nakatani, 
Junichiro  I^waguchi  and  Koichi  Harima  of  the  Institute 
of  Space  and  Astronautical  Science] 

[Text]  1.  Preface 

The  Institute  of  Space  and  Astronautical  Science  [ISAS] 
is  studying  an  autonomous  satellite  recovery  experiment 
using  a  space  flyer  unit  [SFU].  This  report  proposes  a 
method  for  controlling  a  manipulator  and  automatically 
recovering  satellites,  and  demonstrates  the  validity  of 
this  method  by  means  of  simulations. 

2.  Control  Law^'*-^^* 

The  following  is  an  equation  which  expresses  the  move¬ 
ment  of  the  manipulator  in  space.  The  report  indicates 
that  the  degree  of  freedom  of  the  manipulator  is  7. 

^r  =  ^je  +  ^S^q(l) 

where,  r  is  the  position  of  the  end  effector,  vector  (6x1), 
which  expresses  the  attitude;  J  is  the  Jacobian  matrix  (6 
X  7)  in  space,  used  in  consideration  of  the  reaction  to 
which  the  SFU  is  subjected;  0  stands  for  each  joint 
angular  velocity  vector  (7  x  1);  S  is  the  mass  of  the  system 
consisting  of  a  SFU  and  manipulator  [system],  with 
matrix  (6  x  6)  consisting  of  the  moment  of  inertia;  and  q 
is  the  momentum  of  the  system,  with  the  vector  (6x1) 
expressing  angular  momentum. 


In  addition,  the  A  to  the  upper  left  of  the  symbols 
indicates  an  inertial  coordinate  system,  while  an  E  at 
that  position  would  indicate  an  end  effector  coordinate 
system.  Let  the  target  value  of  the  moment  of  the  end 
effector  denote  the  following  ^r<j: 

^  =  ^rT-  +  Kp(^rT-  -  ^r)  (2) 

where,  r^  is  the  position  of  capture  of  a  target  satellite 
[TS]  which  should  be  recovered,  with  vector  (6x1) 
expressing  attitude;  and  Kp  is  the  gain  matrix  (6  x  6). 

As  shown  in  the  following  equation,  the  only  joint 
angular  velocity  of  the  manipulator  is  controlled  without 
controlling  the  SFU  proper. 

Od  =  +  Kp(^rT-  -  ^R)  -  ^S^q]  (3) 

where,  0^  is  the  target  joint  angular  velocity  vector  (7  x 
1);  and  ''J*  is  the  affine  inverse  matrix  (7  x  6)  found  so 
that  the  sum  of  the  squares  of  each  joint  angular  velocity 
is  minimal. 

The  error  vector  A0  (7  x  1)  is  shown  below: 

A0  =  0  -  0^  =  ^J-[^r  -  ^S^q]  -  ^jn^rT-  +  Kp(^rT  -  ^r)  - 
^S^q]  =  ^J"[^r  -  ^rT-  +  Kp(^r  -  ^r^]  (4) 

Using  the  transformation  matrix  T  (6  x  6)  defined  by  ^r 
-  T(^r  -  ^e),  and  the  position  vector  (6  x  1)  of  the  A 
coordinate  system  origin  expressed  in  the  E  coordinate 
system,  equation  (4)  can  be  expressed  using  the  following 
end  effector  coordinate  system: 

A0  =  ^J-"[^r  -  ^rT  +  (T-'T  +  T-'KpT)(®r  -  %)]  (5) 

where,  T''T  is  expressed  only  with  the  angular  velocity  of 
the  E  coordinate  system.  Assuming  0  (7  x  1)  in  the 
following  equation,  the  control  torque  is  calculated  by 
using  the  Newton-Euler  law,  and  the  results  obtained 
from  the  calculation  is  impressed  on  each  joint. 

0  =  -K^0  (6) 

where,  Kv  is  the  gain  matrix  (7  x  7). 

3.  Results  of  Simulation 

Simulations  were  carried  out  to  confirm  the  validity  of  the 
above  control  law.  Figure  1  shows  the  results  when  the 
angular  momentum  of  the  system  is  zero  and  the  manip¬ 
ulator  is  moved  slowly,  and  also  shows  an  example 
enabling  the  TS  to  be  captured  by  means  of  the  above 
control  law.  In  addition,  suppose  it  is  possible  to  measure 
the  attitude,  relative  position  of  the  end  effector  and  the 
TS  necessary  for  the  control.  Data  used  for  the  simulations 
are  as  follows:  1)  The  SFU  has  a  diameter  of  3  meters,  2) 
it  is  cylindrical  and  has  a  height  of  2  meters  and  a  mass  of 
1  ton,  3)  the  manipulator  has  an  elongation  of  5.6  meters 
and  4)  the  overall  mass  is  1 50  kg.  The  TS  capture  occurs  1 
meter  ahead  of  its  center  of  gravity,  and  rotates  at  an 
angular  velocity  of  approximately  1  rpm  around  the 
angular  momentum  vector.  Also,  the  relative  distance 
between  the  end  effector  and  the  TS  capture  is  2.5  meters 
at  the  start  of  the  movement  of  the  manipulator. 
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Figure  1.  When  Angular  Momentum  of  System  Is  Zero 


4.  Summary 

This  report  describes  a  method  of  controlling  the  sole 
joint  angular  velocity  without  controlling  the  SFXJ,  in 
consideration  of  the  capture  of  satellites  by  means  of  a 
manipulator  mounted  on  the  SFU.  This  method  is 
characterized  by  the  following  points:  1)  it  is  not 
necessary  to  take  the  angular  momentum  of  the  system 
into  consideration,  and  2)  satellites  can  be  controlled 
solely  with  the  relative  value  obtained  from  the  TS  and 
the  end  effector  by  changing  equation  (5)  to  K^,  =  diag 
(K,  K).  Figure  2  shows  the  results  obtained  by 

applying  this  control  law  to  the  case  when  the  system 
has  an  angular  momentum  rotating  at  approximately  1 
rpm  in  the  same  direction  as  that  of  the  TS  at  the  start 
of  operation  of  the  manipulator.  Compared  with  the 
results  shown  in  Figure  1,  those  shown  in  Figure  2 
indicate  a  smooth  capture  process.  In  the  future,  we 
plan  to  study  a  method  for  use  with  controlling  the 
attitudes  of  the  SFU. 


Figure  2.  When  System  Has  Angular  Momentum 
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[Text]  1.  Preface 

Vision  is  important  for  robots  since,  through  it,  a  large 
amount  of  information  regarding  environments  can  be 
obtained.  However,  such  a  large  amount  of  information 
must  be  processed  efficiently.  The  Institute  of  Space  and 
Astronautical  Science  [ISAS]  is  studying  an  experiment 
whereby  passive  target  satellites  are  captured  and  recov¬ 
ered  autonomously  with  a  manipulator  mounted  on  the 
space  flyer  unit  [SFU].“^  Laser  radar  equipment  will  be 
used  with  the  vision  to  perform  this  experiment,  and 
such  vision  will  be  regarded  as  an  important  means  of 
obtaining  information  on  target  satellites.  The  authors, 
et  al.,  have  studied  a  method  of  determining  the  position 
and  attitude  from  the  pattern  images  of  a  comer  cube 
reflector  [CCR]  installed  four  at  a  time  on  each  face  of  a 
target  satellite  with  a  nearly  cubic  shape  as  a  means  of 
processing  the  visual  information  that  will  be  used  to 
analyze  the  rotation  and  translation  of  the  target 
satellite.^^’  This  method  is  promising  for  the  rendezvous 
phase  since  the  burden  imposed  on  the  image  processing 
is  small,  but  during  the  capture  phase,  the  method 
involves  the  following  problems:  1 )  when  the  CCR  hides 
behind  the  manipulator,  it  cannot  be  identified,  and  2) 
the  error  of  the  information  on  depth  is  large.  This  paper 
proposes  a  new  method  for  processing  visual  informa¬ 
tion  taking  into  consideration  its  use  during  the  capture 
phase,  and  briefly  describes  the  current  status  of  this 
study. 

2.  Vision  and  Capture  Operation  in  Satellite  Recovery 
Experiment 

The  principal  axis  of  the  maximum  inertia  of  the  target 
satellite  is  equipped  with  a  capture  bar  marked  with 
stripes  (as  the  interval  approaches  the  center  of  the 
capture,  the  closer  it  is).  In  addition,  seals  with  high 
reflecting  efficiency  are  attached  to  the  edges  of  two  faces 
equipped  with  capture  bars  so  that  the  edges  of  the  target 
satellite  proper  can  be  detected  readily.  The  edges  (quad¬ 
rangles)  are  recognized  by  a  camera  installed  on  the  SFU 
proper,  and  the  position  and  attitude  of  the  target 
satellite  are  calculated.  An  end  effector  is  brought  closer 
to  the  center  of  the  capture  bar  by  elongating  the 
manipulator  based  on  the  information  obtained  from  the 
above  calculation.  At  this  time,  stripes  marked  on  the 
capture  bar  are  detected  using  a  camera  installed  on  top 
of  the  manipulator,  and  the  capture  is  conducted  while 
correcting  errors  in  the  depth  direction,  which  is 
included  in  the  information  obtained  from  the  camera 
installed  on  the  SFU  proper.*^*  (See  Figure  1.) 
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Figure  1.  Conceptual  Drawing  of  Satellite  Recovery 
Key:  1.  Camera  2.  Target  satellite 


3.  Detection  of  Position  and  Attitude  from  Visual  Infor¬ 
mation 

A  coordinate  with  four  vertices  is  necessary  for  indenti- 
fying  quadrangles,  but  it  is  difficult  to  find  the  vertices 
directly  from  images.  Accordingly,  an  intersection  point 
obtained  by  finding  four  straight  lines  is  calculated.  As 
shown  in  Figure  2,  screens  are  divided  into  n  x  n  (the 
figure  shows  4  x  4),  and  the  straight  lines  are  found  and 
extracted  within  each  small  screen  by  using  a  method  of 
least  squares.  Even  if  the  straight  lines  are  broken  or 
vertices  project  from  the  screen,  it  is  possible  to  identify 
quadrangles  by  using  this  method. 

□  a  « fill  Hi 


^  V'  2. 


expressed  with  three  degrees  of  freedom,  and  informa¬ 
tion  on  the  phase  of  rotation  around  the  capture  bar  is 
not  taken  into  consideration  since  it  is  not  required  for 
the  capture  itself.  Figure  3  shows  an  example  of  an  error 
obtained  from  simulations.  The  time  required  to  process 
a  screen  was  approximately  0.5  second.  (The  CPU  was 
the  MC68020  +  MC6888 1.) 

5.  Summary 


Figure  2.  Recognition  of  Quadrangle  of  Screen  Division 
Key: 

1 .  Possible  to  extract  straight  line 

2.  Dispersion  is  large 


The  position  and  attitude  of  the  target  satellite  in  three- 
dimensional  space  are  found  by  using  a  coordinate  with 
intersection  points  between  diagonal  lines  and  four  ver¬ 
tices  of  a  quadrangle  obtained  through  the  above- 
mentioned  method,  and  by  using  the  double  ratio  the¬ 
orem  of  projective  geometry. 

4.  Simulation 

Simulations  were  carried  out  to  confirm  the  operation  of 
the  above-mentioned  method  of  identifying  the  position 
and  attitude  and  to  investigate  detection  errors.  The 
target  satellite  executes  a  tumbling  motion  based  on 
Euler’s  equation  of  motion,  and  the  estimated  parame¬ 
ters  are  as  follows:  1)  coordinate  of  center  of  mass  of 
target  satellite,  2)  angle  0  formed  by  the  principal  axis  of 
maximum  inertia  and  the  angular  momentum  vector, 
and  3)  \|r,  which  expresses  the  rotation  around  the 
angular  momentum  vector.  The  attitude  was  originally 


The  result  of  simulations  indicates  that  the  position  is 
found  at  the  required  accuracy  since  simple  filtering  is 
conducted,  but  many  errors  occur  when  the  attitude  is 
determined.  We  are  studying  the  filtering  of  attitude 
angles  in  order  to  increase  the  extraction  accuracy.  We 
intend  to  establish  a  method  to  process  the  images 
obtained  from  a  camera  installed  on  top  of  the  manipu¬ 
lator  and  to  verify  this  method  through  experimentation. 
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[Text]  1.  Preface 

Space  station-related  research  is  mainly  being  conducted 
by  the  National  Aeronautics  and  Space  Administration 
[NASA],  and  this  space  station  will  initially  operate  in 
1992.  Thanks  to  this  research,  it  will  become  possible  for 
humans  to  observe  phenomena  in  space  and  to  perform 
experiments  in  space  that  have  previously  been  impos¬ 
sible.  However,  automation  technologies  will  become 
increasingly  important  in  proportion  to  the  expansion  of 
advances  in  space  and  the  complexity  of  the  systems  that 
must  be  handled  by  humans.  The  space  manipulator  is 
one  automation  technology  that  will  lighten  the  work 
burden  imposed  on  crewmen  and  will  support  and 
expatld  the  working  capabilities.  It  will  be  widely  used  to 
assemble  large  structures,  supply  materials,  repair  and 
replace  malfunctioning  parts  and  to  remove  meteorites 
and  debris  from  the  periphep'  of  the  space  station.  In 
other  words,  it  is  of  high  utility  value. 

Japan  is  currently  performing  physical  experiments  in 
space,  and  is  developing  an  SFXJ  [space  flyer  unit]  to 
perform  some  technical  experiments.  Study  is  being 
conducted  on  a  simulation  satellite  recovery  experiment 
using  an  autonomous  manipulator  as  one  of  the  technical 
experiments.  Research  on  a  space  manipulator  has  been 
conducted  experimentally  based  on  the  above  experi¬ 
ment. 

When  a  manipulator  is  operated  in  space,  it  is  charac¬ 
terized  by  the  fact  that  the  base  is  not  fixed.  Therefore,  in 
order  to  conduct  experiments  on  the  ground,  it  is  neces¬ 
sary  to  construct  a  simulator  that  changes  the  attitude 
and  relative  distance  between  the  base  and  target  in 
accordance  with  the  reaction  of  the  arms.  According  to 
the  previous  report,  the  mass  of  an  actual  manipulator  is 
approximately  5  percent  of  the  total  weight  of  the  SFU. 
A  simulation  of  the  rotation  of  the  base,  generated  by 
means  of  the  inertia  of  the  arms,  has  been  conducted 
independent  of  the  translation  of  the  base.^”  This  report 
describes  the  results  of  simulations  in  which  translation 
is  studied  by  using  a  device  constructed  by  adding  a 
simulator  system  to  a  previously-fabricated  space 
manipulator  system. 

2.  Space  Manipulator  System^ 

The  following  is  a  brief  outline  of  the  space  manipulator 
system.  The  system  used  in  this  experiment  consists  of  a 
manipulator  equipped  with  a  video  camera  as  an 
external  sensor.  This  manipulator  has  four  degrees  of 


freedom.  The  basic  expression  used  to  move  arms  con¬ 
sists  of  an  expression  which  shows  the  geometric  rela¬ 
tionship  among  the  arms  and  an  expression  of  conserva¬ 
tion  of  momentum  and  angular  momentum,  and  is 
formulated  as  shown  in  equation  (1).  The  formulation  is 
carried  out  by  giving  a  degree  of  freedom  to  the  basic 
expression  as  a  Jacobian  matrix  of  a  manipulator  with 
three  degrees  of  freedom  around  the  position.  The 
system  is  fed  back  and  controlled  so  that  the  relative 
position  between  the  end  effector  and  the  target  obtained 
from  the  visual  sensor  is  zero.  (See  Figure  1 .) 

8r  =  J5e(l) 

where,  J  is  the  formulated  Jacobian  matrix,  and  0  =  (0], 

02>  ®3>  ®4)- 
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Figure  1.  Example  of  Control  Law  Used  in  Experiment 


3.  Simulator  System 

Agravity,  the  gravity  gradient  torque  of  earth,  solar  wind, 
etc.,  can  be  regarded  as  factors  which  affect  the  manip¬ 
ulator  in  space  environments  in  the  vicinity  of  earth 
from  the  dynamic  standpoint.  Here,  the  influence  of 
agravity  on  the  manipulator  is  discussed.  Methods  of 
realizing  a  gravity-free  state  on  the  ground  can  be 
broadly  classified  into  two  types.*^^  One  involves  physi¬ 
cally  realizing  the  gravity-free  state,  while  the  other 
utilizes  software.  The  latter  method  has  been  adopted  for 
this  research  since  it  not  only  enables  a  gravity-free  state 
to  be  realized  comparatively  easily,  but  it  also  makes  it 
possible  to  realize  a  state  quite  close  to  that  of  actual 
space  environments  by  taking  other  influences  into  con¬ 
sideration  by  means  of  software. 

Figure  2  shows  the  simulator  used  in  this  research.  This 
device  is  used  to  realize  the  fluctuation  of  the  relative 
position  between  the  base  and  target  by  moving  the 
target  side.  This  fluctuation  is  generated  by  the  fluctua¬ 
tion  of  the  base  (manipulator  side).  In  other  words,  an 
observer  watches  the  movement  by  regarding  the  base- 
fixed  coordinate  system  as  a  visual  point.  In  addition,  it 
is  not  necessary  to  take  the  change  in  the  relative  attitude 
between  the  target  and  base  into  consideration  because 
the  target  is  regarded  as  a  mass  point.  The  target  can  be 
moved  three-dimensionally  around  the  position  by  using 
a  combination  of  three  linear  m.oving  actuators  in  the 
mutually  orthogonal  direction. 

The  computer  at  the  manipulator  control  side  transmits 
data  on  joint  driving  angles  to  the  simulator  side.  The 
simulator  calculates  the  fluctuation  of  the  base  based  on 
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Figure  2.  Block  Flow  Diagram  of  Ground  Simulator  System 


1 .  Ground  simulator  software 

2.  Space  simulator  software 

3.  CCD  camera 

4.  Manipulator 

5.  Target 

6.  Microcomputer 


7.  Data  communications 

8.  Parallel  interface 

9.  Image  interface 

10.  Drive  unit  11.  Signal  cable 

1 2.  Serial  interface 

13.  1 A  multi-controller 


the  data,  and  drives  the  target  only  while  changing  the 
relative  position  between  the  target  and  base  which  is 
generated  by  the  translation  and  rotation  of  the  base. 
When  the  target  moves  relatively  against  the  base,  the 
simulator  drives  the  target  for  the  change,  to  which  the 
fluctuation  generated  by  the  movement  is  added. 

4.  Experimental  Method 

According  to  the  references,^"**’^’’  the  manipulator 
mounted  on  the  SFU  has  a  reach  of  5.6  meters  and  a 
weight  of  1 50  kg.  The  total  weight  of  the  fully-equipped 
SFU  is  about  3  tons.  On  the  other  hand,  the  reach  of 
the  manipulator  used  in  the  experiment  is  595  mm, 
almost  one-tenth  that  of  an  actual  manipulator.  There¬ 
fore,  the  manipulator  was  used  as  a  one-tenth-scale 
simulator  in  the  experiment,  and  target  capture  was 
simulated  for  some  cases. 

5.  Summary 

A  target  in  space  can  be  captured  autonomously  by 
using  a  manipulator.  This  concept  is  new  and  unprec¬ 
edented.  For  this  reason,  many  problems  must  be 
solved  and  confirmed.  The  manipulator  and  target 
used  in  this  experiment  have  smaller  degrees  of 
freedom  than  the  actual  one  will,  but  the  authors 
believe  that  they  constitute  an  effective  means  of 
extracting  essential  parts  of  the  solutions.  In  the  future, 
we  intend  to  increase  the  degrees  of  freedom  of  the 
manipulator  and  target,  to  reduce  the  remaining  prob¬ 
lems,  and  to  solve  them. 
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[Text]  It  is  generally  thought  that  the  moon  has  already 
been  explored  sufficiently  by  the  Apollo  project,  but 
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actually,  only  a  small  number  of  landing  points  have 
been  found  and  only  a  very  few  places  explored,  mainly 
in  the  vicinity  of  what  planetary  science  refers  to  as  the 
moon’s  equator. 

Twenty  years  have  passed  since  the  Apollo  Age.  Japan 
currently  has  the  capability  to  explore  the  moon  scien¬ 
tifically.  It  is  now  thought  necessary  to  study  how  this 
exploration  should  be  promoted.  Several  years  ago,  the 
Institute  of  Space  and  Astronautical  Science  [ISAS]  of 
the  Ministry  of  Education  formed  a  working  committee 
within  the  space  scientific  committee.  Leading  Japanese 
scientists  and  researchers  of  planets  participate  in  the 
working  committee  and  discuss  methods  of  promoting 
the  Japanese  lunar  exploration  and  research.  The  essen¬ 
tial  aspects  are  shown  below.  These  plans  have  resulted 
from  the  working  committee’s  current  study,  and  will 
now  be  combined  with  other  plans  selected  by  ISAS.  The 
combined  plan  will  then  be  proposed  as  ISAS’  formal 
proposal. 

The  First  Stage:  Path  Finding  Mission 

This  is  a  mission  that  will  open  the  way  for  Japan’s 
full-scale  exploration  of  the  moon  and  will  be  promoted 
by  using  a  next  generation  large  launching  rocket,  the 
development  of  which  is  currently  demanded  by  ISAS. 
The  following  three  missions  are  being  studied: 

Preconditions  for  launching  rocket  (see  Table  1)  Possible 
missions  (see  Table  2,  Figures  1  and  2  and  Figure  3  [not 
reproduced]) 


Table  1 


Constraints 

To  be  launched  by  upgraded  M-3S 

Weight: 

Low  earth  orbit 

1.8  ton 

Moon  flyby 

455  kg 

Moon  orbiter  (1.2  Re  x  10  Re) 

408  kg 

Moon  orbiter  (1.2  Re  circular) 

328  kg 

Size 

Diameter 

<  2  m 

Height 

<  2  m 

Table  2.  Candidate  Missions 


Lunar  Polar  Orbiter 
ml 00  km  polar  circular  orbit 

mPassive  remote  sounding  using  IR,  X-rays,  gamma 
rays,  etc. 

Penetrator 

mMore  than  2  penetrators  on  the  back  side  of  moon 
mSeismometer/Heat  flow  meter 

Lander 

mEngineering  test  of  landing  on  the  back  side  of  moon 
mTV  camera 


The  working  committee  has  determined  that  first  two 
rockets,  equipped  with  penetrators  and  remote-control 
probes  in  pairs,  must  be  launched  successively  within  6 
months  to  1  year.  The  feasibility  of  this  requirement  is 
dependent  on  the  development  of  the  rocket  to  be  launched 
and  the  competition  with  other  missions  that  will  be  pro¬ 
posed  within  the  ISAS,  but  it  is  hoped  that  this  requirement 
is  realized  early,  preferably  in  the  mid-1990s. 

The  Second  Stage:  Overall  Direct  Lunar  Exploration 

It  is  hoped  that  the  overall  lunar  scientific  exploration 
will  be  realized  in  the  late  1 990s  using  the  powerful  and 
unmanned  lunar  vehicle  shown  in  Figure  4  [not  repro¬ 
duced].  This  exploration  will  be  carried  out  by  using  the 
above  lunar  vehicle,  remote-control  probe,  and  penetra¬ 
tor,  and  will  form  the  foundation  of  the  lunar  base 
construction  project  in  the  21st  century.  This  explora¬ 
tion  will  be  carried  out  together  with  the  exploration  of 
resources,  such  as  helium  3,  etc.  In  addition,  it  will  serve 
as  a  significant  mainstay  of  Japan’s  space  development 
involving  international  cooperation,  as  well  as  consti¬ 
tuting  a  mission  promoted  solely  by  the  ISAS. 

The  Third  Stage:  Participation  in  Lunar  Base  Construction 

A  lunar  base  will  be  constructed  in  the  2 1  st  century.  This 
project  will  include  the  construction  of  a  telescope  to  be 
used  in  the  study  of  new  astronomical  matters,  such  as 
gamma  rays,  neutrinos,  gravity  waves,  etc. 


Moon  Exploration  Project  Using  Penetrator 
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[Text]  1.  Preface 

The  Institute  of  Space  and  Astronautical  Science  [ISAS]  of 
the  Ministry  of  Education  is  planning  to  execute  its  explo¬ 
ration  of  the  moon  in  the  mid-1990s.  Moon  exploration 
employing  a  penetrator  is  regarded  to  be  a  focus  of  this 
project.  It  can  be  said  that  the  penetrator  is  an  instrument 
carrier  used  to  hard-land  measuring  instruments,  including 
seismometers  and  heat  flowmeters,  on  the  lunar  surface 
from  a  satellite  orbiting  the  moon.  Such  a  penetrator  has 
not  yet  been  put  to  practical  use  abroad,  but  it  appears  that 
the  penetrator  will  become  very  useful  in  exploring  the 
internal  structure  of  planets  and  in  forming  networks  of 
scientific  stations  on  the  surfaces  of  these  planets.  There¬ 
fore,  it  can  be  said  that  the  development  of  a  moon- 
exploring  penetrator  is  very  significant  for  the  future 
exploration  of  solid  planets,  as  well  as  for  the  exploration 
of  the  moon.  This  paper  outlines  the  moon-exploring 
penetrator  project  being  studied  by  the  ISAS,  and  intro¬ 
duces  the  developmental  status  of  the  penetrator. 
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2.  Outline  of  Moon  Exploration  Project  Using  Pene- 
trator 

In  the  Project  Apollo,  several  rocks  were  collected  from 
the  lunar  surface  and  narrow  areas  along  the  equator 
were  explored  using  a  remote  sensor.  However,  informa¬ 
tion  on  the  internal  constitution  of  the  moon  is  insuffi¬ 
cient,  and  global  data  on  the  chemical  composition  and 
configuration  of  the  surface  have  not  been  obtained. 
These  data  are  indispensable  for  clarifying  the  origin  and 
evolution  of  the  moon.  This  matter  has  been  increasingly 
recognized  in  the  research  which  has  been  conducted 
since  the  Apollo  project.  In  addition,  the  primary  pur¬ 
pose  of  moon  exploration  using  penetrator  will  be  to 
obtain  data  on  the  internal  constitution  of  the  moon.  If 
this  data  is  obtained,  the  internal  constitution  will  be 
clarified.  This  clarification  will  generate  information 
about  the  materials  constituting  the  interior  of  the  moon, 
and  will  lead  to  the  generation  of  data  regarding  key 
points  to  account  for  the  origin  and  evolution  of  the 
moon. 

Three  penetrators  will  be  mounted  on  an  oblong  polar 
orbit  satellite  orbiting  the  moon,  and  will  be  discharged 
to  three  sites,  including  ones  on  the  back  side  of  the 
moon,  in  order  to  set  a  seismometer  and  a  heat  flowme¬ 
ter.  The  seismometer  will  be  used  to  observe  the  deep 
earthquakes  reported  by  the  Project  Apollo,  and  data 
indispensable  for  interpreting  the  depth  constitution  of 
the  moon  will  be  obtained.  Data  obtained  from  the 
seismometer  and  the  heat  flowmeter  will  be  transmitted 
to  earth  via  a  satellite.  Judging  from  the  capacity  of  the 
batteries  that  will  be  incorporated  in  the  penetrators,  the 
observation  period  is  predicted  to  last  approximately  I 
year. 

3.  Development  of  Penetrator 

It  is  necessary  that  all  the  basic  parts,  such  as  the 
measuring  instrument,  battery,  transmitter-receiver, 
etc.,  incorporated  in  the  penetrator  be  able  to  withstand 
an  impact  of  approximately  10,000  grams,  since  the 
penetrator  will  collide  with  the  lunar  surface  at  a  speed  of 
200  to  300  meters  per  second.  It  is  also  necessary  that  the 
optimum  shape,  etc.,  of  the  penetrator  be  investigated 
since,  from  the  scientifically  significant  standpoint,  it 
will  be  required  to  go  from  1  to  3  meters  beneath  the 
lunar  surface.  In  order  to  investigate  these  items,  an 
experiment  in  which  an  almost  full-size  penetrator  with 
a  diameter  of  1 20  mm  and  a  length  of  800  mm  is  driven 
is  being  conducted  using  a  penetrator  launching  device 
at  ISAS’  Noshiro  Testing  Ground.  Sand  similar  to 
regolith  in  respect  to  particle  size  and  hardness  is  being 
used  as  the  target.  In  addition,  impact  experiments 
involving  model  penetrators  with  diameters  of  1 5  and  50 
mm  are  being  conducted  utilizing  impact  devices  at 
Nagoya  University  and  the  ISAS.  As  a  results  of  these 
experiments,  it  has  been  confirmed  that  the  scientific 
equipment  incorporated  in  the  penetrator  can  suffi¬ 
ciently  withstand  large  impacts  caused  by  collisions.  It 
has  also  been  confirmed  that  the  proper  selection  of  the 
shape  of  the  tip  of  a  penetrator  will  cause  it  to  penetrate 


the  sand  to  the  depth  satisfying  scientific  requirements. 
From  the  above-mentioned  items,  it  appears  that  there  is 
a  strong  possibility  that  the  penetrator  will  be  used  as  a 
general  and  useful  equipment  item  in  exploring  the 
interiors  of  planets  as  well  as  the  moon. 

Japanese  Project  to  Explore  Venus 
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[Text]  1.  Preface 

The  United  States  and  the  Soviet  Union  have  been 
competing  in  [space]  exploration  since  1 96 1 .  As  a  result, 
much  of  the  mystery  surrounding  Venus  has  at  last  been 
revealed.  However,  although  the  exploration  activities 
are  not  yet  finished,  the  road  for  future  exploration  is 
becoming  increasingly  open.  Japan’s  science  and  engi¬ 
neering  joint  research  group  is  now  in  third  place  in 
planet  observation,  and  is  attempting  to  develop 
research  on  planets  through  international,  minute  and 
full-scale  research. 

2.  Purpose  and  Academic  Significance 

Venus,  with  a  radius  of  6,073  km,  is  very  similar  to  the 
earth,  with  a  radius  of  6,375  km,  and  is  the  largest  of  the 
earth-type  planets.  On  the  other  hand,  there  are  great 
differences  between  the  earth  and  Venus  in  terms  of  the 
atmospheres  and  magnetic  fields  covering  them.  In 
short,  the  earth  is  blessed  with  abundant  seas  and  proper 
temperatures  and,  filled  with  water  and  oxygen,  repre¬ 
sents  a  paradise  for  life,  while  Venus,  which  exists  under 
complete  cloud  cover,  is  exposed  from  the  lower  portion 
of  the  cloud  to  a  shower  of  undiluted  sulfuric  acid  filled 
with  high  pressure  carbon  dioxide  gas  and  is  just  like  a 
hell,  with  temperatures  of  from  350  to  400  degrees  C  and 
higher.  Venus  is  a  planet  without  a  magnetic  field. 
Therefore,  even  now,  solar  winds  drive  against  its  atmo¬ 
sphere  and  Venus  continues  to  lose  the  oxygen  that  has 
separated  from  the  carbon  dioxide  gas.  This  state  does 
not  exist  at  all  on  the  earth,  which  is  covered  with 
intensive  magnetic  fields  and  which  stops  solar  winds  at 
a  distance  of  at  least  10  times  the  radius  of  the  earth.  The 
relationship  between  Venus’  atmosphere  and  solar  wind 
is  a  problem  quite  significant  academically.  For  this 
reason,  the  exploration  and  research  of  Venus  will  be 
promoted  in  accordance  with  the  “Clarification  of  the 
Process  of  the  Mutual  Action  of  Solar  Wind  and  Venus’ 
Atmosphere,”  which  is  a  basic  theme. 

Also,  according  to  present  observations,  the  mutual 
action  of  the  solar  wind  and  Venus’  atmosphere  is 
related  to  aspects  involving  the  disappearance  of  O- 
atoms  and  ions,  but  judging  from  the  history  of  the  solar 
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system,  there  is  no  doubt  that  the  escape  of  Venus’ 
atmosphere  to  the  solar  system  has  continued  since 
Venus’  birth.  Research  on  the  disappearance  of  atoms 
and  ions  generated  in  the  past  will  be  conducted  in 
parallel  with  the  research  on  the  long-time  fluctuation 
generated  by  the  mutual  action  of  Venus’  atmosphere 
and  the  solar  wind. 

3.  Scientific  Observation  Equipment 

Research  on  the  following  themes  will  be  carried  out 
definitively  to  clarify  the  process  involving  the  mutual 
action  of  solar  wind  and  Venus’  atmosphere:  1)  behav¬ 
iors  and  wave  phenomena  of  particles  in  the  vicinity  of 
ionopose,  2)  behaviors  including  the  scale,  velocity, 
characteristics,  etc.,  of  the  plasma  cloud  and  plasma 
streamer  that  seems  to  be  related  to  the  dissipation  of 
Venus’  atmosphere,  and  3)  the  nocturnal  ionosphere- 
maintaining  mechanism.  The  observation  equipment 
apparently  useful  for  these  tasks  include  an  energy  par¬ 
ticle  measuring  instrument,  magnetic  field  measuring 
instrument,  plasma  sounder,  electric  field  measuring 
instrument,  plasma  energy  measuring  instrument,  ultra¬ 
violet  measuring  instrument,  etc.  In  addition,  S-  and 
X-band  transmitters  can  be  used  to  obtain  information 
on  Venus’  atmosphere  and  ionosphere. 

4.  Tentative  Mission  Plan 

4.1  Probe 

The  weight  of  the  probes  currently  being  considered  is 
250  kg  after  having  been  launched  into  orbit  around 
Venus.  The  perihesperian,  aphesperian  and  orbital  incli¬ 
nations  of  the  orbiter  will  be  300  km,  6  Rv  (36,000  km) 
and  28  degrees,  respectively.  The  period  is  1 1.64  hours. 
The  S-  and  X-bands  will  be  used  in  combination  as 
communications  systems  so  that  all  of  the  data  trans¬ 
mitted  from  both  bands  (2  k  bits  per  second)  can  be 
ensured  at  2  AU.  The  offset  parabolic  antenna,  with  a 
diameter  of  1.2  meters,  has  been  adopted  as  a  despun 
antenna.  When  the  diameter  is  larger  than  1.2  meters, 
the  widths  of  the  beams  of  electric  waves  will  be  reduced 
and  the  attitude  control  of  the  probe  will  be  increasingly 
required  since  such  electric  waves  are  received  on  the 
earth.  Judging  from  the  capabilities  of  Japanese 
launchers,  it  will  be  difficult  to  increase  the  amount  of 
transmitted  data  over  2  k  bits  per  second,  although  10'" 
per  seeond  would  be  required  for  the  frequency  stability 
of  the  S-  and  X-bands  in  order  to  obtain  information  on 
Venus’  atmosphere  and  ionosphere.  A  spin  stable-type 
probe  will  be  used  to  minimize  the  weight,  and  thrusters 
will  be  installed  in  the  axial,  radial  and  tangential 
directions  to  control  the  attitude.  It  is  believed  that  23  kg 
of  hydrazine  will  be  carried  on  the  probe. 

4.2  Rocket  and  Orbit 

A  total  of  410  kg  of  Venus  fly-by  weight  are  required  to 
ensure  250  kg  for  the  Venus  orbiter.  Therefore,  it  is 
necessary  to  develop  a  rocket  that  can  be  used  to  launch 
a  satellite  weighing  at  least  1 .8  tons  into  orbit  around  the 


earth.  Assuming  that,  for  example,  the  rocket  can  be 
launched  in  March  1996,  it  will  reach  Venus  between 
July  and  September  1996. 

Conclusion 

We  have  studied  the  Venus  mission  in  cooperation  with 
NEC  Corporation,  and  we  acknowledge  our  appreciation 
to  this  company  for  its  cooperation.  We  want  to  mention 
that  the  Venus  mission  has  not  yet  been  recognized 
officially,  and  the  figures  are  presented  in  the  tentative 
plan  prepared  by  the  “Earth-type  Planet  Exploration 
Working  Committee.” 

SOCCER  Project  (Comet  Coma  Sample  Return 
Mission) 
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[Text]  1.  Preface 

Solar  system  exploration  projects  for  the  1990s  have 
attracted  worldwide  attention.  One  of  them  is  a  comet 
coma  sample  return  mission  in  which  an  unmanned 
probe  will  approach  a  short  period  comet,  collect  dust 
from  the  comae,  and  bring  the  dust  to  earth.  Basically, 
this  is  a  comet  fly-by  mission,  similar  to  the  “Sakigake” 
and  “Suisei”  used  to  investigate  Halley’s  Comet,"  and  it 
will  be  be  possible  to  accomplish  the  mission  by  using  a 
comparatively  small  probe.  A  working  group,  consisting 
of  ISAS  [Institute  of  Space  and  Astronautical  Science] 
and  NASA  staff  members,  has  been  formed.  This  group 
has  tentatively  named  the  above  project  ’’Sample  of 
Comet  Coma  Earth  Return  [SOCCER]  Project,"  and  is 
studying  this  project  since  it  is  thought  that,  except  for 
the  dust  collector  and  recovery  method  upon  return,  the 
above  mission  can  be  realized  using  existing  technolo¬ 
gies.  NASA  is  also  studying  the  CRAF  Project^*'  and 
NSR  Project.*^'  This  paper  outlines  the  current  status  of 
the  SOCCER  Project. 

2.  Mission  Analysis 

It  is  impossible  to  regard  the  long-period  comet  as  a 
target  in  this  mission  since  the  appearance  of  such  a 
comet  is  uncertain.  Accordingly,  when  the  object  is 
narrowed  to  a  short-period  comet  which  seems  certain  to 
return  to  the  earth  from  1994  to  1999,  35  such  comets 
exist.  ^  The  mission  has  been  described  as  “Dust  will  be 
collected  from  comet  comae  in  the  intact  state  by  means 
of  the  fly-by,  and  will  be  brought  back  to  earth,”  and  the 
mission  has  been  analyzed  under  the  tentative  condi¬ 
tions  that  the  relative  speed  when  the  probe  and  comet 
meet  will  be  10  km/sec  or  less  and  that  the  launching 
energy  C3  will  be  5  km^/sec^  or  less.  As  a  result,  it  has 
been  determined  that  it  will  be  possible  to  launch  a 
mission  in  1995  to  either  the  Churyumov-Gerasimenko 
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Figure  1.  Orbit  of  Wirtanen  Mission 


Comet  or  the  Wirtanen  Comet,  returning  to  earth  in 
2000,  or  to  launch  one  to  the  same  Wirtanen  Comet  in 
1996,  returning  to  earth  in  2001.^  Figure  1  shows  an 
orbit  of  the  Wirtanen  Comet  Mission  in  1 995  as  a  typical 
example.  This  orbit  is  expressed  with  a  rotation  coordi¬ 
nate  system  in  which  the  line  linking  the  sun  and  the 
earth  is  fixed. 

3.  Concept  of  Probe 

The  maximum  allowable  weight  of  the  SOCCER  probe  is 
currently  uncertain  since  the  rocket  used  to  launch  the 
probe  has  not  yet  been  selected.  However,  the  concept  of 
this  probe  has  been  studied  on  the  assumption  that  the 
weight  will  be  400  kg.  First,  the  speed-changing  capa¬ 
bility  required  by  propulsion  systems  is  estimated.  Even 
if  the  probe  is  recovered  by  one  of  NASA’s  orbital 
maneuvering  vehicles  [OMV]  in  order  for  it  to  return  to 
earth,  a  large  amount  of  fuel  will  be  required  to  reduce 
the  speed  of  the  probe  upon  approaching  its  orbit.  At  this 
time,  all  propulsion  systems  of  probes  must  be  capable  of 
doing  so.  Therefore,  after  the  probe  has  entered  into  an 
oblong  orbit  around  the  earth,  it  is  necessary  to  use  the 
so-called  “aerobrake  technology”  in  order  to  lower 
apogee.  It  is  estimated  that  the  AV  capability  of  the 
propulsion  system  should  be  approximately  850  meters 
per  second  and  the  fuel  weight  about  100  kg,  and  it  is 
thought  that  approximately  50  kg-drag  cones  can  be 
manufactured  for  the  aerobraked.  Japan  and  the  United 
States  are  currently  carrying  out  the  joint  research  and 
development  of  a  low  density  material  for  a  dust  col¬ 
lector  that  can  be  used  to  completely  catch  comet  dust 
flying  at  approximately  10  km  per  second.  It  will  be 
necessary  for  the  dust  collector  to  have  a  frontal  area  of 
at  least  5  square  meters  and  a  weight  of  approximately  40 
kg.  An  imaging  device  and  a  gamma-ray  burst  detector, 
etc.,  have  been  proposed  as  observation  equipment  in 
addition  to  the  dust  collector  and,  assuming  their  weight 


totals  20  kg,  the  weight  allowable  for  other  equipment  on 
the  probe  will  be  190  kg.  Basically,  the  probe  will  be 
cylindrical  and  will  have  a  stable  system  based  on  a  spin 
or  momentum  wheel.  Also,  solar  cells  will  be  installed 
around  the  probe.  The  dust  collector  will  be  folded  and 
mounted  on  the  upper  portion  of  the  probe.  It  will  be 
elongated  only  when  the  probe  encounters  a  comet.  This 
method  appears  to  be  good.  A  drag  cone  for  the  aero¬ 
brake  will  be  mounted  on  the  lower  portion  of  the  probe. 
On  the  other  hand,  a  problem  involving  the  communi¬ 
cations  systems  is  what  shape  should  be  selected  for  the 
antennas.  One  proposal  is  that  electric  despun  antennas 
be  set  linearly  on  the  peripheries  of  the  probe,  but  it  is 
necessary  to  study  whether  or  not  the  probe’s  necessary 
attitudes  can  be  ensured  and,  particularly,  whether  the 
circuit  between  the  probe  and  the  earth  can  be  ensured 
when  the  probe  enters  a  comet  coma.  On  the  other  hand, 
it  will  be  necessary  to  mount  mechanical  despun 
antennas,  such  as  parabolic  antennas,  etc.,  on  the  lower 
portion  of  the  probe  in  order  to  prevent  it  from  colliding 
with  comet  dust.  In  addition,  the  probe  must  be  able  to 
avoid  interference  with  the  aerobrake’s  drag  cones. 
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[Text]  1.  Preface 

The  MU  Space  Engineering  Satellite  [MUSES-A]  was 
recognized  as  the  Space  Activities  Commission  [SAC]’s 
13th  scientific  satellite  in  fiscal  1984.  The  MUSES-A  is 
mainly  used  to  perform  engineering  experiments  in 
orbit.  It  has  the  following  main  purposes  intended  to 
acquire  and  establish  technologies  considered  to  be 
indispensable  for  the  moon  and  planet  exploration  mis¬ 
sions  in  the  near  future: 

(1)  A  double  moon  swing-by  orbit  using  the  moon  is 
achieved,  and  high  accuracy  orbit  standardizing  and 
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operating  technologies  are  developed  in  order  to  acquire 
orbit  changing  technologies  using  the  gravity  fields  of 
celestial  bodies. 

(2)  Experiments  on  the  delivery  of  an  artificial  micro¬ 
miniature  satellite  around  the  natural  satellite  in  orbit 
are  performed  to  acquire  the  necessary  technologies  for 
delivering  an  orbiter  into  orbits  around  celestial  bodies. 

(3)  Telemetry  in  the  X-band  is  adopted  for  the  first  time  to 
transmit  data  with  high  efficiency.  In  addition,  experiments 
on  lead  Solomon,  bucket  telemetry,  etc.,  are  performed  by 
using  new  computers  mounted  on  the  satellite. 

(4)  The  optical  navigation  system  is  important  for 
increasing  the  accuracy  when  approaching  a  target  satel¬ 
lite  in  interplanetary  navigation.  An  experiment 
involving  this  system  is  performed  for  the  first  time 
using  a  spin  stable  satellite. 

(5)  Very  slight  space  dust  is  observed  using  a  dust 
counter  developed  by  Technische  Universitat  Munchen 
in  West  Germany.  This  observation  represents  a  kind  of 
environmental  instrumentation  for  use  in  space  around 
the  moon  and  the  earth. 

A  flight  model  is  currently  being  manufactured  so  that 
the  MUSES-A  can  be  launched  by  the  M-3S  1 1  Type  No 
5  rocket  from  Kagoshima  Space  Observatory  in  January 
or  February  1990. 

2.  Plan  for  Orbit  of  MUSES-A 

Figure  1  shows  a  typical  example  of  an  orbit  of  the  MUSES- 
A.  This  example  is  expressed  by  a  rotation  coordinate 
system  in  which  lines  linking  the  sun  with  the  earth  are 
fixed.  A  and  S  shown  in  this  figure  represent  an  apogee  and 
a  swing-by  point,  respectively.  The  so-called  “Double  Moon 
Swing-by  Orbit”  is  adopted  in  the  MUSES-A  so  that  as 
many  experiments  as  possible  involving  swing-by  can  be 
performed.  As  shown  by  SI  in  the  figure,  the  change  from  a 
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Figure  1.  Example  of  Orbit  of  MUSES-A 


small  orbit  to  a  large  one  is  repeated  and,  as  shown  by  S2, 
the  change  from  a  large  orbit  to  a  small  one  is  also  repeated. 

The  lunar  orbiter  is  separated  from  the  satellite  proper 
just  prior  to  the  first  swing-by,  starts  a  reduction  motor, 
and  begins  lunar  orbit,  as  shown  in  Figure  2. 


3.  Outline  of  MUSES-A  Satellite 

As  shown  in  Figure  3,  the  MUSES-A  is  a  cylindrical  spin- 
stable-type  satellite  with  a  diameter  of  1 .4  meters,  a  height 
of  80  cm  and  a  weight  of  approximately  195  kg.  The  weight 
includes  about  40  kg  of  hydrazine  fuel  for  controlling  the 
attitude  and  orbit  and  about  1 3  kg  for  the  weight  of  the  lunar 
orbiter  mounted  on  the  upper  portion  of  the  satellite.  Also, 
solar  cells  are  attached  to  the  outside  of  the  satellite.  The 
satellite  has  an  S-band  transmitter-receiver  and  an  X-band 
transmitter  as  its  communications  system,  and  can  commu¬ 
nicate  with  Usuda  and  Kagoshima  stations  through  two  low 
gain  antennas  for  the  S-band  and  middle  gain  antennas  for 
the  S-  and  X-bands.  The  satellite  is  equipped  with  three 
accelerometers,  as  well  as  a  spin-type  solar  sensor,  star 
scanner  and  earth  sensor  as  attitude  sensors.  The  actuators 
consist  of  an  annular-type  new  station  damper  and  a  reac¬ 
tion  control  system  [RCS]  consisting  of  eight  23N  thrusters 
and  four  3N  thrusters,  and  have  a  control  capability  of  400 
meters/second  or  more  in  terms  of  AV.  The  mission  equip¬ 
ment  includes  an  optical  navigation  system,  fault  tolerant- 
type  mounting  computer  and  dust  counter,  as  well  as  the 
previously-mentioned  lunar  orbiter.  The  lunar  orbiter  is  of 
an  icosahexahedral  shape  with  a  facing  length  of  40  cm.  The 
power  control  unit,  transponder,  data  processing  unit,  mea¬ 
suring  instrument,  timer  and  decelerating  solid  motor  are 
incorporated  in  the  lunar  orbiter.  Also,  1,000  newly- 
developed  In-P  solar  cells  are  attached  to  the  outside  of  the 
lunar  orbiter.  After  being  separated  from  the  MUSES-A 
proper,  the  lunar  orbiter  will  communicate  directly  with 
Usuda  Station  through  the  two  S-band  low  gain  antennas 
installed  on  the  head  of  the  lunar  orbiter. 
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Figure  3.  Appearance  of  MUSES-A 

Key:  3.  Solar  cell  panel  [SCP] 

1.  Reaction  control  system  [RCS]  4.  Omnidirectional  antenna  (low  gain  antenna  [LGA]) 

2.  Lunar  orbiter  [LO]  5.  Middle  gain  antenna  [MGA] 


Scenario  of  Lunar  Development 
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[Text]  1.  Preface 

The  moon  is  the  celestial  body  nearest  to  the  earth,  and 
has  been  investigated  scientifically  by  various  missions, 
including  Project  Apollo.  In  recent  years,  the  utility 
value  of  the  moon  has  been  evaluated  from  practical 
aspects  involving  the  procurement  of  materials  necessary 
for  constructing  space  infrastructures  and  and  advanced 
space  base.  In  this  paper,  we  will  discuss  a  scenario  for 
lunar  development,  including  dividing  it  into  four 
phases  and  carrying  them  out. 

2.  Use  of  the  Moon 

It  is  thought  that  lunar  development  will  be  carried  out 
for  various  purposes,  and  the  following  matters  can  be 
cited  as  lunar  characteristics  which  will  serve  as  precon¬ 
ditions  for  this  development:  1 )  Gravity  is  low,  approx¬ 
imately  one-sixth  that  of  the  earth.  2)  There  is  no 
atmosphere  on  the  moon.  3)  Mineral  components  are 


abundant  in  the  soil  and  rock.  4)  Day  and  night  are  long 
(each  continues  for  approximately  1 5  days,  respectively). 
5)  Compared  with  the  earth,  it  is  possible  to  use  wide 
spaces  on  the  moon. 

Energy  is  required  to  place  lunar  objects  into  orbit 
around  the  moon  or  to  escape  from  the  moon.  However, 
because  of  items  1 )  and  2)  above,  this  energy  is  smaller 
than  that  required  on  the  earth.  From  the  standpoint  of 
the  degree  of  acceleration,  i.e.,  the  amount  of  propellant 
necessary  for  carrying  a  constant  payload,  compared 
with  that  required  on  the  earth’s  surface,  the  lunar 
surface  is  very  close  to  the  lower  earth  orbits,  geosta¬ 
tionary  orbit,  etc.  In  addition,  with  regard  to  item  3), 
metals  such  as  Al,  Fe  and  Ti  are  useful  as  materials  for 
structures  on  the  moon  and  those  orbiting  the  earth,  and 
the  oxygen  obtained  from  separating  these  metals  can  be 
used  for  propellants  and  breathing  aids.  From  the  above- 
mentioned  lunar  characteristics,  the  following  matters 
can  be  studied  as  uses  for  the  moon:  1)  Plant  for 
producing  materials  for  use  in  space  2)  Advanced  space 
base  3)  Base  for  experimentation,  investigation  and 
observation  for  scientific  purposes  4)  Sightseeing  and 
medical  purposes 

3.  Scenario  of  Lunar  Development 

The  lunar  development  will  be  divided  into  the  four 
phases  shown  in  Table  1  and  carried  out.  Each  phase  is 
described  below. 
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Table  1. 

Lunar  Development  by  Phase 


Explanation 

Kind  of  Space  Planes  in  Moon  Periphery 

Manned/Unmanned 

In  Orbit  Around  Moon 

Lunar  Face  (fixed) 

Lunar  Face  (moving) 

Phase  1 

Remote  sensing  by 
using  lunar  resource 
probe,  exploration  of 
internal  constitution  by 
using  lunar  penetrator, 
and  analysis  of  surface 
soil  by  using  lunar 
vehicle 

Lunar  resource  probe 

Lunar  penetrator 
(Seismometer) 

Lunar  vehicle 
(Collection  and  analysis 
of  surface  soil) 

Unmanned 

Phase  2 

Objects  of  exploration 
are  narrowed  down 
from  Phase  1 ,  and  the 
exploration  is  carried 
out  in  detail 

Lunar  resource  probe; 
Relay  satellite 

Lunar  base  (Pressurized 
module  and  power 
source) 

Lunar  vehicle  (Excava¬ 
tion  and  analysis) 

Partially  manned 

Phase  3 

Excavation  of  lunar 
resources,  and  small- 
scale  lunar  plant  for 
handling  the  lunar 
resources 

Relay  satellite;  station 
orbiting  moon;  lunar 
landing  plane 

Lunar  base  develop¬ 
ment  type;  small-scale 
lunar  plant 

Excavator;  Transporter 

Partially  manned 

Phase  4 

Full-scale  production 
activities  are  carried 
out  on  the  moon 

Relay  satellite;  station 
orbiting  moon;  lunar 
landing  plane 

Lunar  base  develop¬ 
ment  type;  lunar  plant; 
lunar  power  plant 

Excavator;  transporter; 
other  robots 

Partially  manned 

(1)  Phase  1 

A  lunar  resource  probe  is  launched  into  lunar  orbit,  and 
is  remote-controlled  with  sensors  so  that  it  can  smoothly 
investigate  resources  and  conditions  for  locating  a  lunar 
base,  lunar  plant,  etc.  In  addition,  surface  soil  is  collected 
by  a  lunar  vehicle  and  is  analyzed. 

It  is  necessary  to  investigate  the  mystery  surrounding  the 
moon  for  scientific  purposes.  A  penetrator  is  placed  in 
the  moon  to  observe  earthquakes  and  the  artificial 
earthquakes  generated  by  the  lunar  vehicle.  The  internal 
constitution  of  the  moon  is  investigated  based  on  this 
observation. 

(2)  Phase  2 

The  only  locations  promising  as  sites  for  resource  digging 
are  explored  continuously  based  on  the  exploration 
results  gained  from  Phase  1.  As  in  the  case  of  Phase  1,  a 
lunar  resource  probe  and  lunar  vehicle  are  used  to 
investigate  the  moon.  In  addition,  a  simple  lunar  base  is 
constructed  on  the  moon  so  that  humans  can  conduct  a 
detailed  investigation  of  the  moon. 

The  lunar  base  consists  of  a  cylindrical  module  close  to 
the  pressurization  module  of  the  space  station  and  a 
power  source  system  using  solar  cells. 

The  lunar  vehicle  has  excavation  capabilities  in  addition 
to  the  ability  to  collect  surface  soil  shown  in  Phase  1,  and 
can  collect  underground  samples. 

(3)  Phase  3 

The  lunar  base  is  expanded,  and  a  small-scale  lunar  plant 
is  constructed  as  an  extension  of  Phase  2. 


In  addition,  a  lunar  landing  plane  flies  between  the  moon 
and  the  lunar  orbit  in  order  to  raise  the  efficiency,  and  a 
lunar-orbiting  station  is  constructed  as  a  relay  base  as  the 
frequency  of  flying  between  the  earth  and  the  moon 
increases. 

(4)  Phase  4 

Phase  4  is  a  further  developed  version  of  Phase  3.  The 
lunar  plant  is  operated  on  a  full  scale,  a  lunar  power 
plant  is  also  constructed,  and  electric  power  is  supplied 
to  the  various  facilities. 

Although  solar  energy  is  plentiful  on  the  moon  during 
the  day,  the  procurement  of  energy  during  the  night 
represents  a  problem.  The  following  items  can  be  con¬ 
sidered  as  means  for  procuring  nighttime  energy:  (1) 
Secondary  battery  In  this  case,  night  activities  should  be 
minimized.  (2)  Fuel  cell  This  system  has  the  advantage 
whereby  water,  which  is  a  product  of  fuel  cells,  can  be 
used  by  the  humans  on  the  moon.  (3)  Heat  reservation 
With  this  method,  energy  obtained  during  the  day  can  be 
reserved  in  the  form  of  heat,  and  power  can  be  generated 
by  this  heat  during  the  night.  Solar  energy  can  be  used 
highly  efficiently  by  combining  this  method  with  the 
temperature  difference  power  generating  method  men¬ 
tioned  below.  (4)  Temperature  difference  power  genera¬ 
tion  Although  the  lunar  surface  temperature  increases 
and  decreases  sharply,  the  temperature  of  areas  approx¬ 
imately  2  meters  below  the  lunar  surface  remains  con¬ 
stant,  about  -30  degrees  C  at  all  times.  Therefore,  it  may 
be  possible  to  generate  power  by  using  the  temperature 
difference  between  the  lunar  surface  and  internal  areas. 

(5)  Atomic  battery  Atomic  batteries  are  used  in  Amer¬ 
ican  deep  space  probes,  but  are  inappropriate  as  large 
capacity  power  supply  sources.  (6)  Nuclear  power  gener¬ 
ation  Nuclear  power  generation  is  promising  as  a  means 
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of  supplying  a  large  amount  of  energy  night  and  day.  It  is 
excellent  as  a  means  of  generating  power  on  the  moon 
since  electric  power  can  be  supplied  by  a  small  amount  of 
fuel  over  a  long  period  of  time,  but,  in  order  to  realize 
this  means,  the  following  problems  must  be  solved;  a) 
The  procurement  of  materials  on  the  moon  to  reduce  the 
transportation  costs  b)  Developing  a  cooling  system 
suitable  for  lunar  operation  c)  Ensuring  the  safety  of  fuel 
transportation 

(7)  Developing  a  power  plant  network 

Power  plants  using  solar  beams  or  solar  heat  are  con¬ 
structed  at  several  sites  (at  least  three)  on  the  moon’s 
equator,  and  if  facilities,  such  as  plants,  etc.,  which 
consume  electric  power  are  linked  with  these  power 
plants  via  a  network,  it  will  become  possible  to  supply 
electric  power  to  these  facilities  at  all  times.  In  this  case, 
the  problem  involves  transmitting  energy  from  the 
power  plants  to  the  electric  power  consuming  areas  and 
vice  versa. 

4.  Postface 

This  report  describes  a  scenario  of  lunar  development  as 
divided  into  four  phases  taking  lunar  characteristics  into 
consideration.  In  the  future,  we  plan  to  study  the  trade¬ 
off  between  transporting  materials  from  the  earth  and 
procuring  them  on  the  moon  from  the  standpoint  of  cost, 
as  well  as  a  more  economical  and  realistic  scenario  of 
lunar  development. 

Lunar  Base  Concept 

43062505V  Tokyo  PROCEEDINGS  OF  THE  32ND 
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[Article  by  Tsutomu  Iwata  of  the  National  Space  Devel¬ 
opment  Agency  of  Japan;  Katsutoshi  Omura  and  Kazuo 
Aida  of  Mitsubishi  Electric  Corporation] 

[Text]  1.  Preface 

According  to  a  recent  NASA  report,  the  lunar  base 
concept  has  suddenly  entered  into  the  limelight,  sympo¬ 
siums  have  been  held  successively  in  the  United  States, 
and  study  meetings  have  been  held  increasingly  in  Japan. 
The  lunar  base  is  still  at  the  conceptual  stage  and  lunar 
base  scenarios  are  being  prepared  enthusiastically.  This 
report  describes  the  philosophy  of  realizing  the  lunar 
base  concept,  and  presents  ideas  for  the  conceptual  and 
developmental  plans  of  the  lunar  base. 

2.  Coping  with  South  Pole  Base  and  Lunar  Base 

The  South  Pole  Base  is  very  instructive  as  an  example  in 
that  several  to  several  dozen  humans  live  under  severe 
environmental  conditions  in  order  to  conduct  scientific 
obseiwations.  Table  1  was  prepared  by  summarizing 
previously-collected  information.  There  are  significant 
differences  between  the  conditions  found  at  the  South 
Pole  Base  and  a  lunar  base,  but  it  is  generally  thought 


that  the  two  bases  will  have  many  things,  such  as  the 
construction  of  buildings  and  living  areas,  a  few  people 
living  in  an  enclosed  space,  etc.,  in  common.  It  is 
believed  that  the  rules,  etc.,  already  drawn  up  can  be 
used  for  the  lunar  base  since  it  will  be  absolutely  neces- 
sai7  to  construct  this  base  through  international  cooper¬ 
ation.  The  problem  lies  in  the  significance  of  lunar  use 
(practical  and  scientific  observation)  and  its  supporting 
system.  Would  a  strong  tendency  toward  constructing  a 
lunar  base  emerge  if  a  kind  of  pioneering  boom  were 
promoted?  It  seems  important  that  a  plan  be  made  so 
that  global  support  can  be  obtained. 


Table  1. 

Summary  of  Lunar  Base  and  South  Polar  Base 


South  Polar 

Base 

Lunar  Base 

Remarks 

Purpose 

IGY 

Astronomical 
earth  observa¬ 
tion  site,  testing 
ground 

Earth  observa¬ 
tion  site 

Human  living 
areas  other  than 
earth 

International 
cooperation  (ter¬ 
ritory/resources) 

Advanced  base 
toward  solar 
system 

Use  of 

resources/inter¬ 

national 

cooperation 

Environment 

Very  cold, 
blizzards 

1/6  gravity 

Nights  with 
midnight  sun, 
snow,  ice 

Vacuum  (no 
air),  exposure  to 
radiation 

24  hours,  14 
days  (tempera¬ 
tures  of  100  to 
-140“C) 

Transportation 

means 

Icebreaker, 
helicopter,  etc. 

( 1 )  Ground  — . 

SS  (Shuttle, 

HOPE) 

Snowmobile, 
dog  sled 

(2)  SS  ^  SS 
orbiting  moon 
(special  purpose 
OTV) 

(3)  SS  orbiting 
moon  — » lunar 
surface  (special- 
purpose  taking- 
off  and  landing 
ship) 

(4)  Lunar 
vehicle  and 
working  vehicle 

Construction 

Three  buildings, 
power  genera¬ 
tion/communi¬ 
cations  building 

Various  plans 

Increase  in  con¬ 
struction  work 

1.  Use  of  SS 
modules 
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Table  1. 

Summary  of  Lunar  Base  and  South  Polar  Base 
(Continued) 


South  Polar 

Base 

Lunar  Base 

Remarks 

2.  Use  of  lava 
tube/precipices 

3.  Use  of 
!  concrete 

Developmental 

form 

1 1  to  20 

wintering 

members 

Initial  Period: 
several  to  10 
wintering 
members 

Observation 
base  strictly 
specified 

Developmental 
period;  Several 
dozen  to  several 
hundred  win¬ 
tering  members 

Mature  period: 
Several  thou¬ 
sand  wintering 
members 
(Lunar  city) 

International 

cooperation 

IGY  and  calling 

Mainly  NASA 

Participation  of 

64  countries 

Soviet  Union, 

ESA,  Canada, 
Japan 

Participation  of 
up  to  100 
countriesf?) 

Only  advanced 
countries(?) 

Use 

Permanent 
observation  base 

Use  of  resources 

Tourist  and 

resource 

development 

Others 

! 

Testing  ground 
and  waste 
disposal  area 

Cost 

¥200  to  300 
billion  (FY  1988 
conversion) 

¥  2  to  6  trillion 
(FY  1992 
conversion) 

ROM 

3.  Conceptual  Plan  for  Lunar  Base 


The  lunar  base  concept  can  be  broadly  classified  into  the 
following  four  items,  and  it  is  thought  necessary  to  use 
the  base  properly  in  accordance  with  the  initial,  devel¬ 
opmental  and  mature  stages;  (1)  Use  of  pressurized 
section,  node,  etc.,  of  space  station  (2)  Use  of  caves,  lava 
tunnels,  etc.,  on  the  moon  (3)  Construction  of  unit-type 


buildings  made  of  concrete  (4)  Use  of  robots,  linear 
motor  cars,  unmanned  plants,  mass  drivers,  etc. 

Some  think  that  the  surface  of  the  moon  is  covered  with 
regolith,  about  2  meters  in  thickness,  as  a  measure 
against  radiation  and  to  control  temperatures.  However, 
this  idea  is  problematical  in  respect  to  workability  and 
effectiveness.  Accordingly,  it  is  believed  to  be  most 
practical  to  use  the  caves  of  precipices  for  permanent 
facilities.  For  this  reason,  it  will  become  important  to 
probe  the  lunar  surface  by  means  of  a  remote  sensing 
satellite  in  order  to  select  a  site  for  base  construction, 
and  it  will  become  necessary  to  observe  the  moon  with 
higher  accuracy  than  that  found  in  the  age  of  the  Project 
Apollo.  Figure  1  shows  a  lunar  base  concept  at  the 
developmental  stage.  Features  of  this  idea  include  living 
spaces  employing  the  caves  of  precipices,  dome-type 
farms  to  supply  food,  a  plant  using  minerals  to  collect 
oxygen,  traveling  linear  motor  cars,  a  mass  driver  using 
resources,  etc.  Atomic  batteries,  etc.,  will  supply  electric 
power  during  the  night.  In  the  future,  at  the  mature  stage, 
unit  living  quarters  made  of  concrete  will  be  constructed 
in  the  living  areas  apart  from  the  production  areas. 

4.  Developmental  Plan,  etc. 

It  is  necessary  to  make  a  plan  and  prepare  an  idea  for 
allotment,  taking  international  cooperation  into  consid¬ 
eration,  so  that  national  support  for  transportation 
means,  residential  modules,  life  sustaining  equipment, 
experimental  means,  etc.,  can  be  obtained.  The  United 
States,  and  the  Johnson  Space  Center  in  particular,  is 
planning  a  lunar  base  (some  claim  it  will  be  an  expedi¬ 
tion  to  Mars)  as  a  target  of  the  space  station.  The 
following  scenarios  can  be  regarded  as  forms  of  interna¬ 
tional  cooperation,  but  it  will  be  necessary  to  make  a 
careful  study  of  how  to  execute  these  cases.  A:  Each 
country  participates  equally  in  each  working  group,  from 
system  design  to  construction,  and  discharges  com¬ 
pletely  equal  duties  (international  working  group,  UN 
system).  B:  A  certain  country  is  in  charge  of  the  system 
design,  with  other  countries  in  charge  of  hardware, 
software,  and  subsystem  design  generated  from  the 
system  design  in  accordance  with  their  expertise.  C:  A 
certain  country  carries  out  such  design  work  as  the 
system  design,  subsystem  design  and  hardware,  with 
other  countries  manufacturing  products  based  on  the 
specifications  obtained  from  the  design  work,  per¬ 
forming  tests  on  the  products,  and  delivering  the  prod¬ 
ucts  to  the  United  States.  D:  Each  country  carries  out 
similar  development  work  independently  while 
exchanging  information  on  its  status  and  engaging  in 
proper  international  cooperation. 
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Figure  1. 

Key: 

1 .  Lunar  take-off  and  landing  ship 

2.  Antenna 

3.  Control  tower 

4.  Emergency  evacuation  site 

5.  Warehouse 

6.  Mineral  slope 

7.  Mineral-using  plant 

8.  Experiment  building 

9.  Living  quarters 


10.  Mass  driver  (using  slope) 

1 1 .  Observation  building 

12.  Linear  motor  car 

1 3.  Communications  building 

14.  Battery  building 

15.  CELSS  building 

1 6.  Farm  (dome) 

1 7.  Solar  cell  panel 

1 8.  Atomic  battery 
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[Text]  1.  Preface 

Artificial  satellites  are  launched  into  orbit  so  that  they 
can  be  used  for  various  purposes.  In  the  past,  Japan’s 
space  development  has  attached  importance  to  the 
launching  of  such  artificial  satellites.  It  is  anticipated 
that,  in  the  future,  the  scope  of  human  activities  will  be 
rapidly  extended  in  proportion  to  the  progress  of  space 
base  construction  involving  international  cooperation 
and  that  the  scope  of  activities  of  the  respective  coun¬ 
tries,  including  Japan,  will  be  extended  to  the  moon  at 
the  end  of  the  20th  century  or  the  beginning  of  the  2 1  st 
century.  In  consideration  of  this  tendency,  we  have 
studied  the  trajectory  of  the  H-II  rocket  to  the  moon 
(around  the  moon  for  the  time  being),  have  ascertained 
the  possibility  of  lunar  missions  and  have  taken  up  the 
technical  developmental  subjects  which  will  become 
necessary  in  the  future. 
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2.  Establishment  of  Trajectory  to  the  Moon 

A  flying  probe  is  affected  by  the  gravitation  of  the  sun 
and  planets  as  well  as  that  of  the  earth  and  the  moon.  In 
order  to  establish  a  definite  trajectory  to  the  moon,  it  is 
necessary  to  handle  this  matter  as  an  n-body  problem. 
Celestial  bodies  other  than  the  earth  and  the  moon  have 
not  been  taken  into  consideration  since  importance  has 
been  attached  to  obtaining  the  overall  tendency  for  the 
trajectory.  Also,  the  problem  has  been  handled  as  a 
two-body  problem  on  the  assumption  that  the  probe  is 
affected  only  by  the  gravitation  of  the  earth  until  it  enters 
the  gravisphere  of  the  moon,  and  is  affected  only  by  the 
gravitation  of  the  moon  once  it  enters  the  moon’s 
gravisphere. 

The  basic  flight  system  is  as  follows:  After  the  H-II  rocket 
lifts  off,  a  probe  is  place  in  orbit  around  the  earth 
(parking  orbit)  at  the  second-stage  engine  cut-off 
[SECO]- 1 ,  the  speed  is  increased  to  the  required  speed  by 
re-starting  the  second  stage,  and  the  probe  is  moved  to  an 
oblong  lunar  transfer  orbit.  After  the  probe  reaches  the 
gravisphere  of  the  moon,  its  trajectory  generally  becomes 
a  hyperbolic  orbit  and,  after  the  probe  passes  through  the 
perilune,  it  escapes  the  gravisphere  of  the  moon.  Accord¬ 
ingly,  it  is  necessary  to  reduce  the  speed  of  the  H-II 
rocket  at  the  specified  altitude  and  lower  the  speed  of  the 
probe  to  the  lunar  circulating  speed.  Figure  1  shows  a 
conceptual  drawing  of  the  above-mentioned  matter. 

The  lunar  transfer  orbit  is  established  as  follows:  the 
perigee  altitude  is  established  in  consideration  of  the 
orbit  transferring  efficiency  from  the  parking  orbit,  and 
the  apogee  altitude  is  determined  by  giving  a  proper 
oribtal  period  to  the  time,  approximately  1 80  hours  (in 
the  standard  case).  This  time  has  been  established  as  the 
flight  time  of  the  probe  which  is  placed  into  lunar 
transfer  orbit  and  which  passes  through  the  perilune. 


Key: 

1.  Earth  6.  Moon 

2.  Lift  off  7.  Hyperbolic  orbit 

3.  Start  window  8.  Lunar  gravisphere 

4.  Parking  orbit  9.  Moon  transfer  orbit 

5.  Lunar  gravisphere 
arrival  point 


taking  into  consideration  the  observability,  etc.,  of  earth 
stations.  It  is  necessary  to  establish  the  proper  longitude 
and  latitude  when  the  probe  reaches  the  orbit  inclination 
and  the  lunar  gravisphere,  in  accordance  with  the  H-Il 
rocket  launching  date  (relative  relationship  between 
position  of  earth  and  lunar  coordinate  systems)  and  the 
required  mission,  since  the  above-mentioned  longitude 
and  latitude  directly  affect  the  hyperbolic  orbit  elements 
when  the  probe  approaches  the  moon.  The  launching 
azimuth  and  launch  time  when  the  H-II  rocket  leaves  the 
earth  are  determined  so  that  the  speed  loss  is  minimized 
when  the  rocket  moves  from  the  parking  orbit  to  the 
above-mentioned  transfer  orbit.  However,  the  yaw  rate 
is  required  during  combustion  in  the  main  engine  since 
the  launching  azimuth  is  restricted  by  other  conditions 
involving  flight  safety.  Therefore,  the  launching  capabil¬ 
ities  are  lowered  to  some  extent. 

The  following  shows  an  example  of  calculations  for  the 
case  of  an  H-II  rocket  being  launched  on  1  August  1 996, 
with  a  perilune  altitude  of  100  km  and  a  90-degree 
inclination  of  orbit  in  the  lunar  approaching  orbit: 

Launching  azimuth:  1 30  degrees 

Lunar  gravisphere  reaching  condition:  Longitude  of  14 
degrees  and  latitude  of  10  degrees 

Parking  orbit  around  the  earth:  Circle  with  a  radius  of 
6,578  km,  inclination  of  orbit  of  61.1  degrees,  and 
circular  orbit  speed  of  7.784  km/sec 

Lunar  approaching  orbit:  Perilune  altitude  of  100  km, 
hyperbola  with  eccentricity  of  1 .45,  inclination  of  orbit 
of  87.3  degrees,  and  perilune  speed  of  2.555  km/sec 

Lunar  transfer  orbit:  Ellipse  with  a  radius  of  6,578  x 
382,000  km,  inclination  of  orbit  against  the  earth  of  6 1 . 1 
degrees,  perigee  speed  (starting  speed)  of  10.91 5  km/sec, 
and  AV,  =  3.131  km/sec 

Flight  time  up  to  perilune:  107.4  hours 

Launching  capability:  Approx.  2,800  kg  (use  of  H-II 
rocket) 

The  H-II  rocket  moves  from  the  hyperbolic  orbit  to  the 
lunar  orbit  when  it  approaches  the  moon.  It  is  possible  to 
regard  this  movement  as  an  orbital  transfer  in  planes. 
When  the  final  orbit  is  a  circular  orbit  with  an  altitude  of 
100  km  and  an  inclination  of  orbit  of  90  degrees,  as 
shown  below,  the  effective  weight  of  the  probe  is  approx¬ 
imately  2  tons. 

Perilune  speed:  2.555  km/sec 

Propulsion  system:  Hydrazine/NTO  system  (Isp  =  320  s) 

Circular  speed  at  altitude  of  100  km:  1.633  km/sec 

Amount  of  propellant:  710  kg 

AV2:  0.922  km/sec 

Weight  of  propulsion  system:  90  kg 
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Effective  weight  of  probe:  2,000  kg 
3.  Necessary  Technical  Development  Subjects 

(1)  Star  Sensor  (Canopus  Star  Tracker)  and  Attitude 
Determining  System 

This  is  an  on-board  system  which  determines  or  corrects 
the  attitude  of  the  probe  in  the  lunar  transfer  orbit,  and 
consists  of  a  star  sensor  and  compact  computer  recording 
information  on  an  all-weather  map. 

(2)  Real-Time  Orbit  Determining  System 

This  is  an  earth  station  system  which  measures  the  range 
and  range  rate  of  the  probe,  determines  the  real-time 
orbit  and  calculates  the  amount  of  correction  for  various 
orbits  if  these  orbits  are  to  be  transferred. 

(3)  Orbit  Transferring  Engine  System 

This  is  an  on-board  system  which  corrects  orbital  errors 
in  the  lunar  transfer  orbit,  moves  this  orbit  toward  the 
lunar  orbit,  starts  the  maneuver  engine  on  the  basis  of 
the  orbit  correction  determined  on  the  ground,  and 
controls  the  increased  speed. 

Study  of  Conditions  Required  for  Soft  Landing  on 
Moon 

43062505X  Tokyo  PROCEEDINGS  OF  THE  32ND 
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[Article  by  Akira  Nakajima  of  Mitsubishi  Space  Soft¬ 
ware  Co.,  Ltd.;  Yasuo  Kano  of  the  National  Space 
Development  Agency  of  Japan] 

[Text]  1.  Preface 

Japan  has  not  accumulated  any  lunar  or  planet  exploring 
technologies,  or  soft  landing  technologies  in  particular, 
from  experience.  Therefore,  when  Japan  works  out  her 
own  lunar  soft  landing  plan  in  the  future,  it  will  be 
necessar  for  her  to  design  the  systems  and  develop  the 
technologies  based  on  the  Project  Apollo,  etc.,  executed 
in  the  past.  In  this  paper,  we  will  describe  the  results  of 
analyzing  orbital  errors  occurring  when  a  landing  plane 
conducts  inertial  navigation  using  an  inertial  measuring 
unit  [IMU],  and  will  study  the  requirements  determined 
by  this  initial  analysis. 

2.  Standard  Orbit  and  Landing  Plane  System 

The  standard  orbit  used  in  the  above  analysis  of  the 
landing  was  designed  with  reference  to  Project  Apollo. 
The  details  are  as  follows:  (1)  Standard  orbit:  A  landing 
plane  is  transferred  from  a  lunar  orbit  at  an  altitude  of 
100  km  to  an  elliptic  orbit  with  an  apolune  altitude  of 
100  km  and  a  perilune  altitude  of  15  km.  When  the 
landing  plane  passes  through  the  perilune,  it  will  begin  to 
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Figure  1.1  Outline  of  Descent  Orbit 

Key: 

1.  Landing 

2.  Start  of  decrease  in  power  at  altitude  of  1 5  km 

3.  Orbiting  moon  at  altitude  of  100  km 


lower  its  power  and  make  a  soft  landing.  The  orbit  is 
outlined  in  Figure  1.1  and  Table  1.1.  (2)  Landing  plane 
system:  The  landing  plane  is  launched  with  the  H-II 
rocket  and  its  initial  weight  is  estimated  to  be  1,500  kg. 
The  inertial  navigation  system  [INS]  mounted  on  the 
landing  plane  is  strapped  down  as  is  the  IMU  on  the  H-II 
rocket.  Table  1.2  presents  details  of  the  landing  plane 
system. 


Table  1.1 

Sequence  of  Events 

Time  (sec) 

Event 

0.0 

Placing  of  Hohmann  transfer  orbit 

3412.5 

Start  of  decrease  in  power  upon  passing  through  perigee 

4050.9 

Touch  down 

Table  1.2 

Details  of  Landing  Plane  System 


Initial  weight  of  landing  plane 

1,500  kg 

INS  to  be  mounted 

Strapped-down-type  IMU  mounted 
on  H-II  rocket 

Thrust  system  for  descent 

Three-stage  step-type  thrust 

Specific  impulse:  approx.  350  sec 

Thrust  at  first  stage:  approx.  476  kg 

Thrust  at  second  stage: 
approx.  277  kg 

Thrust  at  third  stage: 
approx.  135  kg 

3.  Analytical  Conditions 


After  the  landing  plane  is  placed  into  transfer  orbit,  IMU 
errors  will  be  generated.  The  influence  of  these  errors  on 
the  orbit  until  the  landing  time  is  analyzed  by  using  the 
above-mentioned  standard  orbit.  With  regard  to  the 
IMU  3o  main  error  sources,  see  Table  1.3. 
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Table  1.3 

Results  of  Analyzing  Errors** 


Error  upon  landing  (T  =  4,050  sec) 

Position  error  (meters) 

Speed  error  (m/sec) 

X 

Y 

Z 

X 

Y 

Z 

IMU  Main 
Error  Source 

Acceleration  system  x 

-886 

151 

0 

-1.11 

-0.42 

0.00 

Bias  ( 1 30  (ig)  y 

0 

0 

-427 

0.00 

0.00 

0.15 

z 

2820 

-1310 

0 

3.80 

0.79 

0.00 

Gyro-bias  (0.  i  2) 

0 

0 

-527 

0.00 

0.00 

-1.64 

y 

1440 

584 

0 

3.93 

2.21 

0.00 

Z 

0 

0 

641 

0.00 

0.00 

1.46 

Gravity  (J3) 

229 

-203 

-2 

0.33 

0.09 

0.00 

3  a  RSS  value 

3175 

1326 

678 

5.48 

2.35 

1.64 

(•) 

(2799) 

(2001) 

(698) 

(4.82) 

(3.51) 

(1.64) 

(•)  3  a  RSS  value  in  the  directions  of  altitude,  down  range,  and  cross  range,  respectively. 


4.  Results  of  Analysis 

Table  1 .3  shows  the  results  of  analyzing  the  errors  caused 
by  the  IMU  3  main  error  sources. 

This  table  indicates  that  it  is  difficult  for  the  landing 
plane  to  make  a  soft  landing  solely  on  the  basis  of  the 
navigation  calculation  results  using  the  INS.  The  altitude 
directional  error  is  generated  by  the  IMU  main  error 
sources  (3o)  upon  landing.  The  altitude  directional  error, 
at  about  3  km,  is  particularly  remarkable.  Therefore,  it  is 
necessary  to  conduct  composite  navigation  using  inertial 
navigation  equipment  and  an  altimeter  when  landing. 
Navigation  of  higher  accuracy  requires  a  speedometer. 

As  mentioned  in  3  above,  this  analysis  was  conducted 
under  the  assumption  that,  prior  to  the  landing  plane 
being  placed  in  transfer  orbit,  IMU  errors  will  not  exist, 
i.e.,  an  ideal  state  will  exist.  This  means  that,  in  actual 
missions,  it  will  be  necessary  to  initialize  the  IMU  before 
placing  the  landing  plane  into  transfer  orbit. 

The  conditions  required  as  a  result  of  this  analysis  are  as 
follows:  1.  composite  navigation,  2.  initialization  of  the 
IMU. 

5.  Postface 

The  above  analysis  is  basic,  and  has  been  conducted 
taking  only  IMU  errors  into  eonsideration.  In  the  future, 
it  will  be  necessary  to  carry  out  orbit  analysis  by  taking 
the  initial  position,  speed,  attitude  error,  etc.,  into  con¬ 
sideration,  as  well  as  to  set  the  required  conditions  over 
a  wider  area.  It  will  also  be  necessary  to  carry  out 
analysis  with  respect  to  the  direct  transferring  of  a 
landing  plane  from  the  lunar  transfer  orbit  as  well  as  the 
landing  of  the  landing  plane  from  the  lunar  orbit. 
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[Text]  1.  Preface 

The  National  Space  Development  Agency  of  Japan 
[NASDA]  is  constructing  a  facility  at  the  Tsukuba  Space 
Center.  This  facility  will  be  used  to  comprehensively 
perform  tests  on  an  engineering  test  satellite,  type  VI,  a 
space  station  experimental  module  and  various  space 
planes  which  will  become  increasingly  larger  from  now 
on.  Regarding  this  comprehensive  testing  facility,  in  this 
paper  we  will  outline  the  instrumentation  data  pro¬ 
cessing  system  used  to  collect,  analyze  and  control  var¬ 
ious  data  on  specimens  and  to  control  the  operation  of 
the  overall  facility. 

2.  Outline  of  System 

Figure  1  shows  an  outline  of  the  instrumentation  data 
processing  system.  This  system  consists  of  four  sets  of 
proeessing  units  (high  speed  data  collector/measuring 
instrument  and  super  minicomputer:  TOSBAC  G-8000), 
a  set  of  computers  (super  minicomputer:  TOSBAC  G- 
8000),  work  station  (EWS:  AS-3000)  and  a  personal 
computer  (PASOPIA)  as  a  data  terminal.  These  com¬ 
puters  are  connected  by  means  of  a  local  area  network 
[LAN].  The  four  sets  of  processing  units  are  used  to 
process  the  data  sent  from  various  facilities  for  tests 
involving  the  space  chamber,  vibration,  sound,  and 
impact.  The  set  of  computers  is  used  to  store  and  control 
the  test  data,  data  base,  etc.,  and  to  analyze  the  data.  The 
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Figure  1.  Outline  of  System 


Key: 

1 .  Data  processing  computer 

2.  Operation  control  computer 

3.  Computer  section 

4.  Facility  data  collecting  section 

5.  For  satellite  check-out  unit 

6.  For  first  floor 

7.  Terminal  for  characteristic  testing  room 

8.  Data  collection  section 

9.  High  speed  data  collecting  section 

10.  Monitoring  section 


1 1 .  Measuring  instrument  section 

1 2.  Explosion  tube  control  section 

1 3.  Instrumentation  data  processing  unit 
for  space  chamber 

14.  Instrumentation  data  processing  unit 
for  vibration  test  facility 

15.  Instrumentation  data  processing  unit 
for  acoustic  test  facility 

1 6.  Instrumentation  data  processing  unit 
for  impact  test  facility 


work  station  is  used  to  one-dimensionally  control  the 
operation  of  the  overall  test  facility. 

3.  Function 

Table  1  shows  the  function  and  performance  of  this 
system.  The  system  possesses  the  following  features: 

1)  High  speed  processing  (real-time  collection/high  speed 
analyzing)  Data  used  to  be  recorded  on  tapes,  etc.,  and  was 
then  input  by  means  of  a  processing  unit.  However,  in  this 
system,  data  can  be  input  directly  to  a  processing  unit  by 
means  of  a  high  speed  data  inputting  function  and,  imme¬ 
diately  after  being  collected,  it  will  be  fast- 
Fourier-transformed  [FFTJed  by  means  of  a  high  speed 
arithmetic  processor  (DSP  9506).  With  this  method,  the 
work,  extending  from  data  input  to  the  required  analysis, 
can  be  carried  out  in  less  than  one-tenth  the  time  previously 
required. 


2)  Back-up  processing  Thermal  vacuum  tests  using  a 
space  chamber  require  a  long  period  of  time  (45  days 
maximum).  Even  if  an  accident  occurs  in  the  system 
during  the  testing,  no  problems  result  since  the  system’s 
hardware  and  software  enable  the  data  processing  com¬ 
puter  to  gain  control  instead  of  the  system. 

3)  Comprehensive  control  The  system  one-dimensionally 
controls  all  testing  states  as  well  as  the  water,  electric 
power  and  room  entrance.  Data  can  be  shared  since  the 
respective  computers  are  connected  through  the  system’s 
LAN.  In  addition,  the  system  is  constructed  so  that  it  can 
cope  flexibly  with  its  future  extension,  etc.,  since  a  stan¬ 
dard  LAN  has  been  adopted. 

4.  Postface 

Space  planes  will  become  increasingly  larger  from  now 
on.  This  system  is  currently  being  installed  at  Tsukuba 
Space  Center  and  wil  be  completed  as  part  of  the 
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Table  1. 


Instrumentation  Data 
Processing  Unit  for  Space 
Chamber 

Instrumentation  Data 
I^tKessing  Unit  for 

Vibration  Test  Facility 

Instrumentation  Data 
Processing  Unit  for 

Acoustic  Test  Facility 

Instrumentation  Data  Pro¬ 
cessing  Unit  for  Impact  Test 
Facility  of  measuring  points 

Temperature  of  specimens, 
etc.,  approx.  1,360  points 

Acceleration,  strain,  etc., 
approx.  370  points 

Sound  pressure, 
acceleration,  strain,  etc., 
approx.  250  points 

Acceleration,  etc., 
approx.  200  points 

Continuous 

instrnmentation 

period 

45  days  (max) 

Sine  wave  for  6  minutes, 
random  wave  for  3  minutes 

4  minutes 

160  milliseconds 

Data  processing 

Quick  look  (temperature 
graph  indication) 

Quick  look 

Quick  look 

Quick  look 

Analyzing 

Transfer  function;  f-g  curve; 
PSD  analysis;  mode  analysis 

PSD  analysis;  1/1,  Vj  octave; 
effective  value  time  history 

SRS  analysis;  FFT  analysis; 
indication  of  waveform 

comprehensive  environment  testing  facility  for  use  in 
launching  four  space  planes  annually.  After  tests  on  the 
relationship  between  the  system  and  the  respective  test 
facilities  are  conducted,  the  system  is  scheduled  to  be 
completed  around  June  1989.  Finally,  we  thank  all  the 
persons  concerned  for  their  help  with  this  system. 

Analysis  of  ETS-VI  Contamination 

43062505Z  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY  CONFERENCE 
in  Japanese  26-28  Oct  88,  No  2B2,  p  294 

[Article  by  Koji  Terada  of  the  National  Space  Develop¬ 
ment  Agency  of  Japan;  Kimitsune  Akai  and  Hiromichi 
Kochi  of  Toshiba  Corporation] 


[Text]  1.  Preface 

It  may  become  impossible  to  maintain  the  initial  perfor¬ 
mances  of  artificial  satellites  since  the  surfaces  of  these 
satellites  are  contaminated  due  to  various  factors  and 
optical  characteristics  change.  In  order  to  prevent  the 
surfaces  from  becoming  contaminated  and  the  optical 
surfaces  from  changing,  it  is  necessary  to  analyze  the 
contamination  in  advance  and  to  take  effective  measures 
against  the  contamination. 

It  is  becoming  increasingly  important  to  analyze  the 
contamination  since  the  ETS-VI  has  a  long  life,  many 
kinds  of  thrusters  serve  as  contamination  sources,  and 
many  types  of  mission  equipment  and  sensors  are  readily 
affected  by  contamination. 


Table  1.  IN  in  Control  of  E/W  Orbit;  Amount  of  Thruster  Plumes  Attaching 


1.  Amount  of  Thruster  Plumes  Attaching  (A)  *1 

2.  Allowable  Temperature  Range  {°C) 

3.  East  side 

4.  West  side 

5.  Antenna 

6.  Accurate  solar  sensor 

7.  S-band  antenna 


8.  Ion  engine  heat  radiating  surface 

9.  Ion  engine  proper 

10.  Accurate  solar  sensor 

1 1 .  Dosage  meter 

12.  20  GHz  main  reflecting  mirror  (back  side:  MLI) 

13.  30  GHz  main  reflecting  mirror  (back  side;  MLI) 

14.  *1;  Value  per  60  seconds  of  thruster  injection 

15.  *2:  Lowest  temperature  anticipated  with  analyses 
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This  report  describes  contamination  of  the  ETS-VI, 
specifically  that  caused  by  RCS  IN  thruster  plumes 
and  ion  engine  (lES)  electrical  discharge  chamber 
wearing  substances.  It  seems  that  the  contamination 
caused  by  these  plumes  and  substances  greatly  affects 
the  ETS-VI. 

CONTAM  is  used  as  the  standard  software  for  analysis 
in  the  West.  This  CONTAM  was  used  to  analyze  the 
contamination  of  IN  thruster  plumes. 

2.  Results  of  Analysis 

(1)  Amount  of  RCS  IN  Thruster  Plumes  Attaching 

Table  1  shows  the  amount  of  thruster  plumes 
becoming  attached  to  the  surface  of  each  satellite  in  the 
case  of  E/W  orbit  control.  Substances  attaching  to  the 
surface  include  NH3  and  H2O,  and  the  volumetric 
ratio  is  approximately  20: 1 .  The  allowable  temperature 
ranges  of  the  respective  components  are  different  from 
the  actual  surface  temperatures,  but,  for  reference 
purposes.  Table  1  shows  these  allowable  ranges.  It  is 
anticipated  that  NH3  and  H2O  will  not  attach  to  many 
components  except  for  the  solar  cell  paddle  and  the 
heat  insulating  blanket  (MLI)  since,  when  the  surface 
temperature  is  greater  than  -90  degrees,  these  sub¬ 
stances  will  not  attach  to  these  components.  It  is  also 
believed  that  even  if  the  substances  become  attached  to 
the  components,  they  will  not  exert  any  large  influ¬ 
ences  on  the  components  since  they  will  evaporate 
when  the  temperature  rises. 


Study  of  Platform-type  Earth  Observation  Satellite 
System 

43065012a  Tokyo  PROCEEDINGS  OE  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88,  No  2B9 
pp  308-309 


[Article  by  Tatsuna  Kawashima,  Kojiro  Ikuta  and 
Noriaki  Oka  of  Toshiba  Corporation] 

[Text]  1.  Preface 

This  report  describes  the  platform-type  earth  observa¬ 
tion  satellite  system,  specifically  the  satellite  configura¬ 
tion.  This  satellite  is  scheduled  to  be  launched  as  Japan’s 
earth  observation  satellite.  The  system  was  also  studied 
in  fiscal  1987. 

2.  Mission  of  Platform-type  Earth  Observation  Satellite 

The  object  of  the  study  of  this  system  is  a  satellite  used  to 
conduct  two  missions,  i.e.,  earth  observation  and  plat¬ 
form  technical  development.  Therefore,  as  shown  in 
Table  1,  this  satellite  must  have  the  equipment/functions 
appropriate  for  platform  technical  development  as  well 
as  earth  observation  equipment. 
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4.  Modularization  and  Unit 

The  system  was  studied  based  on  the  following:  1)  the 
platform-type  earth  observation  satellite  shall  consist  of 
three  modules,  i.e.,  mission  module,  bus  module  and 
propulsion  module,  and  2)  in  principle,  the  dimensions 
of  the  respective  units  shall  be  unified  through  a  sub¬ 
system  unit. 

With  regard  to  the  mission  module,  the  shape  and  basic 
dimensions  of  the  mission  main  body  structure  have 
been  determined  so  that  all  mission  equipment  can  be 
mounted  on  the  satellite  in  order  to  satisfy  the  require¬ 
ments  of  modularization. 

With  regard  to  the  bus  module,  the  unit  has  been 
adopted  and  the  dimensions  unified  based  on  the  bus 
equipment  data  which  satisfies  the  subsystem  require¬ 
ments. 

Also,  the  constitution  and  basic  dimensions  of  the  pro¬ 
pulsion  module  have  been  determined  by  analyzing  the 
amount  of  propellant  and  requiring  that  thrusters  be 
installed  for  orbit  conversion. 

5.  Satellite  Configuration 

Figures  1  and  2  show  examples  of  satellite  configurations 
obtained  from  results  of  basic  dimensions  of  each 
module  and  unit,  as  well  as  from  system  design  and 
analysis. 

The  three  modules  are  positioned  in  the  following  order: 
propulsion  module,  bus  module  and  mission  module, 


X 


Key: 

1.  Mission  module  3.  Propulsion  module 

2.  Bus  module 


Figure  2.  Example  of  Configuration  in  Orbit 

Key: 

1.  Mission  module  3.  Propulsion  module 

2.  Bus  module 


from  the  satellite  separation  side,  taking  into  consider¬ 
ation  the  combining  with  a  rocket,  ensuring  the  visual 
field  of  each  equipment  item,  evading  the  influence  of 
plumes,  etc.  The  solar  cell  paddle  is  designed  to  be  a 
one-wing  type  due  to  the  electric  power  requirement 
value  and  orbit  conditions. 

The  height  (axial  direction  of  the  rocket)  of  the  main 
body  structure  of  the  mission  module  is  approximately 
2. 1  meters,  and  the  observation  equipment  is  mounted 
on  the  +Z  face  (earth  directional  face)  of  the  main  body 
structure.  The  space  at  the  -Z  side  is  mainly  used  to  store 
antennas  for  data  relay  transmission. 

According  to  the  unit  dimensions,  the  main  body  struc¬ 
ture  of  the  bus  has  a  height  of  approximately  1 .4  meters. 
A  bus  unit  is  properly  placed  in  relation  to  each  of  the 
four  sides  of  the  bus  main  body  structure  in  accordance 
with  the  requirements  involving  the  visual  field,  the 
amount  of  discharged  heat,  etc. 

The  equipment  based  on  the  gas  jet  propulsion  system 
includes  the  propellant  tank,  individual  thrusters,  etc., 
and  is  used  to  convert  the  orbit,  retain  the  orbit,  and 
control  the  attitude.  All  equipment  items  are  installed  on 
the  propulsion  module  in  accordance  with  the  principle 
of  modularization. 

6.  Conclusion 

We  were  able  to  plan  a  satellite  configuration  which 
satisfies  the  requirements  of  unit,  modularization  and 
installation  of  mission  equipment  imposed  on  the  plat¬ 
form-type  earth  observation  satellite. 

This  is  one  of  the  results  of  the  conceptual  design  carried 
out  on  consignment  from  NASDA  [the  National  Space 
Development  Agency  of  Japan]  in  fiscal  1987.  We  deeply 
appreciate  NASDA’s  guidance. 
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Construction  of  Lunar  Structure  Using  Concrete 

43065012b  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88.  No  2C14, 
pp  356-357 

[Article  by  Hiroshi  Kanamori,  Shinji  Matsumoto, 
Noboru  Ishikawa,  Haruyuki  Nanba,  Yoshiro  Kai  and 
Kunihiko  Sugihara  of  Shimizu  Construction  Co.,  Ltd.] 

[Text]  1.  Preface 

It  is  expected  that  concrete  will  represent  an  effective 
building  material  when  a  permanent  lunar  base  is  con¬ 
structed.  Reasons  for  its  effectiveness  are  as  follows:  1) 
most  of  the  necessary  raw  materials  already  exist  on  the 
moon,  2)  the  manufacturing  process  is  comparatively 
simple,  and  3)  concrete  has  been  used  in  many  situations 
as  a  structural  material  on  the  earth. 

This  report  outlines  a  lunar  structure  for  which  concrete 
is  employed  as  the  main  structural  material. 

2.  Manufacturing  of  Concrete  on  the  Moon 

The  following  preconditions  are  required  in  order  for  a 
lunar  structure  to  be  constructed  of  concrete:  1)  a  trans¬ 
portation  system  used  to  carry  necessary  materials  must 
be  established  to  some  extent,  2)  various  material  pro¬ 
duction  plants  must  be  in  operation  on  the  moon,  and  3) 
materials  of  the  required  quality  must  be  in  stable 
supply. 

In  order  to  supply  the  water  necessary  for  the  concrete 
hardening  process,  it  will  be  necessary  to  transport 
hydrogen  from  the  earth.  It  has  been  pointed  out  that, 
basically,  the  concrete-constituting  materials  other  than 
hydrogen  can  be  obtained  from  lunar  sources.'*  Also, 
with  regard  to  the  influence  of  the  lunar  environment  on 
the  concrete  manufacturing  process,  an  experimental 
study  has  already  been  carried  out  and  results  obtained. 
The  results  indicate  that  low  gravitational  acceleration 
( 1/6  G)  does  not  greatly  affect  the  quality  of  the  concrete, 
but  the  decrease  in  the  strength  of  the  concrete  caused  by 
a  vacuum  environment  cannot  be  ignored.^*  Accord¬ 
ingly,  it  is  thought  that  precast  members  manufactured 
in  a  pressurized  chamber  will  be  practical  temporarily.  It 
is  apparent  that  the  technology  for  manufacturing  con¬ 
crete  in  a  vacuum  will  be  developed  in  the  future,  with 
the  author,  et  al.,  having  already  proposed  a  method  for 
doing  so.^* 

3.  Shape  and  Structure  of  Module 

In  addition  to  the  use  of  the  above-mentioned  precast 
members,  we  have  taken  the  following  matters  into 
consideration:  1)  the  lunar  structure  shall  be  pressure 
tight,  2)  the  lunar  structure  shall  be  combined  with 
modules  for  reasons  of  safety  and  workability,  and  3)  the 
lunar  structure  can  be  expanded  in  the  future.  As  a  result, 
a  module  in  the  shape  of  a  hexagonal  prism  was  devised. 
Figure  1  shows  the  module.  The  module  consists  of  a 
frame,  ceiling,  wall  and  floor  panels.  When  all  panels  are 


II 


4. 


Figure  1.  Module  Shape 

Key: 

1.  Removable  ceiling  panel  3.  Removable  wall  panel 

2.  Frame  4.  Removable  floor  panel 


installed  on  the  module  and  the  inside  of  the  module  is 
pressurized,  internal  pressure  will  eventually  be  imposed 
on  the  frame.  The  frame  is  made  of  pre-stressed  con¬ 
crete,  with  side,  horizontal  and  perpendicular  cables  laid 
in  the  frame.  The  side  cable  resists  internal  pressure, 
while  the  horizontal  and  perpendicular  cables  connect 
adjacent  modules  in  the  longitudinal  and  lateral  direc¬ 
tions.  The  end  of  the  cables  is  anchored  inside  the 
module,  and  the  cable  tautening  and  maintenance  can  be 
carried  out  inside  the  pressurized  module. 

4.  Production  and  Assembly  of  Module 

Facilities  for  manufacturing  cement,  aggregate,  oxygen, 
fibers,  concrete  plants,  etc.,  are  installed  in  the  pressur¬ 
ized  factory,  and  pre-stressed  concrete,  frames  and 
panels  can  be  assembled  there.  Modules  with  pressurized 
interiors  are  shipped  from  the  factory  and  carried  by 
means  of  a  drawing  crane  and  a  mobile  crane  which 
travel  on  the  upper  face  of  the  existing  module.  Modules 
set  in  their  specified  positions  are  connected  by  tau¬ 
tening  cables  from  the  inside  of  the  existing  modules. 
Zones  for  various  functions  can  be  laid  out  by  posi¬ 
tioning  wall  panels  in  modules.  Figure  2  shows  such 
zones.  It  is  also  possible  to  provide  comparatively  large 
spaces  within  the  modules  by  using  these  modules  as 
structural  materials.  As  mentioned  previously,  the  mod¬ 
ules  are  built  to  cope  with  the  future  expansion  of  a  base 
and  can  be  separated  from  each  other  in  arbitrary 
positions  in  case  of  an  emergency. 

5.  Future  Tasks 

This  report  describes  our  study  of  a  lunar  structure  made 
of  concrete  from  the  standpoint  of  design,  material, 
structure  and  assembly.  It  is  apparently  necessary  to 
study  these  items  further  and  to  evaluate  them,  including 
their  economic  efficiency,  in  a  comprehensive  manner. 
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Key: 

1.  Bedroom  unit 

2.  Sanitation  unit 

3.  Living  zone 

4.  Path  zone 


5.  Experimental  equipment  panel 

6.  Path  unit 

7.  Research  laboratory  zone 

8.  Research  laboratory  unit 

9.  Floor  panel 
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[Text] 

1.  Preface 

The  H-I  rocket  is  used  to  launch  the  Geostationary 
Meteorological  Satellite  No  4  [GMS-4].  The  rocket¬ 
placing  error  and  AMF  [apogee  motor  fire]  attitude  error 
are  larger  than  those  of  the  GMS-1  to  GMS-3  since  the 
second  apogee  AMF  is  executed.  The  drift  rate  following 
the  AMF  has  increased,  and  it  has  become  difficult  to 
make  a  plan  for  a  geostationary  satellite  in  accordance 
with  the  above  substantial  errors.  It  is  judged  that  this  is 
because  there  were  problems  with  the  methods  used  to 
estimate  the  drift  rate  when  the  plan  was  made.  We  have 
again  studied  the  influence  on  the  drift  rate  of  the 
transfer-orbit-placing  error  and  the  AMF  error  immedi¬ 
ately  following  the  AMF.  This  paper  reports  our  results 
obtained  in  regard  to  devising  the  above  plan. 

2.  Error  Processing 

2.1  Transfer  Orbit  Placing  Errors 

Of  the  transfer  orbit  placing  errors,  we  have  studied  the 
processing  of  the  apogee  altitude  error  (Aha)  and  the 
inclination  of  orbit  error  (Ai)  which  affect  the  drift  rate. 

Up  to  now,  cases  of  very  low  probability  were  also 
objects  of  analysis  since  the  range  of  errors  extended 
from  -3o  to  +3a,  regardless  of  the  correlation  between 
Aha  and  Ai.  Generally,  all  that  is  necessary  is  to  regard 
the  normal  distribution  as  a  model  of  accidental  errors, 
and  when  the  number  of  variables  is  two,  the  model  is 
two-dimensional  normal  distribution.  We  have  decided 
to  study  the  two-dimensional  normal  distribution  con¬ 
cerning  Aha  and  Ai,  taking  the  correlation  p  between  two 
errors  (Aha  and  Ai)  into  consideration. 

A  3o  error  ellipse  has  been  selected  from  the  elliptic 
group  for  the  study  of  Aha  and  Ai  up  to  +/-3a,  since 
ellipses**  consist  of  coordinates  with  a  constant  proba¬ 
bility  density  in  two-dimensional  normal  distribution. 
The  coordinate  at  the  inside  of  this  error  ellipse  indicates 
a  class  of  errors  that  becomes  the  object  of  analysis. 
Then,  all  that  is  required  is  to  analyze  the  section  as  a 
form  of  processing  the  transfer  orbit  placing  error. 

Figure  1  shows  an  error  ellipse  and  the  status  of  the  error 
range  which  becomes  the  object  of  analysis. 

2.2  AMF  Error 

When  the  AMF  error  is  large,  it  greatly  affects  the  drift 
rate  following  the  AMF.  Therefore,  when  a  plan  for  a 
geostationary  satellite  is  devised,  it  is  necessary  to  take 
this  influence  into  consideration. 

We  will  divide  the  speed  incremental  errors  accompa¬ 
nying  the  AMF  into  two  kinds,  i.e.,  the  speed  incre¬ 
mental  error  caused  by  attitude  and  that  caused  by 
thrust,  and  will  study  them. 

The  speed  incremental  error  vector  quantity:  AVatt 
caused  by  the  attitude  has  components  which  meet  at 
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1. 


Key: 

1.  Value  of  a  of  Ai 

2.  Value  of  a  of  Aha 

3.  Case  that  does  not  need  to  be  studied 

4.  Case  that  should  be  studied 


right  angles  with  the  thrust  vector  out  of  the  AMF  speed 
incremental  error,  and  the  magnitude  is  as  follows: 

absolute  value  of  vector  quantity:  AVatt  =  V^mf  x  tan 
(A0),  where  V^mf:  Nominal  value  of  increase  in  AMF 
speed  A0:  AMF  attitude  error 

The  speed  incremental  error  vector  quantity:  AVp^ 
caused  by  the  thrust  has  components  parallel  to  the 
thrust  vector  out  of  the  AMF  speed  incremental  error, 
and  the  magnitude  is  as  follows: 


Key: 

1 .  Drift  orbit  plane 

2.  Drift  inclination  of  orbit 

3.  Increase  in  speed  contributing  to  drift  rate 

4.  Equatorial  face 


regard  to  time)  X^mf-  The  sum  of  (first  derivative  with 
regard  to  time)  Xtr  and  (first  derivative  with  regard  to  time) 
Xamf  will  become  the  drift  rate  when  the  geostationary 
satellite  plan  is  studied. 

Figure  3  shows  the  results  obtained  by  plotting  the  drift  rate 
and  the  longitude  immediately  under  the  point  found  by  the 
above-mentioned  method  on  a  graph.  As  can  be  seen  from 
this  figure,  when  the  drift  rate  in  point  A  and  that  in  point 
B  are  positive  and  negative,  respectively,  they  demonstrate 
the  worst  cases.  Therefore,  when  the  plan  is  formulated,  all 
that  is  generally  necessary  is  to  analyze  points  A  and  B. 
Figure  4  shows  an  example  of  a  planfor  a  geostationary 
satellite  when  point  A  exists. 


absolute  value  of  vector  quantity:  AVp^^  =  V^mf  *  AF/100, 
AF:  Thrust  error  of  AKM  [apogee  kick  motor]  (percent) 

The  correlation  between  the  two  errors  is  zero  since  they 
are  independent.  The  influence  of  this  speed  incremental 
error  on  the  drift  rate  can  be  obtained  from  the  magni¬ 
tude  when  this  error  is  projected  on  the  drift  orbit  plane. 

Figure  2  outlines  the  processing  of  the  AMF  error. 

3.  Plan  for  Geostationary  Satellite 

A  plan  for  a  geostationary  satellite  has  been  made  taking 
the  error  processing  explained  in  2  into  consideration. 

In  order  to  formulate  the  plan,  it  is  necessary  first  to  find  the 
longitude  X  just  under  the  point  immediately  following  the 
AMF  and  the  drift  rate  (first  derivative  with  regard  to  time) 
X.  X  and  Xtr  (first  derivative  with  regard  to  time)  are  found 
immediately  after  the  AMF  about  the  orbit  with  an  error 
(inside  of  error  ellipse  shown  in  Figure  1)  whose  range  has 
become  an  object  of  analysis,  taking  the  correlation  in 
paragraph  2.1  into  consideration.  Next,  the  speed  incre¬ 
mental  error  accompanying  the  AMF  studied  in  paragraph 
2.2  is  converted  into  the  drift  rate  (first  derivative  with 


Figure  3.  Drift  Rate  and  Longitude  Directly  Under 
Point  Immediately  After  AMF 

Key: 

1.  Drift  rate  according  to  AMF  error 

2.  X  and  Xq-R  immediately  after  AMF 
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Figure  4.  Plan  for  Geostationary  Status  When  Point 
A  Is  Involved 

Key: 

1 .  Target  geostationary  longitude 

2.  Geostationary  orbital  control  is  carried  out  at  O 


4.  Summary 

The  influence  of  the  transfer  orbit  placing  error  and  that 
of  the  AMF  error  on  the  drift  rate  are  found.  The  drift 
rate  immediately  following  the  AMF  is  estimated  by 
adding  the  two  influences.  In  this  case,  cases  barely 
realized  can  be  removed  by  carrying  out  analyses  taking 
the  correlation  between  Aha  and  Ai  of  the  transfer  orbit 
into  consideration.  The  use  of  this  drift  rate  will  validate 
the  plan. 
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[Text] 

1.  Preface 

The  1 1th  Japan-European  Space  Agency  [ESA]  Execu¬ 
tive  Official’s  Conference  was  held  in  the  ESA  headquar¬ 
ters,  located  in  Paris,  France,  on  16-17  April  1986.  It  was 
recognized  at  this  conference  that  the  National  Aero¬ 
space  Laboratory  [NAL]  would  participate  in  the  Laser 
Synchronization  of  Atomic  Clocks  from  Stationary  Orbit 


[LASSO],  which  is  one  of  ESA’s  projects.  The  main 
purposes  of  LASSO  are  to  determine  precision  orbits  and 
to  establish  an  intercontinental  time  synchronizing  tech¬ 
nology  using  the  geostationary  satellite  laser  range 
finding.  The  ESA  has  manufactured  two  orbits,  i.e., 
LASSO-A  and  LASSO-B,  as  space  sections  (LASSO 
packages).  In  1979,  the  ESA  issued  an  A.O.  [Announce¬ 
ment  of  Opportunity]  calling  for  participation  in  exper¬ 
iments  involving  LASSO  and,  in  1982,  it  utilized  the 
ARIAN-L5-type  rocket  to  launch  the  SIRIO-2  satellite 
equipped  with  the  LASSO-A,  but  it  resulted  in  failure. 
Subsequently,  the  ESA  was  scheduled  to  modify  the 
LASSO  and  to  use  the  ARIAN-4-L1,  a  new  type  of 
rocket,  in  order  to  launch  the  METECOSAT-P2,  a  mete¬ 
orological  satellite  equipped  with  the  LASSO  payload 
(LASSO-B),  from  mid-  to  late- 1986.  However,  it  was 
decided  that  the  launching  of  the  METECOSAT-P2 
would  be  postponed  to  after  July  1987  because  a  test 
flight  of  the  ARIAN-4  rocket,  which  was  carried  ahead  of 
the  above  schedule,  failed.  As  mentioned  previously,  the 
postponement  was  repeated,  but  the  ESA  finally 
launched  a  rocket  successfully  on  15  June  1988,  and  the 
rocket  became  stationary  in  the  vicinity  of  10  degrees 
West  longitude  on  1 7  July.  The  system  is  currently  being 
checked  and,  if  all  goes  well,  it  is  scheduled  to  enter  the 
operational  stage  from  late  September  to  October,  and 
an  experiment  involving  the  LASSO  will  be  started.  The 
following  is  an  outline  of  the  LASSO  project  and  a 
description  of  the  results  of  simulation  analyses  carried 
out  preliminarily  in  preparation  for  determining  the 
precision  orbit  according  to  the  geostationary  satellite 
laser  range  finding. 

2.  Preliminary  Analysis  for  Determining  Precision  Orbit 

The  LASSO  payload  consists  of  retro-reflectors,  photo¬ 
detectors,  and  an  ultra-stable  oscillator  and  counter 
[USO]  for  indicating  time-tags  on  the  pulse  reaching 
time.  These  time-tags  are  encoded  by  dividing  multiple 
times  and  are  transmitted,  with  other  information,  to  the 
ground  by  means  of  a  telemeter.  (They  are  used  for  time 
comparison.)  Each  station  measures  the  two-way  or 
one-way  propagation  time.  A  total  of  10  European  and 
American  stations  are  currently  scheduled  to  participate 
in  the  measurement.  An  orbit-determining  program, 
“Cosmos-V,”  is  vectored  and  operated  with  the  super¬ 
computer  “V-400,”  made  by  the  NAL,  and  is  used  to 
determine  the  orbit.  The  standard  model  adopted  is  the 
Merit  Standards  (J2000.0  system).  First,  the  influence  of 
a  force  model  on  the  satellite  position  errors  is  investi¬ 
gated  (see  Table  1).  Obviously,  in  addition  to  the  earth’s 
gravitational  field  and  lunar  and  solar  attractions,  the 
influence  of  the  solar  radiation  pressure  is  large,  and  if 
this  large  influence  is  ignored,  a  positional  error  will  be 
generated  in  the  long-track  direction  of  a  maximum  of 
2.4  km  for  7  days.  It  is  permissible  to  end  the  degree  and 
the  order  of  the  earth  gravity  potential  at  six,  respec¬ 
tively,  and  to  ignore  the  marine  tide-producing  force. 
However,  it  can  be  appreciated  that  the  solid  earth  tide, 
earth  albedo  (earth  radiation  pressure),  and  the  attrac¬ 
tion  of  the  main  planets  should  be  taken  into  consider¬ 
ation  when  studying  the  above  influence.  A  preliminary 
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experiment  involving  orbit  selection  was  performed 
taking  these  results  into  consideration.  Simulative  obser¬ 
vation  data  on  the  gravity  field  GEM-L2  and  solar 
radiation  pressure  were  obtained  from  a  precision  model 
in  which  the  attitude,  shape  and  thermal  characteristics 
of  the  surface  of  the  satellite  were  taken  into  consider¬ 
ation,  with  those  on  thers  obtained  from  the  Merit 
Standards,  those  on  earth  rotation  (polar  movement  and 
UTl)  obtained  from  the  values  estimated  by  the  lERS, 
and  those  on  local  positional  coordinates  obtained  from 
the  NAL-8701  solution  (six  locations)  by  the  NAL  (only 
at  night).  The  observation  noise  is  assumed  to  be  10  cm 
(la).  On  the  other  hand,  the  coefficient  of  reflection  (one 
parameter)  is  taken  as  an  unknown  in  the  usual  models. 
Then,  the  usual  model,  the  earth’s  tide,  earth’s  albedo 
and  the  attractions  of  the  three  main  planets  are  studied 
in  the  gravity  field  GEM-Tl  and  with  the  solar  radiation 
pressure  in  order  to  determine  the  orbit.  The  values 
estimated  by  the  lERS  have  been  adopted  for  the  earth’s 
rotation,  and  the  solution  CSR8702,  formulated  by  the 
Space  Research  Center,  University  of  Texas,  has  been 
adopted  for  local  positional  coordinates. 


Table  1. 

Influence  of  Perturbative  Acceleration  on  Satellite 
Positional  Error  (Unit:  meters) 


Error  Source 

AR 

AT 

AN 

Total  solar  radiatjon  pressure 

1000 

2400 

1.8 

dilTuse 

160 

500 

0.1 

specular 

60 

150 

1.3 

Earth’s  gravity  error 

0.4 

16 

- 

(GEM-L2  vs  GEM-Tl) 

GEM-L2  truncated  (6x6) 

- 

0.25 

- 

GEM-L2  truncated  (4x4) 

1.4 

56 

0.05 

Earth's  albedo 

0.6 

2.6 

- 

Solid  earth  tide 

0.02 

0.9 

0.2 

Planets  (Mars,  Jupiter,  Saturn) 

0.02 

0.45 

0.08 

Ocean  tide 

- 

0.09 

0.02 

Six  elements  of  the  orbit  and  seven  parameters  of  the 
coefficient  of  solar  radiation  pressure  have  been  esti¬ 
mated  using  a  batch  filter  by  assuming  an  arc  length  of 
seven  days.  As  a  result,  1.4,  2.1  and  10  meters  were 
obtained  in  the  epoch  as  estimated  errors  of  position  in 
the  radial,  along-track  and  normal  directions,  respec¬ 
tively.  Also,  1.3845  has  been  obtained  as  the  coefficient 
of  radiation  pressure.  Deviations  from  the  true  orbit  are 
found  by  propagating  them  to  the  orbit.  These  deviations 
are  shown  in  Figure  1.  These  results  suggest  that  it  is 
quite  difficult  to  determine  the  orbit  to  the  submeter 
level.  Results  obtained  from  other  experiments  involving 
numerieal  values  indicate  that  the  maximum  error  is  not 
caused  by  the  foree  model,  but  instead  is  caused  by  the 
local  positional  error  which  is  estimated  to  be  within  10 
cm.  Space  does  not  permit  us  to  present  an  explanation 
of  the  above-mentioned  matters,  but  details  will  be  given 
at  the  conference. 


Figure  1.  Orbit  Positional  Error 
(Estimated  Value  -  True  Value)  (unit:  meters) 


Control  of  Orbit  of  MOS-1 
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and  Mayumi  Tomura  of  the  National  Space  Develop¬ 
ment  Agency  of  Japan] 

[Text] 

1.  Preface 

An  oceanographic  observation  satellite,  the  “MOS-1,”  was 
launched  on  19  February  1987.  The  MOS-1  is  Japan’s  first 
solar  synchronous  quasi-recurrent  satellite.  This  paper 
describes  the  control  of  the  injection  of  the  MOS-1  into  the 
specified  orbit  and  the  control  of  the  orbit  in  order  to  retain 
local  hours  at  descending  nodes. 

2.  Control  of  WRS  Injection 

The  MOS-1  circles  the  earth  237  times  in  1 7  days,  observing 
the  entire  surface,  and  returns  to  its  starting  point.  At  this 
time,  a  ground  track,  which  will  become  a  standard,  is 
established  by  fixing  one  of  the  237  descending  nodes  at 
1 30.8  degrees  East  longitude.  This  ground  track  is  the  world 
reference  system  [WRS]  of  the  MOS-1,  and  the  injection  of 
this  WRS  is  controlled  so  that  the  MOS-1  is  injected  into  an 
orbit  satisfying  the  WRS. 

Recurrent  conditions  of  the  MOS-1  are  formed  by  long 
radius  a  (a  is  approximately  equal  to  7,287  km)  of  the 
specified  orbit  and  eccentricity  e  (e  is  approximately  equal 
to  1  X  10'^).  Whether  or  not  these  conditions  satisfy  the 
WRS  depends  on  the  position  of  the  satellite  in  orbit.  As 
shown  in  Figure  1,  in  the  case  of  the  MOS-1,  17  specified 
positions  exist  in  orbit.  Therefore,  the  injection  of  the  WRS 
into  orbit  is  attained  by  repeating  the  acceleration  and 
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Figure  1.  WRS  Injection  Target 


Key: 

1.  Target 

2.  Earth 

3.  Equator 


4.  Orbit 

5.  n  +  7th  time 

6.  nth  time 

7.  Ground  track 


Figure  2.  Control  of  Acceleration  and  Deceleration 

Key: 

1.  Control  of  acceleration  (increase  in  a)  3.  Earth 

2.  Control  of  deceleration  (decrease  in  a)  4.  Orbit 


deceleration  in  the  tangential  directions  (— .  in  Figure  2)  of 
the  orbit  and  by  setting  the  satellite  to  one  of  the  targets 
while  controlling  a  and  e. 

Figure  3  shows  the  WRS  injection  of  the  MOS-1 
launched  into  orbit.  In  this  figure,  the  up  arrow  expresses 
the  change  of  the  orbit  according  to  the  control.  The 
lower  direction  indicates  the  control  of  acceleration, 
while  the  upper  direction  indicates  the  control  of  decel¬ 
eration.  Also,  the  slotted  arrow  shows  that  the  orbit  has 
been  changed  by  the  acceleration  effect  caused  by  injec¬ 
tion  from  a  thruster  in  order  to  retain  the  attitude  of  the 
MOS-1  in  the  FYCM  (mode  which  retains  the  three  axis 
attitude  of  the  MOS-1  by  means  of  a  thruster).  Following 
the  confirmation  of  functions  (injection  for  60  seconds 
and  the  and  test  shown  in  the  figure)  of  the 
thruster,  the  WRS  was  injected  into  orbit  three  times 
(deceleration  once  and  acceleration  twice).  Table  1  out¬ 
lines  the  control  of  the  WRS  injection  into  orbit. 
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Figure  3.  Change  of  Deviation  from  WRS 


Key: 

1.  Speed  of  deviation 
from  WRS  (km/day) 

2.  Injection 

3.  West 


4.  Retaining  range  of  ground 
track 

5.  Test 

6.  East 

7.  Deviation  from  WRS  (km) 


Table  I. 

Outline  of  WI^  Injection  Control 


Control  time  (uT) 

Control  amount 
(m/s) 

Thraster  injection 
time  (sec) 

Deviation  from 
WRS*  (km) 

Speed  of  deviation 
from  WRS* 
(km/day) 

Consumed  propel¬ 
lant  amount  (kg) 

No  1 

87-03-07;  00:07:14 

0.084  (acceleration) 

34 

17 

-2.3 

0.054 

No  2 

87-03-09;  23:58:44 

-0.112 

(deceleration) 

88 

10 

-1.7 

0.065 

No  3 

87-03-12;  10:47:15 

-0.167 

(deceleration) 

136 

5 

0.0 

0.079 

*  East  is  taken  to 
be  positive 
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Also,  even  after  the  above  injection,  ground  tracks  of 
the  MOS-1  deviate  gradually  from  the  WRS  due  to  the 
decrease  in  a  according  to  atmospheric  resistance,  but 
the  ground  tracks  are  retained  to  within  +/-10  km  from 
the  WRS  at  all  times  by  controlling  the  increase 
(acceleration)  of  a,  as  necessary. 

3.  Retention  of  Local  Hours  at  Descending  Nodes 

Another  feature  of  the  MOS-1  orbit  is  that  the  local 
hour  Ts  is  in  the  vicinity  of  1 0  o’clock  at  all  times  when 
the  MOS-1  passes  through  descending  nodes.  This  is 
because,  as  shown  in  Figure  4,  when  the  earth  is 
thought  to  be  central,  the  orbital  plane  of  the  MOS-1  is 
rotated  by  synchronizing  it  with  the  fact  that  the  sun 
rotates  approximately  7  degrees  a  day,  and  because  the 
angle  formed  by  the  solar  direction  and  the  orbital 
plane  is  constant  at  all  times.  The  rotational  speed  of 
this  orbital  plane  depends  mainly  on  the  inclination  (i 
is  approximately  equal  to  99  degrees)  of  the  orbit,  and 
this  inclination  depends  on  the  right  ascending  node  Q. 

It  was  not  necessary  to  control  the  i  and  il  because  the 
MOS-1  was  launched  and  injected  into  orbit  with 
almost  the  specified  i  and  O.  However,  the  Ts  subse¬ 
quently  became  increasingly  faster  because  the  i  grad¬ 
ually  decreased  due  to  the  influence  of  the  attractions 
of  the  moon  and  sun  and  and  the  rotational  speed  of 
the  orbital  plane  became  low.  Since  the  Ts  retaining 
range  has  been  determined  to  be  10  to  11  o’clock, 
before  Ts  could  surpass  10  o’clock,  in  April  1988  the 


Figure  4.  Rotation  of  Orbital  Face 


Key: 

1.  LST:  Local  Sun  Time 

2.  Descending  node 

3.  Rotation  of  orbit 
becomes  slow  in 
accordance  with 
decrease  in  i 

4.  Sun 


5.  North  Pole 

6.  Earth 

7.  MOS-1  a  orbit 

8.  Orbital  face  rotates  1°  per 
day  while  synchronizing 
with  the  sun 

9.  Sun  goes  around  the  earth 
r  a  day 


correction  of  the  rotational  speed  of  the  orbital  plane 
was  controlled  by  increasing  i.  (This  control  has  been 
carried  out  by  taking  synchronous  operation  with  the 
MOS-1  into  consideration.) 

One-time  control  is  insufficient  because,  as  shown  in 
Figure  5,  the  amount  of  i  to  be  controlled  is  large,  the 
control  position  is  limited  to  an  ascending  node,  and 
the  allowable  range  of  continuous  injection  of  the 
MOS-1  thruster  is  510  seconds.  Therefore,  the  control 
was  broadly  carried  out  three  times  at  several  stages 
(one  stage  is  within  510  seconds)  in  April.  Figure  6  and 
Table  2  outline  the  Ts  retaining  control. 


Key: 

1 .  Before  control 

2.  After  control 

3.  Before  i:  i  before  control 

4.  After  i:  i  after  control 

5.  Descending  node 


6.  Earth 

7.  Equatorial  face 

8.  After  i 

9.  Before  i 

10.  Ascending  node 

11.  Orbit  of  MOS-1 


Key: 

1.  Ts  (hour  and  minutes)  3.  Launching  of  MOS-1 

2.  April  4.  (Year) 
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Table  2. 

Outline  of  Ts  Retaining  Control 


Control  starting 
time  (uT) 

Control  amount 

Injection  time/ 
stage  (sec) 

Number  of  stages 

Amount  of  propel* 
lant  consumed  (kg) 

AiO 

AV  (m/s) 

1 

88-04-03;  19:37:32 

0.024 

3.16 

510 

3 

1.1 

2 

88-04-06;  18:12:44 

0.065 

8.44 

510 

9 

2.9 

3 

88-04-13;  06:52:34 

0.061 

7.91 

500 

10 

2.7 

Total 

0.153 

19.51 

22 

6.7 

4.  Postface 

As  previously  mentioned,  the  MOS-1  is  a  solar  synchro¬ 
nous  quasi-recurrent  satellite  launched  for  the  first  in 
Japan.  For  this  reason,  unlike  the  geostationary  satellites 
launched  previously,  we  have  no  accumulated  data  or 
experience  in  orbit  control.  However,  we  can  obtain 
knowledge  concerning  future  solar  synchronous  quasi¬ 
recurrent  satellites  by  gradually  accumulating  experi¬ 
ence.  We  consider  this  to  be  one  of  the  missions  of  the 
MOS-1. 

Research  on  High  Performance  IRCCD,  Study  of 
Radiometer  Concept 

43065012/ Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  d  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88.  No  2D7, 
pp  400-401 

[Article  by  Masakatsu  Nakajima,  Takashi  Moriyama 
and  Masao  Furukawa  of  the  National  Space  Develop¬ 
ment  Agency  of  Japan] 

[Text]  1.  Preface 

A  point  sensor  is  currently  used  to  observe  thermal 
infrared  rays  with  a  band  of  10  micrometers.  However, 
the  point  sensor  has  low  reliability  because  it  is  of  the 
scanning  type  and  depends  on  the  spin  of  satellites  and 
mechanical  driving.  It  also  requires  much  time  for  the 
imaging.  Therefore,  an  infrared  charge  coupled  device 
[IRCCD]  in  thermal  infrared  areas  is  being  developed 
since  the  application  of  a  charge  coupled  device  [CCD] 
to  an  imaging  element  will  be  able  to  solve  the  above 
problem,  and  a  rise  in  sensitivity  can  be  expected  as  an 
integral  effect  of  such  a  CCD.  Also,  the  concept  of  an 
electronic  scanning-type  thermal  infrared  radiometer 
was  studied  based  on  the  target  performance  of  this 
IRCCD. 

2.  Development  of  IRCCD 

Investigations  were  carried  out  totum  a  thermal  infrared 
imaging  element  into  a  CCD.  As  a  result,  it  was  discov¬ 
ered  that  it  would  be  difficult  to  do  so  using  conventional 
materials.  However,  research  on  a  new  infrared  light 
receiving  material  (crystal  growth  process)  was  con¬ 
ducted  during  fiscal  1985  to  1987.  In  this  research,  the 
growth  of  light  receiving  materials  was  promoted  on  a 
single  crystal  substrate  by  using  molecular  beam  epitaxy 


[MBE],  and  light  receiving  films  were  made.  Such  a  light 
receiving  film  is  used  as  a  basic  element  of  an  infrared 
detector.  Metal/Si  Schottky  barrier-type  light  receiving 
films  have  been  used  in  the  past  in  IRCCDs  in  short¬ 
wave  infrared  areas.  It  was  discovered  that  the  cut-off 
wavelength  could  be  extended  to  the  long  wavelength 
side  by  using  mixed  crystals  of  Si  and  Ge  (pSi,.,jGex) 
instead  of  Si  in  such  light  receiving  films.  In  addition, 
not  only  Schottky  barrier-type  light  receiving  films,  but 
also  light  receiving  films  using  heterojunction  barriers  of 
pSi  and  pSi|.„  were  devised  as  thermal  infrared  light 
receiving  films.  Light  receiving  films  using  Hg„Cdi.„Te 
were  made,  but  a  barrier  was  generated  by  the  difference 
in  grating  constants.  The  difficulty  of  converting  such 
light  receiving  films  into  devices  was  confirmed. 

Figure  1  shows  the  principle  of  operation  of  a  hetero¬ 
junction  barrier-type  device. 

The  following  items  were  investigated  or  measured  to 
evaluate  light  receiving  films  as  light  receiving  materials: 
1)  film  thickness,  2)  crystallinity,  3)  carrier  density,  4) 
mobility,  5)  infrared  absorption,  6)  current-voltage  char¬ 
acteristics,  7)  capacity  voltage  and  8)  photoelectric 
effect. 

As  a  result  of  the  investigation  and  measurement,  prom¬ 
ising  results  of  heterojunction  barrier-type  pSi/pSi,.,jGex 
and  Schottky  barrier-type  Pt/pSii.^Ge,,  were  obtained. 


Si  substrate  Sii-xGex  layer  Si  layer 


Figure  1.  Principle  of  Operation  of  Hetero-type  Device 
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Research  on  fine  elements  was  initiated  in  fiscal  1988. 
The  fine  element  forms  the  foundation  of  the  IRCCD. 
One  of  the  purposes  of  this  research  is  to  select  one  of  the 
above  two  as  promising  and  preferable  through  the  study 
of  these  elements.  Figure  2  shows  a  cross  section  of  a 
Schottky-type  element. 

3.  Radiometer  Using  IRCCD 

If  an  electronic  scanning  observation  sensor  is  used  to 
observe  from  geostationary  orbit,  it  will  be  possible  to 
raise  the  reliability  due  to  the  lack  of  a  mechanical 
driving  section,  to  raise  the  sensitivity  due  to  the  integral 
effect  of  the  CCDs,  and  to  carry  out  imaging  in  a 
moment  because  each  element  simultaneously  watches 
all  sites.  Also,  even  when  such  a  sensor  is  mount  on  a 
circumterrestrial  satellite,  rises  in  reliability  and  sensi¬ 
tivity  can  be  expected  in  the  same  way. 

Table  1  shows  the  main  target  performance  of  a  thermal 
infrared  radiometer  mounted  on  a  middle  and  high 
altitude  circumterrestrial  satellite  in  which  IRCCDs  cur¬ 
rently  being  developed  are  used. 


Table  1. 

Data  on  Target  Performance 


Observation  wavelengths 

1:6.0 -7.0 

2:10.5-  11.5 

3:11.5  -  12.5 

NEAT 

0.1  K 

Scanning  width 

50  km 

IFOV 

50  m 

Number  of  picture  elements 

1,000 

In  addition,  pointing  and  zooming,  as  well  as  electronic 
scanning,  can  be  regarded  as  functions  of  this  radiometer. 


The  use  of  the  pointing  function  will  bring  about  mobile 
observations  with  high  frequency,  while  that  of  the 
zooming  function  will  bring  about  observations  with 
high  resolving  power  in  specific  ranges. 

In  addition,  it  is  generally  necessary  to  cool  an  infrared 
detector  because,  in  the  case  of  a  quantum-type  detector, 
the  number  of  electron  excited  thermally  must  be 


reduced  and  the  degree  of  thermal  noise  must  be  low¬ 
ered.  Therefore,  it  is  necessary  to  develop  a  cooler  with  a 
long  life. 

The  use  of  a  thermal  infrared  radiometer  with  high 
sensitivity  and  high  resolving  power  will  bring  about 
global  observations  of  vegetation,  farm  produce,  forests, 
atmospheric  phenomena  and  resources.  It  is  also 
expected  that  the  stationary  observation  from  geosta¬ 
tionary  orbit  will  be  useful  in  examining  disasters. 

4.  Postface 

If  observations  are  carried  out  from  a  three-axis  attitude 
stabilization  satellite  in  geostationary  orbit,  the  IRCCD 
must  be  two-dimensional.  However,  if  they  are  carried 
out  from  a  circumterrestrial  satellite,  the  IRCCD  can  be 
one-dimensional.  We  plan  to  develop  a  thermal  infrared 
radiometer  to  be  mounted  on  the  JPOP,  which  will  be 
launched  around  1 998,  in  order  to  observe  the  earth  in 
infrared  areas  at  middle  and  high  altitudes  and  to  check 
orbital  system  functions  and  performances  as  the  first 
stage  of  the  development  of  an  IRCCD  and  a  radiometer 
which  will  be  used  to  carry  out  observations  from 
geostationary  orbit. 

Development  of  Bubble  Memory  Recorder  for 
Mounting  on  Earth  Resources  Observation  Satellite 
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[Text]  1.  Preface 

The  bubble  memory  recorder  [BMR]  will  be  mounted  on  the 
earth  resources  observation  satellite-I.  It  is  a  data  recorder 
with  a  recording  capacity  of  16  megabits,  and  employs 
magnetic  bubble  memory  elements. The  mission  of  this 
recorder  is  to  record  and  reproduce  telemetry  data. 

We  have  developed  an  engineering  model  of  this  BMR 
and,  in  this  paper,  will  describe  this  engineering  model. 

2.  Features  of  BMR 

The  BMR  is  a  solid-data  recorder  which  uses  bubble 
memory  elements  as  the  recording  media.  Similar  to  the 
tape  recorders  previously  adopted,  it  possesses  the  fol¬ 
lowing  features:  1)  non-volatility,  2)  random  access  is 
possible,  3)  no  frictional  section  and  4)  no  movable 
section. 

3.  Examples  of  Use  of  BMR 

The  recording  area  of  the  BMR  is  divided  into  two 
sections,  i.e.,  an  endless  recording  section  with  a 
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recording  capacity  of  4  megabits  and  a  block- 
specified-recording  section  with  a  recording  capacity  of 
12  megabits.  The  former  section  generally  keeps  endless 
records  in  order  to  record  telemetry  data  before  and  after 
the  detection  of  abnormalities  which  occur  suddenly, 
while  the  latter  section  records  telemetry  data  as  neces¬ 
sary  before  and  after  changes  of  attitude  and  orbit. 
Examples  of  the  use  of  the  BMR  are  shown  below. 

(1)  Placing  into  Orbit  by  Launching 

When  the  BMR  receives  the  “Satellite  Separation 
Signal”  when  the  power  is  turned  off,  it  will  automati¬ 
cally  begin  to  retain  block  specified  records  at  12  mega¬ 
bits  per  minute.  When  the  satellite  returns  to  the  vicinity 
of  a  ground  station,  the  BMR  will  discontinue  record 
retention  and  will  reproduce  them  in  accordance  with 
commands. 

(2)  Telemetry  Monitor  of  Changes  of  Attitude  and  Orbit 

The  BMR  can  freely  divide  data  into  some  sections  of 
units  of  64  seconds  (=  128  kilobits),  up  to  a  maximum  of 
102  minutes  and  24  seconds  (=  12  megabits),  and  can 
record  them  in  the  block  specified  recording  section  in 
accordance  with  commands.  When  the  satellite  returns 
to  the  vicinity  of  the  ground  station,  the  BMR  will 
reproduce  recorded  sections  according  to  these  com¬ 
mands. 

(3)  Usual  Operation 

(a)  When  the  BMR  receives  an  “Abnormal  Detection 
Signal”  during  the  endless  recording,  it  will  continue 
recording  in  the  endless  recording  section  for  another  1 7 
minutes  (=  2  megabits),  and  then  will  stop  automatically. 
With  this  function,  the  BMR  can  record  telemetry  data 
before  and  after  the  detection  of  abnormalities  for  17 
minutes  each.  The  BMR  makes  this  possible  for  the  first 
time. 

(b)  When  the  BMR  receives  the  “Abnormal  Detection 
Signal”  during  the  block  specified  recording,  after  the 
this  work  is  completed,  it  will  continue  to  record  in  the 
endless  recording  section  for  another  17  minutes  and 
then  will  stop  automatically.  With  this  function,  the 
BMR  can  record  telemetry  data  for  1 7  minutes  after  the 
detection  of  abnormalities,  even  during  the  block  speci¬ 
fied  recording. 

4.  Main  Specifications  of  BMR 

(1)  Full  capacity:  16  megabits  (nominal)  (endless 
recording  capacity,  4  megabits;  block  specified  recording 
capacity,  12  megabits)  (2)  Input  and  output  signal  type: 
Bi(p-L  (3)  Record  data  rate:  2,048  bits/second  (4)  Max¬ 
imum  recording  time  at  specified  block:  102  minutes  24 
seconds  (5)  Reproduction  data  rate:  32.768  x  10^  bits/ 
second  (6)  Maximum  reproduction  time:  8  minutes  32 
seconds  (7)  Bit  error:  10'^  or  less  (8)  Power  consumption: 
When  input  voltage  on  the  primary  side  is  within  the 
range  of  20  to  35  volts  direct  current,  and  when  each 
piece  of  equipment  is  under  the  specified  temperature 
conditions,  the  power  consumption  is  less  than  the 


following  values:  Stand-by,  6.1  watts;  Record,  8.0  watts 
(average),  16.0  watts  (peak);  Reproduction,  10.3  watts 
(average),  16.7  watts  (peak)  (9)  Command  item:  Discrete 
2  and  magnitude  1(10)  Telemetry  item:  Active  analog  1, 
passive  analog  1 ,  and  serial  digital  (6  words)  (11)  Weight: 
5.40  kg  +/-  0.27  kg  (12)  Dimensions:  295  (width)  x  249 
(depth)  X  129  (height)  mm  or  less 
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[Text]  Preface 

The  bubble  data  recorder  [BDR]  for  scientific  satellites 
was  announced  at  the  28th  Space  Sciences  and  Tech¬ 
nology  Conference.’’  The  first  BDR  has  operated 
smoothly  since  it  was  mounted  on  the  scientific  satellite 
“Ginga,”  and  was  placed  into  orbit  on  5  February  1987. 
The  following  is  a  report  of  the  actual  results  of  the 
operation  of  the  first  BDR  during  its  first  18  months, 
ending  4  August  1988. 

1.  Outline  of  First  BDR 

Details  are  given  in  the  references,^’  while  main  specifi¬ 
cations  are  as  follows: 

Recording  capacity:  40  megabits 

Recording  speed:  0.5,  2  and  16  kbps 

Reproducing  speed:  64  and  1 28  kbps 

2.  Actual  Results  of  Operation  for  First  18  Months 

(1)  Number  of  Reproductions 

The  number  of  reproductions  totaled  1987,  accounting 
for  86  percent  of  the  entire  visible  circumterrestrial 
amount. 

(2)  Recording  Time 

Data  were  recorded  for  a  total  of  8638.25  hours,  and,  of 
that  time,  1016.38  hours  represented  the  skies  of  the 
South  Atlantic  Anomaly  [SAA]  which  has  an  extremely 
large  number  of  trapped  proton  beams.  In  addition,  one 
recording  period  was  approximately  4  hours,  and  data 
were  recorded  at  a  rate  of  about  1 5  hours/day. 
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(3)  Total  Operating  Time 

The  total  operating  time,  including  the  reproducing 
time,  was  8814.87  hours. 

(4)  Operation  of  BDR 

1)  Operation  of  Bubble  Memory  The  bubble  memory 
experienced  no  problems  or  temporary  malfunctions. 

2)  Bit  Error  Rate  of  Bubble  Memory  The  BDR  possesses 
an  error  correcting  function,  and  no  error  bits  were 
observed  in  the  data  output  to  the  bubble  memory. 
Therefore,  judging  from  the  number  of  reproductions 
mentioned  in  item  (1),  the  bit  error  rate  of  the  bubble 
memory  was  1.2  x  10  "  or  less. 

3)  Operation  of  BDR  Every  2  megabits,  an  address  is 
given  to  the  BDR  memory,  and  this  address  information 
is  transmitted  as  telemetry. 

As  a  result  of  analyzing  the  status  during  recording  and 
reproducing,  it  has  been  confirmed  that  access  was 
performed  in  normal  sequence  at  all  times  and  the  BDR 
operated  normally. 

4)  Latch-up  A  power  current  limiting  circuit  is  installed  as  a 
measure  for  latching  up  single  events  to  all  large-scale 


integrated  circuits  [LSl]s  used  in  the  BDR.  The  status  of  this 
circuit  during  operation  is  transmitted  as  telemetry  data. 

It  can  be  appreciated  that  neither  the  status  output  nor 
the  latch-up  phenomenon  occurred  during  the  first  18 
months. 

3.  Analysis  of  Software  Errors 

( 1 )  Software  Error  Extraction  Method 

All  reproduction  data  were  processed  in  accordance  with 
the  following  extraction  flow  in  order  to  detect  the 
software  errors  caused  by  trapped-proton  beams  in  the 
SAA  skies.  Step  1 :  Detection  of  bit  errors — Detection  of 
bit  errors  (1  bit  error)  of  SYNC  CODE  in  reproduction 
data  Step  2:  Discrimination  of  SIRIUS  status — Deletion 
of  bit  errors  in  which  frame  contents  were  abnormal  in 
the  SIRIUS  status  Step  3:  Discrimination  of  factors — 
Deletion  of  bit  errors  which  accorded  in  time  with  the 
switching  of  the  antenna  from  the  command  history  Step 
4:  Discrimination  of  SAA — Discrimination  of  whether 
recording  time  was  in  SAA 

(2)  Results  of  Analysis 

As  a  result  of  processing  the  reproduction  data  collected 
during  the  first  18  months,  nine  phenomena  corre¬ 
sponded  to  Steps  1  or  2  above.  Details  of  these  nine 
phenomena  are  shown  in  Table  1. 


Table  1. 

Phenomena  Corresponding  to  Steps  1  and  2 


Item  No 

Path  No 

Time 

Antenna  Switching 
Time 

SAA 

Sync  Code 

1 

8705120514 

07:45:04.504 

Accordance 

Non 

BAF320 

2 

8705260148 

01:03:06.909 

Discordance 

Non 

BAF320 

3 

8707191544 

23:12:54.639 

Discordance 

Non 

DAF320 

4 

8708051028 

14:57:21.807 

Accordance 

Non 

7AF320 

S 

8708110822 

11:22:37.981 

Discordance 

Non 

7AF320 

6 

8801060633 

07:59:29.978 

Accordance 

Non 

FAF324 

7 

8801090927 

13:21:38.811 

Accordance 

Non 

7AF320 

8 

8804140821 

11:28:04.254 

Discordance 

Non 

7AF320 

9 

8808050219 

17:42:35.728 

Discordance 

Non 

7AF320 

No  software  errors  were  detected  because  four  of  the 
nine  phenomena  accorded  with  the  antenna  switching 
time,  and  the  remaining  five  phenomena  occurred  out¬ 
side  the  SAA. 

According  to  the  recording  time  shown  in  2(2),  the  bit 
error  rate  in  the  SAA  is  0  +/-  1.0  bit/day,  while  that 
outside  the  SAA  is  0.7  +/-  0.3  bit/day.  Therefore,  the 
ceiling  value  of  software  errors  in  the  SAA  is  0.9  bit/day. 

In  addition,  software  errors  are  caused  by  the  trapped 
protons  involving  the  entire  BDR.  The  ceiling  value  of 
the  cross  section  of  these  software  errors  is  3  x  10'®  sq 
cm,  because  the  number  of  protons  with  100  MeV  or 
more  in  the  SAA  is  7  x  10*  per  (cm^  x  day). 


4.  Summary 

The  status  of  the  first  BDR  mounted  on  the  Ginga  was 
analyzed  for  the  first  18  months,  from  5  February  1987 
to  4  August  1988.  As  a  result,  the  following  matters  were 
observed:  1)  The  total  operation  time  of  the  BDR  was 
8,814  hours,  and  1,987  recording  and  reproducing  cycles 
were  repeated.  During  this  period,  the  operation  of  the 
BDR  experienced  no  abnormalities.  2)  The  bit  error  rate 
of  the  bubble  memory  in  orbit  is  1 .2  x  1 0"  or  less.  3)  No 
latching  up  phenomena  occurred.  4)  It  was  impossible  to 
detect  software  errors  of  the  BDR,  even  by  using  an 
extraction  method  in  which  features  of  burst  errors  and 
software  errors  of  the  communieations  systems  were 
taken  into  consideration.  Softward  errors  are  caused  by 
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trapped  protons  involving  the  entire  BDR.  The  ceiling 
value  of  the  cross  section  of  these  software  errors  is  3  x 
10  ®  sq  cm  or  less. 

This  analysis  proves  that  the  BDR  is  an  excellent  data 
recorder  with  respect  to  environmental  resistance.  BDRs 
with  the  above  features  should  be  mounted  on  scientific 
satellites  in  the  future. 
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[Text]  1.  Preface 

Environmental  conditions  in  space  are  severe,  and  many 
unknowns  are  involved.  In  order  to  ensure  the  normal 
functioning  of  equipment  installed  in  artificial  satellites 
and  operated  over  a  long  period  of  time  in  space,  it  is 
necessary  to  be  informed  about  the  space  environment 
and  to  acquire  technical  data  on  the  degradation  charac¬ 
teristics,  etc.,  of  the  electronic  parts  and  materials  used 
in  these  space  environments. 

The  ETS-VI  is  scheduled  to  be  launched  in  the  summer 
of  1992,  which  will  be  the  most  active  solar  flare  period. 
Technical  data  acquisition  equipment  [TEDA]  will  be 
mounted  on  the  ETS-VI  to  measure  the  intensity  and 
kinds  of  particles  incident  in  space  radiation,  the  degra¬ 
dation  characteristics  of  electronic  parts  and  materials, 
and  the  influence  of  space  radiation  on  these  electronic 
parts  and  materials,  and  to  investigate  the  correlation 
among  them. 

2.  Outline  of  Research  and  Development  of  TEDA 

The  TEDA  is  composed  of  monitors  possessing  the 
following  component  functions:  A)  Monitors  which 
acquire  data  on  the  degradation  of  parts  and  materials  1) 
Integrated  Circuit  Monitor  [ICM]  The  ICM  is  used  to 
investigate  the  degradation  of  the  complementary  metal 
oxide  semiconductor  integrated  circuit  [CMOS-IC] 
caused  by  the  absorbed  radiation  dose.  2)  Single  Event 


Upset  Monitor  [SUM]  The  SUM  is  used  to  measure  the 
frequency  of  software  error  generation,  etc.,  caused  by 
single  events  involving  semiconductor  memory  elements 
and  arithmetic  elements.  3)  Solar  Cell  Monitor  [SCM] 
The  SCM  is  used  to  change  the  V-1  characteristics  of 
solar  cells  into  the  load  and  to  measure  the  load.  4) 
Contamination  Monitor  [COM]  The  COM  is  used  to 
measure  the  degree  of  contamination  of  satellite  thermal 
control  materials  by  AKE/RCS  plumes.  B)  Monitors 
which  acquire  data  involving  space  environments  1) 
Heavy  Ion  Telescope  [HIT]  The  direction  of  distribu¬ 
tion,  the  intensity,  nuclear  mass,  energy  and  the  kinds  of 
heavy  ion  particles,  from  Li  to  Fe,  are  measured  using  a 
semiconductor  sensor  with  an  angle  of  visibility  of  90 
degrees.  2)  Dose  Meter  [DOM]  Electrons,  protons,  a 
particles  and  heavy  ions  are  measured  with  a  silicon 
semiconductor  detector  with  an  angle  of  visibility  of  20 
degrees.  3)  Potential  Monitor  [POM]  The  electrification 
of  satellite  surface  materials  caused  by  the  inflow  of 
plasma  is  detected  using  a  microfork  chopper,  and  the 
degree  of  electrification  is  measured  with  it.  The  range  of 
measurement  is  from  +1  kilovolt  to  -10  kilovolts.  4) 
Magnetic  Monitor  [MAM]  The  intensity  (three  compo¬ 
nents)  of  magnetic  fields  in  geostationary  orbit  is  mea¬ 
sured  using  a  flux  gate-type  detector. 

The  above-mentioned  monitors  have  been  classified  into 
two  units,  i.e.,  the  Parts  and  Materials  Degradation 
Measurement  Unit  [DMU]  and  Space  Radiation  Mea¬ 
surement  Unit  [SRU],  and  have  been  integrated  in  the 
units,  respectively  (see  Figure  1). 


Figure  1.  TEDA  Functional  Block  Diagram 


As  shown  in  the  functional  block  diagram,  the  DMU  and 
SRU  consist  of  a  sensor,  signal  processing  section,  power 
source  section,  and  I/F  circuit,  respectively.  The  primary 
power  source  is  supplied  from  the  bus  system  of  the 
satellite  system  to  the  power  source  section  common  to 
each  monitor.  The  I/F  circuit  is  interfaced  with  the  RIU 
of  the  system,  and  each  monitor  of  the  TEDA  is  con¬ 
trolled  with  discrete  and  magnitude  commands.  Data 
obtained  from  each  monitor  is  transmitted  using  digital 
and  analog  telemetry. 

The  TEDA  is  currently  being  designed  and  manufac¬ 
tured,  and  it  is  characterized  by  being  composed  of  the 
HIT,  DOM,  POM,  COM,  specimen-solar  cell  (GaAs), 
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radiation-resistant  CMOS-IC,  static  random  access 
memory  [SRAM],  microprocessor  unit  [MPU],  thermal 
control  material  and  MAM.  The  HIT  and  DOM  are 
improved  versions  of  those  used  by  the  Institute  of 
Physical  and  Chemical  Research  [IPCR]  to  observe 
space  radiation.  The  POM  and  COM  are  improved 
versions  of  those  used  in  the  ETS-V.  The  specimen-solar 
cell  (GaAs),  radiation-resistant  CMOS-IC,  SRAM,  MPU 
and  thermal  control  materials  are  newly  developed.  The 
MAM  will  be  mounted  for  the  first  time  on  the  ETS-VI. 


Table  1. 

Basic  Function  and  Performance  of  16-Bit  MPU 


(Continued) 

Addition  and  subtraction:  12.0  jis 

Multiplication:  24.8  ps 

Division:  64.0  (is 

3.  Countermeasures  Against  Radiation 


3.  Postface 

These  monitors  will  be  reflected  in  the  development  of 
highly  reliable  equipment  following  evaluations,  anal¬ 
yses  and  research  on  the  degradation  of  parts  and  mate¬ 
rials  used  in  space,  and  will  be  used  to  acquire  detailed 
data  on  space  radiation  and  space  environments  as  well. 

Development  of  Radiation-Resistant  16-Bit 
Microprocessor  LSI 

43065012]  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88  No  2E7 
pp  410-411 


Figure  1  shows  a  cross  section  of  a  pellet  of  the  16-bit 
MPU.  A  total  dose  of  10^  RAD  (Si)  was  realized  to 
reinforce  the  radiation  resistance  by  adopting  the  fol¬ 
lowing  methods  in  the  MPU: 

•  Low  temperatures  and  low  damage  processes 

•  Thin  film  gate  oxide  film 

•  Edgeless  transistor 

•  Guard  band 

4.  Configuration 

Figure  2  shows  a  functional  block  diagram  of  the  16-bit 
MPU.  A  microprogram  read  only  program  [ROM]  is 
installed  on  the  exterior  of  the  1 6-bit  MPU.  The  arithmetic 


[Article  by  Takeo  Goya,  Satoshi  Kuboyama  and  Yukio 
Ito  of  the  National  Space  Development  Agency  of  Japan; 
Seki  Kojima,  Yoshihiko  Kameda  and  Yasuo  Ishige  of 
Toshiba  Corporation] 

[Text]  1.  Preface 

The  National  Space  Development  Agency  of  Japan 
[NASDA]  has  developed  a  radiation-resistant  16-bit 
microprocessor  LSI  [16-bit  MPU]  using  a  10  K  gate 
array  as  a  common  part  (see  Photograph  1  [not  repro¬ 
duced]).  The  following  is  a  report  of  the  configuration 
and  features  of  the  16-bit  MPU  and  test  results  of  single 
event  software  errors. 

2.  Basic  Functions  and  Performance 

Table  1  shows  the  basic  functions  and  performance  of 
the  16-bit  MPU.  The  16-bit  MPU  is  of  a  microprogram 
system,  and  has  1 3  floating  point  instructions  as  well  as 
101  basic  instructions. 


Table  1. 

Basic  Function  and  Performance  of  16-Bit  MPU 


Processing  word  length 

16  bits 

Element 

Radiation-resistant  CMOS  gate  array 

Package 

1 24-pin  ceramic  flat  package 

Operation  frequency 

dc-5  MHz 

0[)eration  sfieed 

1 6-bit  fixed  point 

Addition  and  subtraction:  0.2  ps 

Multiplication:  S.8  ps 

Division:8.0  ps 

32-bit  floating  point 

U.  13.  K. 


Figure  1.  Cross-Sectional  Drawing  of  16-Bit 
MPU  Pellet 


Key: 

1.  Aluminum  electrode 

2.  Plasma  oxide  film 

3.  Poly-silicon 

4.  CVD  oxide  film 

5.  Field  oxide  film 

6.  P-well 

7.  Gate  oxide  film 

8.  Guard  band 


9.  N-epitaxial 

10.  N^-silicon 

1 1 .  Backside  metal 

12.  Field  area 

13.  NMOS  transistor 

14.  PMOS  transistor 

15.  Gate  oxidation 

1 6.  Polycrystalline  silicon 
electrode 
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Figure  2. 16-Bit  MPU  Functional  Block  Diagram 


Key: 

1.  CPU  control  line 

2.  Command  register 

3.  Addressing  mode  register 

4.  Source  bus 

5.  Register  file  (16  x  16) 

6.  Segment  register 

7.  Control  bus 

8.  Data  bus 

9.  Address  bus 

10.  DD  register  1 1.  Selector 


1 2.  CR/PC  register 

1 3.  Microprogram  controller 

14.  Adder  15.  Shifter/Q  register 

16.  Pre-fetch  queue 

1 7.  Pipeline  register 

1 8.  Bus  controller 

19.  Data  in  register 

20.  Decoder  controller 

2 1 .  Destination  bus 

22.  Data  out  register 

23.  External  installation  of  p-ROM 


and  logical  unit  [ALU],  shifter  and  Q-register  have  special- 
purpose  hardwares  to  increase  the  speed  of  the  multiplica¬ 
tion  and  division  and  6-byte-prefetch  queues  due  to  the 
increase  in  speed.  Basic  multiplication  of  16  x  16  bits  or 
basic  division  of  32[1]6  bits  is  executed  with  16  clocks.  A 
1 -mega-byte  address  area  is  controlled  using  a  segment 
register. 

5.  Development  System 

When  the  system  includes  a  16-bit  MPU,  an  in-circuit 
emulator,  cross  assembler  and  cross  C  compiler  are 
developed  so  that  the  hardware  and  software  can  be 
developed  readily.  The  BITX-2000  (only  for  16-bit 
MPUs)  made  by  Bitran  Co.,  Ltd.,  is  used  as  an  in-circuit 
emulator.  The  software  is  developed  on  the  VAX  series 
made  by  DEC  Co.,  Ltd.,  in  accordance  with  the  proce¬ 
dure  shown  in  Figure  3. 


6.  Test  of  Single  Event  Software  Error 

Tests  of  single  event  software  errors  were  conducted  at  the 
Tsukuba  Space  Center  by  irradiating  the  software  with 
californium  (Cf252>shown  in  Figure  4.  The  results  did  not 
indicate  any  generation  of  latch-up  or  software  errors. 

7.  Future  Schedule 

The  development  evaluation  test  of  the  16-bit  MPU  was 
completed  in  September  1988,  and  the  1 6-bit  MPU  will  now 
enter  the  manufacturing  stage.  Such  16-bit  MPUs  are  cur¬ 
rently  scheduled  to  be  used  in  the  attitude  control  electronic 
circuit  and  antenna  direction  control  electronic  circuit  of 
the  engineering  test  satellite  type  VI.  It  is  anticipated  that 
such  16-bit  MPUs  will  be  used  in  the  intelligent  direct 
memory  access  [DMA]  controller,  digital  signal  processor 
[DSP],  etc.,  in  the  future  since  microprograms  will  be 
installed  on  the  exteriors  of  these  MPUs. 
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Figure  4.  Single  Event  Software  Error  Test  Block  Diagram 


Key: 

1 .  1 6-bit  microprocessor  LSI 

2.  Californium  Cf-252 


3.  Microprogram  ROM 

4.  Current  detecting  unit 

5.  Vacuum  chamber 


Key: 

1.  [illegible] 

2.  Source  file 

3.  Editor 

4.  Assembler  source  file 

5.  Cross 

6.  Assembler  file 

7.  Object  file 


8.  Cross  assembler 

9.  Cross  linker 

10.  Cross  debugger,  cross 
simulator 

1 1 .  [illegible] 

12.  Tool 

1 3.  Down-load  utility 

14.  ROM  writer 
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RF  Sensor  for  KSA  Antenna  Mounted  on  ETS-VI 

43065012k  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88  No  2E1I 
pp  418-419 

[Article  by  Mitsuaki  Ogasa  and  Senshu  Ueno  of  Toshiba 
Corporation;  Yasumasa  Hisada  and  Yuuichi  Murakoshi 
of  the  National  Space  Development  Agency  of  Japan] 

[Text]  1.  Preface 

Experimental  K-band  inter-satellite  communications 
equipment  will  be  mounted  on  the  EST-VI  scheduled  to 
be  launched  in  fiscal  1992.  Various  experiments 
involving  inter-satellite  communications  are  planned  for 
this  equipment.  One  important  item  is  a  capture  and 
tracking  experiment  intended  to  communicate  with  a 
moving  spacecraft.  The  RF  sensor  is  the  main  piece  of 
equipment  constituting  the  antenna  direction  control 
system  necessary  for  the  capture  and  tracking  process. 
This  report  outlines  the  trial  manufacture  of  the  RF 
sensor. 

2.  Configuration  of  RF  Sensor 

The  RF  sensor  receives  beacon  waves  emitted  from  a 
satellite,  and  detects  the  incoming  direction  of  electric 
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waves.  Table  1  shows  the  RF  sensor  system  that  was  trial 
manufactured.  As  shown  in  Figure  1,  the  RF  sensor 
consists  of  a  horn  (antenna  section),  comparator,  phase 
adjuster  and  tracking  receiver.  The  comparator  can 
synthesize  the  electric  waves  input  by  the  horn,  gener¬ 
ating  sum  and  difference  signals.  The  phase  adjuster 
adjusts  the  phase  relationship  among  the  respective 
difference  signals  against  the  sum  signals,  and  sends 
signals  to  the  tracking  receiver.  The  tracking  receiver 
receives  and  processes  the  signals,  and  outputs  an 
angular  error  signal  as  dc  voltage.  This  output  signal  is 
sent  to  the  antenna  direction  control  electronic  circuit, 
and  is  used  as  a  sensor  signal. 


Table  1. 

RF  Sensor  System 

System 

MuUi-hom 

Number  of  horns 

5  (central  horn  is  for  communications) 

Tracking  receiver 

Channel  1 

Frequency 

32.99  GHz 

Figure  1.  RF  Sensor  System 


Key: 

1.  Horn 

2.  Comparator 

3.  Sum 

4.  Difference  1 

5.  Difference  2 


6.  Phase  adjuster 

7.  Tracking  receiver 

8.  Axis  X 

9.  Axis  Y 

10.  Angular  error  signal 


3.  Test  Results 

The  RF  sensor  with  the  above  configuration  was  tested 
with  the  measuring  system  shown  in  Figure  2.  Figures  3 
and  4  show  the  antenna  pattern  of  the  RF  sensor  and  the 
output  characteristics  of  the  tracking  receiver,  respec¬ 
tively.  The  antenna  pattern  rotates  the  shaft  of  the 
positioner  and  records  sum  and  difference  signals  from 
the  phase  adjuster  output  to  the  pattern  recorder. 

As  shown  in  Figure  3,  the  difference  signal  demonstrates 
a  pattern  that  generates  a  null  in  the  bore  site  direction. 
The  phase  reverses  by  180  degrees  at  the  bore  site 
between  the  +  and  -  sides. 

By  using  the  signal,  the  tracking  receiver  detects  this  signal 
as  an  angular  error  because  the  output  is  proportional  to 
the  angle  in  the  vicinity  of  the  bore  site.  The  null  depth  is 
40  decibels  or  more  and,  as  shown  in  the  following 
equation,  the  error  caused  by  the  deterioration  of  the  null 


f— 

32GH2 

5. 


Figure  2.  Measurement  Configuration 


Key: 

1 .  Antenna  pattern 
recorder 

2.  Receiver 

3.  Tracking  receiver 

4.  Comparator  and 
phase  adjuster 


5.  Beacon  32  GHz 

6.  Transmitter 

7.  Digital  voltmeter 

8.  Positioner 


Figure  3.  Antenna  Pattern 
Key:  1 .  Sum  signal  2.  Difference  signal 
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Figure  4.  Output  of  Tracking  Receiver 

Key:  1 .  Output  voltage  (volts)  2.  Angle  (°) 
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depth  is  0.004  degree  or  less.  If  a  is  the  error  sensitivity,  0^ 
=  1/a  (difference  signal  gain  -  sum  signal  gain)  =  -7.2  -  40  = 
-47.2  decibels  x  degrees  0.0040°  (bore  site) 

The  output  of  the  tracking  receiver  monitors  and  records 
the  dc  output  of  the  tracking  receiver  by  using  its  digital 
voltmeter.  The  output  characteristics  of  the  tracking 
receiver  shown  in  Figure  4  are  saturated  in  the  vicinity  of 
5.6  volts.  However,  no  problems  occur  when  drawing  the 
antenna  into  the  bore  site  since  the  polarity  is  retained. 
Table  2  shows  the  characteristics  of  the  RF  sensor. 


Table  2. 

Characteristics  of  RF  Sensor 
(Normal  Temperatures) 


Item 

Test  results 

Target  value 

Antenna 

system 

Antenna  gain 
(including  loss 
of  piping 
waveguide) 

34.7  dB 

34.5  dB 

Axial  rato 

0.83  dB 

2.0  dB 

Error  sensitivity 

2.3  V/” 

1.9  V/°  or  more 

Null  depth 

40  dB  or  more 

40  dB  or  more 

Tracking 

receiver 

Output  error 
sensitivity 

22  vr 

1.5  V/° 

Linera  range 

0.25" 

0.35" 

dc  offset 

-39  mV 

+/-250  mV  or 
less 

Lock  time 

l.S  sec  or  less 

l.S  sec  or  less 

Receiver  noise 

20  mVrms  or 
less 

1  Vrms  or  less 

This  trial  manufacturing  process  indicates  that  the  linear 
range  is  0.25  degree,  but  this  is  due  to  the  output 
sensitivity  being  22  volts/degree.  Therefore,  if  the  output 
sensitivity  is  at  the  preferred  value,  15  volts/degree,  it 
will  be  possible  to  expand  the  linear  range. 

4.  Summary 

The  RF  sensor  is  the  main  element  constituting  the 
antenna  direction  control  system,  and  has  been  manu¬ 
factured  on  a  trial  basis.  As  a  result  of  testing  it  at  normal 
temperatures,  the  selected  value  was  almost  satisfactory. 
It  will  be  necessary  to  study  temperature  characteristics 
in  detail,  taking  the  space  environment  into  consider¬ 
ation.  In  the  future,  we  plan  to  manufacture  products  by 
studying  systems  that  include  these  temperature  charac¬ 
teristics  and  by  establishing  specifications  so  that  these 
products  can  be  mounted  on  satellites. 
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[Text]  1.  Preface 

Japan  is  planning  to  perform  experiments  involving 
inter-satellite  communications  by  using  its  engineering 
test  satellite  [ETS]-VI,  and  is  developing  a  KSA  antenna 
system  to  be  mounted  on  the  ETS-VI  so  that  a  data  relay 
satellite  can  be  put  to  practical  use. 

In  this  paper,  the  function  of  the  subsystem,  mainly  the 
control  mode,  and  items  involving  the  antenna  direction 
control  system  (APS),  which  controls  the  driving  of  the 
KSA  antenna,  required  by  the  subsystem,  are  outlined. 
In  addition,  results  of  a  test  on  a  static  closed  loop  which 
was  conducted  by  using  a  trial-manufactured  and  exper¬ 
imental  model  of  an  antenna  direction  control  electric 
circuit  (APE)  are  reported. 

2.  Antenna  Direction  Control  System 

The  following  is  an  outline  of  the  characteristics  of  the 
subsystem,  which  is  a  baseline  for  the  APS  design,  and 
describes  the  items  required  by  the  subsystem. 

(1)  Requirements  of  subsystem 

The  tracking  accuracy  can  be  regarded  as  a  basic  require¬ 
ment  for  capturing  and  tracking  a  user’s  satellite,  while 
other  requirements  are  taken  into  consideration  as  well, 
(a)  It  shall  be  possible  to  capture  and  track  the  user’s 
satellite.  Open  loop  tracking  accuracy:  0.60  degree 
Closed  loop  tracking  accuracy:  0.15  degree  (b)  Even  if 
the  main  system  malfunctions,  it  should  basically  be 
possible  to  drive  the  antenna,  (c)  Information  on  the 
driving  of  the  antenna  will  be  given  to  the  attitude 
control  system  in  order  to  restrain  the  satellite’s  attitude 
disturbance,  (d)  The  subsystem  should  not  resonate  with 
the  flexible  modes  of  the  solar  cell  paddle  and  antenna 
boom. 

(2)  Subsystem  configuration 

Figure  1  shows  the  configuration  of  the  APS  that  will 
satisfy  the  above  requirements. 

The  antenna  driving  mechanism  (APM)  is  composed  of 
a  stepper  motor,  and  is  equipped  with  a  potentiometer.  It 
is  possible  to  control  an^es  by  using  the  output  angular 
signals. 

Lock-on  and  error  signals  output  from  the  RF  sensor 
(RFS),  consisting  of  a  tracking  receiver  and  feeding 
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Figure  1.  Subsystem  Conflguration 


section,  are  used  to  capture  the  user’s  satellite  during  the 
initial  stage  and  to  track  the  closed  loop,  respectively. 

(3)  Outline  of  Functions 

The  APS  has  a  number  of  control  modes  for  providing 
the  capture  and  tracking  functions.  The  operation  is 
carried  out  efficiently  by  combining  these  functions. 
Table  1  outlines  the  operation  of  each  control  mode. 


Table  1. 

Outline  of  Operation  of  Control  Mode 


Control  mode 

Through  mode 

Open  loop  tracking  mode 

Angular  control  for  APM  target  angle 
obtained  by  calculating  the  orbit  of 
user  satellite  and  that  of  host  satellite 

Scan  search  mode 

Capture  operation  which  carried  out 
conical  scan  around  the  nominal 
direction  together  with  open  loop 
tracking  in  the  nominal  direction 

Closed  loop  tracking  mode 

Feedback  control  based  on  tracking 
error  signals  sent  from  RF  sensor 

Stop  mode 

It  drives  and  stops  the  APM  when 
the  APE  power  is  on 

Manual  mode 

It  drives  the  APM  by  using  driving 
pulse  numbers  given  by  the  ground 
command 

Automatic  capture  tracking 

It  automates  a  series  of  operations 
involving  open  loop  tracking, 
scanning  and  closed  loop  tracking 

In  the  case  of  the  initial  capture,  a  scan  search  is  carried 
out  by  the  KSA  antenna  due  to  the  relationship  between 
the  open  loop  tracking  accuracy  and  the  visual  field  of 
the  RF  sensor.  Modes  are  transferred  using  the  lock-on 
signals  output  by  the  RFS. 

An  automatic  mode  is  used  to  automatically  conduct  the 
capturing  and  tracking  operations,  and  has  been  estab¬ 
lished  to  lighten  the  burden  of  the  operation  and  to 
increase  the  tracking  performance. 


3.  Static  Closed  Loop  Test 

The  following  is  a  report  of  a  static  closed  loop  test 
[SCLT]  conducted  by  using  a  trial-manufactured  APE. 
Figure  2  [not  reproduced]  shows  the  system  configura¬ 
tion  of  the  SCLT.  The  control  logic  for  directing  and 
controlling  the  antenna  is  executed  by  incorporating  a 
16-bit  MPU  in  the  APE,  and  dynamic  characteristics, 
such  as  antenna  dynamics,  orbit  movements,  etc.,  are 
solved  by  an  outside  computer. 

Figure  3  shows  the  results  of  the  SCLT.  As  can  be  seen 
from  this  figure,  the  scan  search  enables  the  phase  to  be 
transferred  stably  from  the  open  loop  tracking  to  the 
closed  loop  tracking. 


Ti««  (•*e) 

Figure  3.  SCLT  Test  Results 


4.  Field  Tracking  Test 

The  following  is  a  description  of  an  outdoor  tracking  test 
involving  the  use  of  the  trial-manufactured  APE,  APM 
and  RFS.  Figure  4  [not  reproduced]  shows  a  trial- 
manufactured  model  of  the  KSA  antenna  used  in  this 
test.  The  antenna  simulates  the  user’s  satellite  on  the 
transmitting  side,  and  the  location  is  fixed.  The  APM  is 
operated  only  with  a  shaft.  An  interface  of  the  actual 
hardware  has  been  confirmed  by  conducting  a  test 
involving  the  capturing  and  tracking  operations. 

5.  Postface 

We  have  presented  the  subsystem  requirements  for  the 
direction  control  system  of  the  KSA  antenna  mounted 
on  the  ETS-VI,  and  have  outlined  the  characteristics  of 
the  designed  subsystem. 

We  have  also  outlined  a  closed  loop  test  conducted  by 
using  a  trial-manufactured  APE. 
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In  the  future,  we  plan  to  fully  utilize  the  above  results  in 
designing  a  model  to  be  mounted  on  the  satellite. 

Development  of  Rendezvous  Radar  Capture 
Tracking  Mechanism  System.  1.  Basic  Test  of 
Mechanism  System 

43065012m  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88  No  2E14 
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[Article  by  Hiroshi  Anegawa  of  the  National  Space 
Development  Agency  of  Japan;  Hiroshi  Takahashi, 
Toshikatsu  Akiba,  Kenichi  Takahara,  Shichita  Aramiya 
and  Yoshiharu  Shimamoto  of  Toshiba  Corporation] 

[Text]  1.  Preface 

We  have  obtained  basic  data  on  the  mirror  driving 
mechanism  system  used  to  conduct  capture  and  tracking 
from  the  rendezvous  radar  which  will  be  mounted  on  a 
spacecraft  in  the  future  and  will  be  used  to  guide  and 
control  the  spacecraft.  A  two-axial  mirror  driving  mech¬ 
anism  controls  two  degrees  of  freedom  of  rotation, 
consists  of  two  pairs  of  moving  coils  and  non-contacting 
angle  sensors,  and  drives  two  gimbals  supported  by 
elastic  pivots.  Such  a  mirror  mechanism  is  highly  reliable 
and  durable  as  a  space  equipment  item  because  it  does 
not  require  lubrication.  This  report  describes  the  basic 
data  obtained  by  Toshiba  Corporation  in  connection 
with  the  design  and  research  of  a  rendezvous  radar 
system  which  is  being  conducted  by  the  National  Space 
Development  Agency  of  Japan  [NASDA]. 

2.  Configuration  of  Capture  and  Tracking  System 

Figure  1  shows  the  configuration  of  the  capture  and 
tracking  system.  This  system  consists  of  a  two-axial 
mirror  driving  mechanism  equipped  with  a  scanning 
mirror,  control  system  and  optical  system.  The  control 
system  consists  of  a  linear  riser,  mirror  driving  mecha¬ 
nism  control  circuit  (PD  circuit),  power  amplifier  and 
tracking  control  circuit  (PID  circuit).  The  linear  riser 
corrects  data  on  the  signals  output  from  an  angle  sensor 
set  in  the  mirror  driving  mechanism.  The  optical  system 
consists  of  the  laser  oscillator  required  for  the  capture 
and  tracking,  a  two-dimensional  spot  position  sensor 
and  other  optical  parts.  The  capture  and  tracking 
method  is  as  follows:  laser  beams  are  scanned  by  a 
scanning  mirror  based  on  the  information  obtained 
outside  on  the  position  of  a  spacecraft,  are  reflected  in  a 
comer  cubic  reflector  [CCR]  installed  in  the  spacecraft, 
and  are  detected  and  captured  by  a  two-dimensional  spot 
position  sensor.  In  addition,  the  movement  of  the  space¬ 
craft  subsequent  to  the  detection  and  capture  is  tracked, 
and  the  azimuth  angle  and  angle  of  attack  are  measured. 


Figure  1.  Configuration  of  Capture  Tracking  System 


Key: 

1 .  Comer  cube  reflector 

2.  Optical  system 

3.  Beam  splitter 

4.  Laser 

5.  Lens 

6.  Two-dimensional 
node  position  sensor 

7.  Control  system 


8.  Scanning  mirror 

9.  Command  signal 

10.  Control  circuit  power 
amplifier 

1 1.  To  driving  coil 

12.  Mirror  driving 
mechanism 

1 3.  Linear  riser 

14.  Angular  sensor  signal 


resolution  capability  and  angular  accuracy.  Figure  2 
shows  the  configuration  of  the  mirror  driving  mecha¬ 
nism.  Interior  and  exterior  gimbals  are  supported  with 
two  elastic  pivots,  respectively.  A  moving  coil  wound 
circularly  has  been  adopted  to  drive  the  mirror.  The 
angular  sensor  consists  of  a  non-contacting  displacement 
sensor  (overcurrent  type)  and  a  sensor  target  with  a 


Figure  2.  Outline  of  Mirror  Driving 
Mechanism  Structure 


3.  Outline  of  Stmcture  of  Mirror  Driving  Mechanism 

The  mirror  driving  has  a  comparatively  large  trackable 
range  (+/-15  degrees),  and  can  become  stationary  at  an 
arbitrary  angle  within  the  range.  It  requires  high  driving 


Key: 

1.  Coil 

2.  Exterior  gimbals 

3.  Interior  gimbals 


4.  Elastic  pivot 

5.  Angle  sensor 

6.  Mirror  fitting 

7.  Base 
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taper,  and  it  detects  gaps  in  its  axial  direction  and 
changes  them  into  angular  signals.  Errors  caused  by 
eccentricity  are  removed  by  taking  the  differential 
output  by  means  of  two  non-contacting  displacement 
sensors.  One  pair  is  fixed  on  the  base  and  detects  angles 
of  rotation  of  the  interior  gimbal,  while  the  other  pair  is 
fixed  on  the  interior  gimbal  and  detects  angles  of  rota¬ 
tion  of  the  exterior  gimbal. 

4.  Results  of  Basic  Test 

4-1.  Performance  of  Single  Structure  of  Mirror  Driving 
Mechanism  When  this  mechanism,  equipped  with  a  mirror, 
is  driven  by  sweeping  sine  waves  within  a  capture  range 
(corresponding  to  the  capture  range  of  +/-1.5°  of  the  laser 
beams)  of  +/-0.75”,  the  driving  band  width  for  both  the 
interior  and  exterior  gimbals  is  20  hertz.  It  has  been  con¬ 
firmed  that  when  the  response  to  fine  rectangular  wave 
command  signals  was  measured,  the  driving  resolution 
capability  for  both  the  interior  and  exterior  gimbals  was 
0.002°  or  less. 

4-2.  Capture  and  Tracking  Function  According  to  Laser 
Beams  A  capture  test  was  performed  when  the  CCR  was 
stationary  in  order  to  obtain  the  basic  characteristics  of  this 
system.  Figure  3  shows  a  time  history  of  angular  sensor 
signals  and  one  of  two-dimensional  spot  position  sensor 
signals  during  the  capture  and  tracking.  The  two- 
dimensional  spot  position  sensor  signals  following  the  cap¬ 
ture  are  converged  into  a  constant  value  set  at  the  origin. 
Also,  when  the  CCR  was  moved  following  the  capture,  the 
maximum  tracking  angular  velocity  was  5°/second.  Table  1 
summarizes  the  data  obtained  after  checking  the  test  results. 
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Figure  3.  Time  History  of  Capture  Tracking 

Key: 

1 .  Capture  4.  Two-dimensional  node 

2.  Tracking  position  sensor  signal  V 

3.  Angle  sensor  signal  V  5.  Time  (seconds) 


Table  1. 

Capture  Tracking  System  Data 


Item 

Characteristic  Value 

Search  angle  range 

+/-30° 

Scanning  angle  speed  at  search 

207sec 

Table  1. 

Capture  Tracking  System  Data  (Continued) 


Item 

Characteristic  Value 

Tracking  angle  speed 

57sec 

Measurement  angle  accuracy 

+/-0.025'“ 

Mirror  driving  mechanism 

Degree  of  freedom 

2 

Driving  range 

+/-15° 

Driving  resolution  capability 

0.002° 

Angular  sensor  accuracy 

+/-0.025° 

Weight  (except  for  that  of  mirror) 

3.3  kg 

5.  Summary 

We  have  performed  the  basic  test  involving  the  capture  and 
tracking  mirror  driving  mechanism  for  rendezvous  radar 
equipment,  have  confirmed  the  capture  and  tracking  func¬ 
tions  according  to  laserbeams,  and  have  basically  seen  our 
way  clear  to  putting  this  mechanism  to  practical  use.  This 
report  also  describes  the  results  of  a  trial-manufactured 
product  being  used  in  basic  tests  at  Toshiba  Corporation  in 
connection  with  the  research  involving  rendezvous  radar 
equipment  that  is  being  conducted  by  NASDA.  In  the 
future,  we  intend  to  fully  utilize  this  basic  data  in  the  design 
of  a  functional  test  model. 
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[Text]  1.  Preface 

The  research  and  development  of  optical  communications 
are  being  carried  out  enthusiastically  so  that  various  optical 
systems''  and  mirror  driving  mechanisms^'  can  be  put  to 
practical  use  based  on  the  increase  in  capacity  of  future 
communications,  the  transmission  of  a  large  amount  of  data 
from  various  kinds  of  observation  equipment,  etc.  Optical 
communications  requires  a  highly  accurate  optical  driving 
system  that  can  capture  a  satellite  receiving  communica¬ 
tions  and  track  the  movement  of  the  satellite  through  the 
sharp  directivity  of  laser  beams. 
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This  report  describes  an  experimental  unit  in  which 
receiving  laser  beams  are  tracked  roughly  and  accurately 
by  using  a  CCD  and  a  four  quarter  photo  diode  [4QD]  as 
optical  detectors,  as  well  as  results  of  characteristic  tests 
of  a  tracking  system  and  characteristics  of  a  mirror 
driving  mechanism. 

2.  System  Configuration 

Figure  1  shows  the  system  configuration  of  a  tracking 
system  experimental  unit  manufactured  on  a  trial  basis. 
This  unit  consists  of  two  mirror  driving  mechanisms,  a 
CCD  (for  rough  tracking),  a  4QD  (for  accurate  tracking), 
three  control  circuits  and  a  changeover  circuit.  The 
mirror  driving  mechanism  controls  the  directivity  of  the 
laser  beams,  the  CCD  and  4QD,  as  optical  detectors, 
detect  the  spot  position  of  these  laser  beams,  and  the 
three  control  circuits  are  used  to  drive  the  mirror  and  to 
roughly  and  accurately  track  a  satellite.  The  changeover 
circuit  switches  their  control  systems.  In  this  unit,  first 
laser  beams  are  put  in  the  CCD  by  driving  the  mirror 
driving  mechanism  and  are  then  placed  in  an  accurate 
tracking  area  within  the  visual  field  of  the  CCD  by  using 
the  rough  tracking  control  circuit.  When  these  laser 
beams  are  placed  in  the  visual  field  of  the  4QD,  accurate 
tracking  will  be  carried  out  through  the  driving  of  the 
accurate  tracking  control  circuit  because  the  accurate 
tracking  area  of  the  CCD  corresponds  to  the  visual  field 
of  the  4QD. 

3.  Mirror  Driving  Mechanism 

Figure  2  shows  the  mirror  driving  mechanism  incor¬ 
porated  in  the  tracking  system  experimental  unit.  This 
mechanism  is  designed  so  that  it  can  drive  the  mirror 
with  high  accuracy  and  without  incurring  any  friction 


Figure  1.  System  Configuration  of  Tracking  System 
Experimental  Unit 


Key: 

1 .  Accurate  tracking 
control  circuit 

2.  Coarse  tracking 
control  circuit 

3.  Switching  circuit 

4.  Mirror  driving 
control  circuit 


5.  Signal  processing 

6.  Angle  sensor  signal 
processing 

7.  Driver 

8.  Mirror  driving 
mechanism 

9.  Laser  beam 


Figure  2.  Mirror  Driving  Mechanism 

Key:  3.  Permanent  magnet 

1 .  Elastic  pivot  4.  Angle  sensor 

2.  Mirror  5.  Coil 


or  wear,  since  elastic  pivots  are  used  for  support 
bearings,  and  moving  coils  are  used  as  the  rotation 
driving  systems  in  the  mechanism. 


4.  Test  of  Characteristics 

4.1  Frequency  Response  Characteristics  of  Mirror 
Driving  Mechanism  Figure  3  shows  the  frequency 
response  characteristics  ofthe  mirror  driving  mecha¬ 
nism  in  which  sine  waves  equivalent  to  a  target  value 
of  +/-0. 1 2°  are  input.  As  can  be  seen  from  this  figure, 
the  response  frequency  of  this  mechanism  exceeds  100 
hertz,  and  possesses  sufficient  response  properties. 

4.2  Response  from  Rough  Tracking  to  Accurate 
Tracking  Figure  4  shows  the  time  history  ofthe  CCD 
output  and  that  of  the  4QD  for  the  case  in  which  the 
rough  tracking  control  system  is  changed  to  an  accu¬ 
rate  one.  As  can  be  seen  from  this  figure,  this  change  is 
normal.  The  deflection  following  the  accurate  tracking 
process  was  within  +/-3.3  x  10'*  degrees  (+/-0.58 
microrad). 


Figure  3.  Frequency  Response  of  Mirror 
Driving  Mechanism 

Key:  1  .Gain  (dB)  2.  Frequency  (Hz)  3.  Phase  (°) 
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Figure  4.  Response  from  Coarse  Tracking  to 
Accurate  Tracking 

Key: 

1.  CCD  output  (V)  3.  4QD  output  (V) 

2.  Time  (seconds)  4.  Start  of  accurate  tracking 


4.3  Response  to  Disturbance 

Figure  5  shows  mirror  angles  for  the  case  in  which  the 
disturbance  is  equivalent  to  +/-0.0037°,  with  0.6  hertz 
given  to  the  mirror  driving  mechanism  through  the 
operation  of  the  accurate  tracking  system.  As  can  be  seen 
from  this  figure,  the  amplitude  of  the  response  to  the 
disturbance  is  +/-5.0  x  10'*  degrees  (+/-0.87  microrad).  If 
the  value  of  +/-0.03  degree  is  considered  when  studying 
the  fluctuation  of  attitudes  of  a  satellite  as  a  disturbance, 
it  is  anticipated  that  this  response  amplitude  will  be 
+/-4.2  X  10"^  degrees  (+/-7.3  microrads). 
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Figure  5.  Response  to  Disturbance  of  Accurate 
Tracking  System 

Key:  1 .  Mirror  angle  (°)  2.  Time  (seconds) 


Table  1.  Mirror  Driving  Mechanism  Data 


Item 

Characteristic  Value 

Degree  of  freedom 

1 

Driving  range 

+/-1.0° 

Driving  frequency 

100  Hz 

Angle  sensor  resolution  capability 

4  prad 

Maximum  power  consumption 

1  W 

5.  Conclusion 

An  experimental  tracking  system  unit  for  laser  commu¬ 
nications  was  manufactured  on  a  trial  basis  and,  as  a 
result  of  a  test  of  its  characteristics,  it  was  confirmed  that 
the  accuracy  of  its  mirror  driving  mechanism  was  satis¬ 
factory  and  that  it  could  be  applied  to  the  tracking 
system.  In  this  system,  elastic  pivots  are  used  for  support 
bearings,  and  moving  coils  are  used  as  the  rotation 
driving  systems.  In  the  future,  we  plan  to  increase  the 
tracking  accuracy  10-fold  by  adjusting  the  control  sys¬ 
tems,  and  will  carry  out  development  so  that  new  equip¬ 
ment  can  be  put  to  practical  use. 
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[Text]  1.  Preface 

Spacecraft  are  operated  in  orbits  at  low,  intermediate 
and  high  altitudes,  and  are  used  to  transmit  observed 
and  image  data  to  operation  centers  on  the  ground.  It  is 
necessary  to  establish  a  systen  that  can  continuously 
exchange  communications  between  these  spacecraft  and 
operations  centers  at  high  speeds.  The  data  relay  tracking 
satellite  [DRTS]  system  is  being  planned  as  a  means  of 
realizing  the  above  system. 

In  this  plan,  it  is  necessary  to  develop  the  DRTS  system 
proper  as  well  as  a  spacecraft  anti-DRTS  antenna  system 
of  earth  observation  platforms,  etc.,  which  are  DRTS 
users.  In  order  for  communications  exchange  to  be 
enabled  at  all  times,  it  is  very  important  to  develop 
capture  and  tracking  technologies. 

This  resport  describes  theresults  of  establishing  the 
target  specifications  for  the  capture  and  tracking  system 
of  an  antenna  with  a  diameter  of  2  meters.  This  system 
must  survive  the  most  severe  conditions  as  a  user  space¬ 
craft  capture  and  tracking  system. 


66 


JPRS-JST-90-018 
23  March  1990 


2.  Flowchart 

Figure  1  presents  a  flowchart  of  the  capture  and  tracking 
system  study. 


Figure  1.  Flowchart  of  Capture  Tracking  System 


Key: 

1 .  Antenna 
specifications 

2.  Required  pointing 
accuracy 

3.  Retracting  range 

4.  Tracking  analysis 

5.  Driving  angle 

6.  Driving  speed 


7.  Configuration 

8.  Error  analysis 

9.  Open  loop  control 
accuracy 

10.  Closed  loop  control 
accuracy 

1 1 .  Capture  tracking  system 

1 2.  Target  specifications  of 
capture  tracking  system 


3.  Antenna  Specifications 

It  is  preferable  that  the  user  space  antennas  fit  the  respective 
spacecraft,  and  that  the  optimum  design  process  be  carried 
out  on  an  individual  basis.  However,  it  is  necessary  to 
develop  common  equipment,  systematized  according  to  use, 
for  the  following  reasons;  1)  lightening  the  burden  on  the 
user,  2)  simplifying  the  structure  and  operation,  and  3) 
reducing  the  cost. 

Table  1  shows  common  user  antenna  specifications  estab¬ 
lished  taking  the  above-mentioned  items  into  consideration. 


Table  1. 

Specifications  of  Common  User  Antenna 
(Provisional  Values) 


Antenna  Diameter 
Specifications  of 
User  Antenna 

2 

m(p 

1.4 

m(p 

I 

mcp 

0.8 

m(p 

0.5 

m(p 

Required  pointing 

+/- 

+/- 

+/- 

+/- 

+/- 

aecuracy:  32  GHz 

0.055 

0.078 

0.12 

0.14 

0.22 

Retracting  range: 

+/- 

+/- 

+/- 

+/- 

+/- 

23  GHz 

0.27 

0.38 

0.54 

0.67 

1.08 

Transmission 
amount  (MBPS) 
(output  10  W) 

302 

125.9 

79.4 

50.1 

20.4 

4.  Tracking  and  Analysis 

A  circumterrestrial  satellite  with  three  kinds  of  orbits 
and  directivities  was  tracked  and  analyzed,  and  the 
capture  and  tracking  range  and  tracking  speed  shown  in 
Table  2  were  obtained. 


Table  2. 

DRTS  Tracking  Analysis  Results 


Sun  synchro¬ 
nous,  quasi¬ 
recurrent 
orbit,  earth- 
directional 
satellite 

Common 
driving  sun- 
directional 
satellite 

Common 
driving  earth- 
directional 
satellite 

Tracking 

requirement 

range 

Azimuth 
angle:  +/-I80° 

Azimuth 
angle:  +/-  1 80“ 

Azimuth 
angle:  +/- 1 80° 

Angle  of 
attack:+/-120'’ 

Angle  of 
attack:  85-95° 

Angle  of 
attack:+/-120° 

Angular 
velocity 
(except  for 
vicinity  of 
zenith) 

Azimuth 
angle:  3.07sec 
or  less 

Azimuth 
angle:  0.0097 
sec  or  less 

Azimuth 
angle:  3.0°/sec 
or  less 

Angle  of 
atlaclc;0.0737 
sec  or  less 

Angle  of 
attack:  0.0067 
sec  or  less 

Angle  of 
attack:  0.0737 
sec  or  less 

5.  Configuration 


The  antenna  driving  system  was  configured  based  on  the 
capture  and  tracking  range  and  the  tracking  speed 
obtained  from  the  above  tracking  and  analysis.  This 
concept  is  shown  in  Figure  2. 

6.  Error  Analysis 

Two  control  systems  can  be  regarded  as  the  capture  and 
tracking  systems:  (1)  Open  loop  control:  Based  on  user 


Figure  2.  Antenna  Driving  System  Configuration 
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spacecraft,  information  on  attitude  and  position  of 
DRTS  (2)  Closed  loop  control:  Zero  control  by  using  an 
RF  sensor 

The  errors  found  in  the  two  systems  were  analyzed  based 
on  the  configuration  shown  in  Figure  2.  As  a  result,  the 
following  accuracy  levels  were  obtained;  Open  loop 
control  accuracy:  +/-0.207°  Closed  loop  control  accuracy: 
+/-0.048‘’ 

7.  Capture  and  Tracking  System 

The  capture  and  tracking  system  has  been  adopted  since 
it  is  possible  to  change  a  system  from  open  loop  control 
to  closed  loop  control,  and  to  adjust  the  accuracy  to 
within  the  RF  sensor  pulling  range  (+/-0.27‘')  due  to  the 
open  loop  control. 

In  this  system,  it  is  possible  to  adjust  the  accuracy  to 
within  the  required  pointing  range  (+/-0.055°)  due  to  the 
closed  loop  control.  Figure  3  demonstrates  the  capture 
and  tracking  system  concept. 
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Figure  3.  Capture  Tracking  System 


Key: 

1.  Open  loop  control 
accuracy 

2.  RF  sensor  FOV 


3.  Closed  loop  control 
accuracy 

4.  Required  pointing 
accuracy 


8.  Summary 

We  have  established  the  target  specifications  (shown  in 
Table  3)  of  the  capture  and  tracking  system  necessary  for 
the  development  of  the  elemental  technologies  required 
by  user  spacecraft  antenna  systems. 


Table  3. 

Capture  Tracking  System  Specifications 


Item 

j  Value 

Antenna  diameter 

2  m<p 

Open  loop  control  accuracy 

+/-0.27" 

Closed  loop  control  accuracy 

+/-0.055° 

Driving  range 

Azimuth  angle 

+/-180" 

Angle  of  attack 

+/-120” 

Driving  angular  velocity 

Azimuth  angle 

3.07sec 

Angle  of  attack 

3.07sec 

We  are  currently  manufacturing,  on  a  trial  basis,  an 
antenna  driving  system  based  on  the  above  results. 
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[Text]  1.  Preface 

A  K-band  single  access  [KSA]  antenna  system  will  be 
mounted  on  an  engineering  test  satellite  type  VI  (ETS- 
VI)  in  order  to  establish  the  technology  to  capture  and 
track  a  user  satellite  from  a  geostationary  satellite.  The 
ETS-VI  is  scheduled  to  be  launched  in  the  early  1 990s. 
The  antenna  pointing  mechanism  [APM]  is  a  constituent 
of  the  KSA  antenna  system,  and  represents  a  key  com¬ 
ponent  for  capturing  and  tracking  satellites.  An  engi¬ 
neering  model  [EM-1],  representing  only  one  axis  of  the 
APM,  has  been  designed  and  manufactured  to  make  an 
early  check  of  its  function  and  performance  as  well  as  to 
be  fully  utilized  in  flight  products.  The  EM-1  is  currently 
being  tested.  This  report  describes  the  results  of 
designing  the  APM’s  EM-1. 

2.  Required  Performances 

Table  1  shows  the  performance  specifications  required 
in  this  EM-1.  The  maximum  driving  rate  has  been 
established  by  taking  the  capture  of  user  satellites  into 
consideration,  and  a  driving  range  has  been  established 
so  that  these  user  satellites  can  be  tracked  at  all  times. 
The  driving  resolution  capability  has  been  determined 
from  the  standpoint  of  requirements  of  the  antenna 
system’s  pointing  accuracy.  Also,  a  retaining  torque  is 
required  so  that  the  antenna  is  not  rotated  by  the 
disturbance  caused  by  the  unfolding  of  the  KSA  antenna 
or  that  caused  by  the  injection  of  the  thruster  when 
controlling  the  attitude  of  the  satellite  proper  or  cor¬ 
recting  the  orbit. 


Table  1. 

Performance  Required  for  APM’s  EM-1 


Item 

Required  Performance 

Weight 

3  kg  or  less 

Power  consumption 

19.5  W  or  less 
(during  small  mode) 

2.25  W  or  less 

(during  stationary  tracking) 

Maximum  driving  rate 

0.37sec 

Driving  range 

+/-I0‘’  or  more 

Driving  resolution  capability 

0.005“  or  less 

Retaining  torque 

2.5  Nm  or  more 

Maximum  inertial  load 

12  kg/m^ 

Working  life 

3  years 
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3.  Design 

3.1  Driving  System  Trade-Off 

Table  2  shows  three  kinds  of  trade-offs  involving  APM 
constituents.  A  step  motor/speed  reducer  system  has 
been  selected  for  the  following  reasons:  1)  angles  can  be 
controlled  in  accordance  with  the  number  of  motor 
driving  pulses,  2)  speeds  can  be  controlled  in  accordance 
with  the  pulse  rate,  3)  the  open  loop  can  be  controlled,  4) 
a  highly  accurate  angular  sensor  and  brake  are  not 
necessary,  5)  the  driving  circuit  is  simple,  and  6)  the 
EM-1  is  comparatively  lightweight.  It  has  been  decided 
that  a  zero  sensor  will  be  developed  as  a  position  sensor 
and  an  absolute  angular  signal  will  be  added  to  the 
redundant  constitution.  The  zero  sensor  is  an  improved 
version  of  a  lightweight  potentiometer  with  a  simple 
processing  circuit.  Such  potentiometers  have  actually 
been  used  in  space  development.  Design,  manufacturing 
and  vacuum-lubricating  technologies,  etc.,  have  been 
obtained  from  the  development  of  a  paddle  driving 
mechanism  over  the  past  five  years.  By  utilizing  these 
technologies  in  the  APM,  it  will  be  possible  to  shorten 
the  development  period  if  the  above-mentioned  system 
is  selected. 


Table  2. 

Trade-off  of  Driving  System 


Step  Motor/ 
Sp^  Reducer 

DC  Motor/ 

Speed  Reducer 

DD  Motor 

Loop  control 

Possible  when 
open 

Closed 

Closed 

Position 

sensor 

Highly  accurate 
zero  point 
sensor 

Highly  accurate 
angle  sensor 

Highly  accurate 
angle  sensor 

Angular 

velocity 

sensor 

Unnecessary 

Necessary 

Necessary 

Rotational 

speed 

Low 

High 

Low 

Self-holding 

capacity 

Exists 

Brake  is 
necessary 

Brake  is 
necessary 

Torque 

Large 

Large 

Small 

Weight  form 

Small 

Small 

Large 

Electronics 

Simple 

Complex 

Complex 

Actual 
development 
results  (for 
space  use) 

Developing 
with  paddle 
driving 
mechanism 

Developing 
with  space 
station 
program 

New 

development 
is  not 
necessary 

Ranking 

1 

2 

3 

3.2  Design  Results 


Figure  1  and  Table  3  show  design  results  of  the  APM’s 
EM-1.  The  EM-1  is  driven  by  a  step  motor  with  a  step 
an^e  of  0.45°  and  a  harmonic  drive  with  a  reduction 
ratio  of  1/157,  and  is  equipped  with  a  potentiometer 
offering  a  zero  accuracy  of  +/-0.016°  and  an  angular 
accuracy  of  +/-0.08°.  It  satisfies  each  required  perfor¬ 
mance  specification. 


Key:  4.  Electric  limit  switch 

1.  Mechanical  stopper  5.  Housing 

2.  Potentiometer  6.  Harmonic  drive 

3.  Bearing  7.  Step  motor 


Table  3. 

Design  Results  of  APM’s  EM-1 


Item 

Design  results 

Weight 

4.9  kg 

Power  consumption 

19.5  W  or  less 

2.25  W  or  less 

Maximum  driving  rate 

0.3r/sec 

Driving  range 

+/-13°+/.0.5“ 

(mechanical  stopper) 

+/-I  r+/-o.5° 

(electrical  limit  switch) 

Driving  resolution  capability 

0.0029"  (nominal) 

Holding  torque 

2.51  Nm  or  more 

Maximum  inertial  load 

12  kg/m^ 

Working  life 

5.3  X  10^  rev  (equivalent  to  3 
years  in  terms  of  motor  shaft) 

In  order  to  carry  out  highly  accurate  pointing,  it  is 
important  to  study  the  alignment  errors  of  the  mecha¬ 
nism  system  as  well  as  the  driving  resolution  capability. 
Alignment  errors  are  generated  in  a  clearance  between 
the  outer  ring  and  housing,  and  are  dependent  on  tem¬ 
perature.  For  example,  the  EM-1  was  designed  taking 
alignment  errors,  the  coefficient  of  thermal  expansion, 
strength,  etc.,  into  consideration.  Figure  2  [not  repro¬ 
duced]  shows  the  EM-1  of  the  APM  we  manufactured. 

4.  Summary 

We  have  designed  the  EM-1  of  the  KAS  APM  for  the 
ETS-VI.  We  plan  to  confirm  each  design  result  by  means 
of  performance  tests,  environmental  tests  and  duration 
tests,  and  to  fully  utilize  the  data  obtained  from  these 
tests  in  the  development  of  a  two-axial  antenna  driving 
system,  the  EM-2,  which  will  be  a  flight  produet. 
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[Text]  1 .  Outline 

It  is  expected  that  future  spacecraft,  such  as  the  space  plane 
[SP],  orbital  transfer  vehicle  [OTV],  OSV  and  PF,  will  be 
realized.  Some  reports  on  the  navigation  systems  of  such 
spacecraft  have  already  been  made,  as  have  many  reports  on 
accuracy  evaluation.  This  paper  briefly  presents  results  of 
studies  of  the  operations  and  selections  of  an  algorithm  for 
use  in  realizing  this  navigation  system.  Figure  1  shows  a 
block  diagram  of  the  navigation  system  which  is  taken  as  a 
premise.  The  navigation  system  mainly  consists  of  an  iner¬ 
tial  measuring  unit  [IMU],  star  sensor  [ST],  and  global 
positioning  system  receiver  [GPSR].  Rendezvous  radar 
[RVR]  and  a  proximity  sensor  [PRS]  will  be  added  when  the 
mission  involves  rendezvous  docking.  These  sensors  are 
connected  to  computers  through  interface  electronics. 

2.  Acquisition  of  Initial  Attitude 

Generally,  the  step  from  the  acquisition  of  the  sun  to  that  of 
the  earth  has  been  taken  in  previous  earth  pointing  satel¬ 
lites,  but  this  method  is  disadvantageous  in  that  the  acqui¬ 
sition  must  be  carried  out  in  a  specific  orbit  position.  For 


1  -X 


Figure  1.  Configuration  of  Navigation  System 


Key: 

1 .  Interface  electronics 

2.  Data  on  quantity 

3.  Range 

4.  Range  rate 

5.  Computer  mounted 
on  satellite 


6.  Increase  in  speed 

7.  Increase  in  angle 

8.  [illegible]  software 

9.  Azimuth 

10.  [illegible]  software 

11.  [illegible]  attitude 


future  spacecraft,  the  following  acquisition  methods  are 
being  studied  in  order  to  obviate  this  disadvantage. 

1)  Determination  of  attitude  according  to  ST  stand 
alone:  Stars  detected  with  an  ST  are  identified  by 
matching  patterns  and,  after  the  attitude  is  determined, 
an  IMU  will  be  utilized  for  acquisition.  With  this 
method,  substantial  software  and  a  star  catalog  are 
required  for  the  pattern  matching,  and  a  trade-off  with 
computer  performance  is  also  necessary. 

2)  IMU  integral  system:  The  attitude  and  orbit  are 
propagated  by  mounting  the  IMU  on  the  spacecraft  after 
launch.  It  is  believed  that  information  on  the  spacecraft 
navigation  can  be  supplied  to  a  craft  to  be  launched,  or 
that  the  guidance  of  the  craft  itself  can  be  carried  out  by 
its  computers.  Although  this  system  has  the  advantage 
that  it  does  not  require  any  sensors  other  than  the  IMU, 
it  does  involve  the  following  problems:  1)  the  dynamic 
ranges  of  the  gyroscope  and  accelerometer  must  be  wide, 
and  2)  the  burden  on  navigation  software  increases. 

3)  Terrestrial  magnetism  sensor-using  system:  If  the  orbit  of 
a  spacecraft  has  been  acquired,  the  direction  of  the  magnetic 
fields  can  be  calculated  using  a  model  of  these  magnetic 
fields.  Therefore,  the  attitude  can  be  determined  by  using  a 
terrestrial  magnetism  sensor  and  a  sun  sensor.  Either  the 
propagation  of  the  attitude  after  the  craft  has  been  launched 
or  the  initial  acquisition  according  to  the  GPSR  are  needed 
for  this  determination.  This  can  be  regarded  as  a  method. 
The  attitude  determination  accuracy  according  to  the  ter¬ 
restrial  magnetism  sensor  is  not  very  high,  but  the  ST  star 
acquisition  according  to  direct  matching  can  offer  sufficient 
accuracy. 

3.  Filter 

The  UD  resolution  filter  is  frequently  used  as  an  attitude 
and  orbit  filter  to  ensure  numerical  stability.  In  addition, 
a  fading  factor  is  introduced  to  prevent  divergence. 
Filter  divergence  is  caused  by  bias  correction  errors,  etc., 
of  the  IMU.  The  fading  factor  restrains  such  divergence 
in  the  stationary  pointing  mission,  but  it  is  necessary  to 
take  a  part  of  the  bias  (e.g.,  a  gyroscope  filter)  in  the  filter 
since  the  effect  of  the  restraint  is  not  sufficient  for  a 
mission  requiring  high  speed  maneuvering. 

4.  Detection  of  Problems 

Methods  of  detecting  problems  involving  sensory  and  actu¬ 
ators  are  as  follows:  1)  a  direct  method  in  which  the  status  of 
each  component  is  monitored,  and  2)  a  method  in  which  the 
deviation  is  monitored  through  the  nominal  value  of  the 
attitude  and  the  orbit  determining  value.  When  a  deviation 
is  detected,  the  malfunctioning  components  are  identified 
and  separated  from  the  value,  and  the  configuration  of  a 
new  control  system  is  indicated  to  the  guidance  and  control 
system.  An  interface  is  necessary  between  the  navigation 
and  control  system  to  prevent  errant  operations  from  being 
caused  by  the  transitional  dynamics  ofthe  spacecraft  during 
the  reconfiguration. 
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Figure  2.  Navigation  Software  Contents 


Key: 

1.  Processing 

2.  Contents 

3.  Timing 

4.  T ,  (IMU  data  rate)  5.  IMU  data  processing 

6.  Obtaining  IMU  data  status 

7.  Judgment  of  status  8.  Correction  of  drift  and  scale 
factor 

9.  Execution  during  cycle  equivalent  to  IMU  data 
rate  (T,) 

10.  Attitude  propagation 

1 1 .  Integration  of  data  on  gyroscope 

12.  Attitude  error  covariance  propagation 

13.  Same  as  above 

14.  Quantity  identification  processing 

15.  ST  control 

16.  Obtaining  of  ST  data  and  status 

1 7.  Identification  of  quantity 


18.  Execution  of  synchronization  with  ST  operation 
(asynchronous  with  IMU) 

1 9.  Attitude  filter 

20.  Obtaining  of  fixed  data 

21.  Filtering  22.  Execution  when  fixed  data  obtained 

23.  Orbit  propagation 

24.  Obtaining  and  integrating  data  on  accelerometer 

25.  Orbit  integration 

26.  Execution  during  Tj  cycle  (-NjT,) 

27.  GPS  data  processing 

28.  Selection  of  optimum  satellite 

29.  Data  conversion 

30.  Time  correction 

3 1 .  Operation  during  cycle  equivalent  to  GPS  data  rate 
(asynchronous  with  IMU) 

32.  Orbit  filter 

33.  Obtaining  GPS  data 

34.  Execution  when  GPS  processing  data  obtained 


5.  Software 

It  is  necessa^  to  divide  navigation  system  software  into 
tasks  according  to  function,  and  to  control  the  system 
operation  by  the  real  time  OS  since  the  software  has  so 
many  functions.  Figure  2  shows  an  example  of  the  task 
division  and  operation  timing  of  this  software.  Attitude 
integration,  requiring  rapid  responses,  operates  according  to 
the  IMU  data  period  and  has  low  frequency,  but  the 
selection  of  the  optimum  satellite  for  the  GPS  with  a  long 
processing  time  and  the  establishment  of  a  star-identifying 
initial  stage  are  executed  during  this  period. 


6.  Summary 

We  have  summarized  the  topics  to  be  studied  to  realize  the 
navigation  systems  of  future  spacecraft.  In  the  future,  we 
plan  to  study  and  demonstrate  practical  systems,  taking 
these  study  topics  into  consideration. 
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[Text]  1.  Preface 

Future  spacecraft  (ADEOS,  OTV,  STEP,  etc.)  will  be 
equipped  with  accessories  such  as  antennas,  solar  cell  pad¬ 
dles  and  manipulators.  It  is  expected  that  these  accessories 
will  become  more  complex  and  larger  and  will  have  a  large 
influence  on  the  attitude  control  system.  This  paper  presents 
technical  topics  involved  in  the  development  of  control 
systems  for  future  spacecraft  and  results  of  identifying  the 
vibration  parameters  of  particularly  flexible  accessories. 


in  size  of  the  spacecraft.  Accordingly,  it  is  necessary  to  study 
control  system  structures,  taking  these  torques  into  consid¬ 
eration. 

3.  Identification  of  Vibration  Parameters  of  Flexible 
Structures 

The  following  is  a  study  of  methods  for  identifying  the 
vibration  parameters  of  the  particularly  flexible  structures 
mentioned  in  the  technical  topics  above.  A  displacement 
gage  is  installed  on  flexible  accessories,  and  vibration 
parameters  are  identified  based  on  the  signals  emitted  from 
the  displacement  gage.  However,  this  method  is  disadvan¬ 
tageous  when  noise  is  involved  since  the  calculation  of 
acceleration  signals  will  require  differential  operations. 
Therefore,  acceleration  is  detected  by  an  accelerometer 
mounted  on  a  flexible  accessory,  and  vibration  parameters 
are  identified  by  integrating  the  acceleration  and  by  finding 
the  displacement  of  the  modes.  The  identification  process  is 
outlined  below. 


2.  Technical  Topics  for  Development  of  Control  Systems 
for  Future  Spacecraft 

(1)  Identification  of  Vibration  Parameters  of  Flexible  Struc¬ 
tures 

Generally,  the  vibration  parameters  of  flexible  structures 
are  estimated  by  analyzing  vibration  by  means  of  com¬ 
puters,  but  it  is  difficult  to  obtain  these  parameters  precisely 
by  conducting  ground  experiments  as  the  means  of  verifi¬ 
cation.  It  is  not  necessary  to  adjust  the  values  of  such 
vibration  parameters  obtained  in  advance  since  the  possi¬ 
bility  exists  of  the  vibration  parameters  being  changed 
slowly  with  time.  Accordingly,  it  is  preferable  that  such 
vibration  parameters  be  identified  in  orbit. 

(2)  Variability  of  Control  System  Parameters 

When  solar  cell  paddles  are  folded  or  unfolded  and  when 
manipulator  arms  are  expanded  or  contracted  frequently,  it 
will  be  difficult  for  fixed  control  systems  determined  on  the 
ground  to  cope  with  these  paddles  and  arms  since  the 
characteristics  of  the  control  objects  will  be  changing. 
Accordingly,  future  control  systems  must  be  able  to  adjust 
the  control  parameters  based  on  the  commands  sent  from 
the  ground  in  accordance  with  the  changes  in  vibration 
parameters. 

(3)  Control  of  Change  of  Shape  of  Large  Accessories 
Caused  by  Thermal  Strain 

When  large  accessories  are  changed  sharply  and  thermally  in 
the  boundary  between  sunshine  and  shade,  the  possibility 
exists  of  thermal  strain  being  generated  or  flexible  vibration 
being  excited  in  them.  Accordingly,  it  is  necessary  to  control 
the  shape  of  these  large  accessories  so  that  the  thermal  strain 
and  excitation  can  be  restrained. 

(4)  Environmental  Resistance  Disturbance 

The  solar  radiation  pressure  torque,  gravity  inclination 
torque  and  aerodynamic  torque  will  become  larger  than 
those  of  conventional  satellites  in  proportion  to  the  increase 


(1)  Dynamics 

As  shown  in  Figure  1 ,  the  object  of  control  is  regarded  as  a 
model  combined  with  a  satellite  proper,  a  flexible  accessory 
and  a  solar  cell  paddle  sheet.  An  accelerometer  is  regarded 
as  being  installed  on  the  top  of  the  solar  cell  paddle.  Taking 
flexible  modes  of  up  to  three  dimensions  into  consideration, 
an  equation  of  motion  can  be  expressed: 

:  +  2  t  iWi  ^  1+  •+  5  jwxsind  —  6  lUizcos^  =  0 

•  ♦  •  •  • 

7j  i  +  2  +  V2  +  68wxs»n0  +  ss  0 

37  $  +  2  t  +  Ws^373  +  6*30  —  5*3uy  =  0 

where,  T|j  is  the  displacement  mode,  Q  is  the  attenuation 
coefficient,  tO;  is  the  natural  frequency,  tax,  coy,  coz  represent 
each  acceleration  of  the  satellite  proper,  0  is  the  angle  of 
rotation  of  the  paddle,  and  6.  is  the  coupling  coefficient. 

In  addition,  the  output  of  the  accelerometer  is  shown  by 
the  following  equation; 

•  •  oo  -• 

U  =  S  0  ,  J?  i 

i  =  l 


Figure  1.  Definition  of  Coordinate  System 
Key:  1.  Accelerometer 


where,  cp  is  the  mode  shape. 

(2)  Method  of  Identifying  Vibration  Parameters 

Signals  sent  from  the  accelerometer  are  combined  with 
each  mode  acceleration,  so  they  can  be  separated  from 
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each  other  with  the  addition  of  a  filter.  Parameters  a,i, 
^2i<  boi,  b,i  and  b2i  are  estimated  by  using  a  successive 
method  of  least  squares,  under  the  assumption  that  a 
mode  dynamic  model  can  be  expressed  by  the  following 
equation  and  that  vibration  parameters  can  be  obtained 
by  transforming  these  parameters.  In  this  case,  input 
signals  of  dynamics  are  regarded  as  angular  accelerations 
of  the  satellite  proper. 

Di  =  (boi  +  b,iZ-'  +  b2iZ'^)/(l  -  a,iZ'‘  -  a2iZ'^) 

(3)  Problems  in  Identifying  Vibration  Parameters  of 
Flexible  Structures 

It  is  necessary  to  plan  sensors  so  that  only  a  certain  mode 
is  emphasized  since  a  number  of  mode  accelerations  are 
included  in  the  signals  sent  from  the  accelerometer.  It  is 
also  necessary  to  study  the  following  topics:  1)  the 
necessity  of  readily  detecting  the  acceleration  by  exciting 
the  vibration  of  flexible  structurres  by  means  of  a 
thruster,  etc.,  and  2)  the  possibility  of  estimating  vibra¬ 
tion  parameters  by  means  of  free  responses. 

4.  Postface 

We  have  presented  technical  topics  for  the  development 
of  control  systems  of  future  spacecraft  and  have  studied 
problems  with  and  methods  for  identifying  the  vibration 
parameters  of  flexible  structures.  In  the  future,  we  plan 
to  use  computer  simulations  to  confirm  the  validity  of 
vibration  parameter  identification  methods,  to  clarify 
the  limits  of  the  identifications,  and  to  study  control 
systems. 

Development  of  Ion  Engine  System  To  Be 
Mounted  on  ETS-VI 

43065012s  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88  No  2G9 
pp  484-485 

[Article  by  Kenichi  Kajiwara  of  the  National  Space 
Development  Agency  of  Japan;  Haruki  Takegawara, 
Sadanori  Shimada,  I^zuo  Sato  and  Shoji  Goto  of  Mit¬ 
subishi  Electric  Corporation] 

[Text]  1.  Preface 

Ion  engines  will  be  mounted  for  the  first  time  ever  as 
propulsion  systems  for  controlling  north  and  south 
orbits  on  the  engineering  test  satellite  ETS-VI,  which  will 
be  launched  in  1992.  The  ion  engine  is  an  electrostatic 
acceleration-type  electric  propulsion  system  character¬ 
ized  by  high  specific  impulse.  An  ion  engine  with  a  20 
mN-class  thrust  is  being  developed  so  that  it  can  be 
mounted  on  the  ETS-VI.  Xenon  is  used  as  the  propellant 
in  the  ion  engine.  This  paper  outlines  the  project, 
describes  the  contents  of  component  combination  tests. 


and  presents  the  status  of  the  development  of  the  ion 
engine  system  [lES]. 

2.  Function 

Figure  1  shows  a  system  block  diagram  of  the  lES,  and 
Table  1  illustrates  its  comprehensive  performance.  The 
lES  executes  the  following  functions:  1)  It  receives  the 
electric  power  supply  from  electric  source  systems,  pro¬ 
duces  ions,  and  generates  thrust  by  accelerating  and 
injecting  the  ions.  2)  It  generates  and  stops  thrust 
through  the  TTC  system  in  accordance  with  the  com¬ 
mands  sent  from  the  ground.  3)  It  outputs  the  data 
necessary  for  monitoring  and  diagnosing  the  operational 
status  to  the  TTC  system  and  instrumentation  systems. 
4)  It  controls  the  north  and  south  orbits  of  satellites  by 
means  of  the  composite  thrust  generated  by  simulta¬ 
neously  operating  two  properly-positioned  TRSs.  5)  It 
can  store  the  propellant  necessary  for  controlling  the 
north  and  south  orbits.  6)  It  receives  the  electric  power 
from  the  thermal  control  systems  and  controls  the  tem¬ 
perature  of  the  respective  components.  It  also  outputs 
the  temperature-related  data  necessary  for  this  control. 


Key: 

1.  Thruster  control  unit  (inside  redundancy)  (TCU) 

2.  Power  source  unit  (PPU) 

3.  Ion  thruster  No  1  (TRS) 

4.  Ion  engine  valve  driving  circuit  (IVDE) 

5.  Propellant  storing  and  supplying  unit  (PMU) 

6.  Ion  thruster  (ITRS) 

7.  Ion  thruster  No  2  (TRS) 

8.  Ion  thruster  No  3  (TRS) 

9.  Ion  thruster  No  4  (TRS)  10.  Command  interface 

11.  Telemetry  interface 

12.  Primary  power  source  interface 

13.  Instrumentation  interface 
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Table  1.  Overall  Performance 


Item 

Thrust 


Specific  impuise 


)impaise 

)2,640  sec  or  more;  23  mN  or 
more:  2,516  sec  or  more 

Simultaneous  injection 
performance 


Propellant  storing  capability 


Performance 

(1)  Ideal  capability 

(a)  Nominal  ideal  thrust:  25mN  (TRS  simple  substance) 

(b)  ideal  thrust  variable  range;  20  to  30  mN  (TRS  simple  substance) 

(2)  Actual  thrust:  93  percent  or  more  of  ideal  thrust 

(3)  Thrust  generating  time:  3'*'^o  fro™  s*®'!  command 

(4)  Thrust  (cant  angle:  30°)  for  controlling  north  and  south  orbits:  25  mN,  operation  effect  thrust:  40.3  mN 
(1)  Ideal  thrust 

(a)  Ideal  thrust:  20  mN  or  more  and  23  mN  or  less:  2,640  sec  or  more  (TRS  substance) 

(b)  Ideal  thrust:  23mN  or  more  and  30  mN  or  less:  3,125  sec  or  more  (TRS  simple  substance) 


lES  possesses  the  following  injection  performances  when  two  TRSs  are  injected  simultaneously 


( 1 )  Time  difference  between  two  TRSs  in  respect  to  thrust  generation:  2  sec  or  less 

(2)  Time  difference  between  two  TRSs  in  respect  to  stop  of  thrust:  2  sec  or  less 

(1)  Maximum  storing  capacity;  41.0  kg  (stored  separately  in  two  PMU  tanks) 

(2)  Mass  of  remaining  propellant:  0.25  kg  (two  PMUs  total) 


Weight 

91.558  kg 

(current 

value) 

Contents 

ITRS 

PMU 

IVDE 

PPU 

TCU  ! 

1 

11.332x2 

9.795  X  2 

1.562  x2 

9.74  X  4 

7.22  X  I 

22.664  kg 

19.59  kg 

3.124  kg 

38.96  kg 

7.22  kg 

Power  consumption 

1503.4  W 
current 
value 
(nominal 
value  at 

25  mN 
operation) 

Contents 

ITRS 

PMU 

IVDE 

PPU 

TCU 

ITRS 

replace¬ 

ment 

heater 

ijijm 

6  W*' 

HjHH 

8.0  W 

(7+20) 

Wx4 

1249  W 

6  W 

4  W 

222.4  W 

8.0  W 

14  W 

3.  Combination  Test  of  Thruster,  Electric  Power  Unit 
and  Thruster  Control  Unit 

A  combination  test  was  performed  to  confirm  the  con¬ 
formity  of  an  interface  among  such  components  as  the 
thruster  (TRS),  electric  power  unit  (PPU)  and  thruster 
control  unit  (TCU). 

Transitional  Performance 


Figure  2  shows  the  telemetry  data  waveform  of  the 
transitional  characterics  from  the  input  of  the  command 
“lES  START”  to  the  “Generation  (Bon)  of  Thrust.”  As 
can  be  seen  from  this  waveform,  it  has  been  confirmed 
that  the  PPU  and  TRS  are  controlled  by  a  control  logic 
incorporated  in  the  TCU. 

Stationary  Performance 

Table  2  shows  comprehensive  performances  of  the  lES  at 
its  five  kinds  of  operating  modes. 
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Table  2.  Overall  Stationary  Performance 


Operation  mode 

Beam 

Beam 

Beam 

Beam 

Beam 

Beam 

Beam 

Beam 

fDLG 

ACTV 

NEUT 

DISC 

Thrust  (mN) 

25.4 

25.3 

30.2 

30.1 

23.2 

23.3 

20.2 

20.2 

N/A 

N/A 

N/A 

N/A 

VBUS(V) 

50 

47  i 
_ 1 

50 

47 

50 

47 

50 

47 

47 

47 

31 

47 

Propellant-using 
effect  (%) 

80.6 

80.4 

80.6 

80.4 

80.9 

81.1 

70.6 

70.5 

N/A 

N/A 

N/A 

N/A 

Ion  production 
cost  (ev/ion) 

258.9 

258.2 

241.0 

241.8 

271.7 

270.5 

236.6 

237.3 

N/A 

N/A 

N/A 

N/A 

Specific  impulse 
(sec) 

3156.0 

3148.2 

3229.2 

3221.2 

3172.5 

3180.3 

2768.5 

2764.7 

N/A 

N/A 

N/A 

N/A 

TRS  power  con¬ 
sumption  (W) 

624.4 

621.7 

741.6 

740.5 

578.8 

579.5 

492.0 

494.0 

9.2 

48.5 

11.4 

TRS  electric 
power  effect  (%) 

77.9 

78.0 

79.9 

79.9 

77.1 

77.2 

78.9 

78.5 

N/A 

N/A 

N/A 

N/A 

TRS  propulsion 
efficiency  (W) 

62.8 

62.7 

64.4 

64.2 

62.4 

62.6 

55.7 

55.3 

N/A 

N/A 

N/A 

N/A 

PPU  power  con¬ 
sumption  (W) 

723.5 

720.3 

839.6 

864.3 

668.2 

670.2 

564.9 

568.7 

25.9 

88.9 

m 

149.7 

PPU  efficiency 
(H) 

86.3 

86.3 

88.3 

85.7 

86.6 

86.5 

87.1 

86.9 

35.5 

54.6 

73.1 

*  The  propellant-using  efficiency, specific  impulse  and  TRS  propulsion  elTiciency  include  the  flow  rate  of  the  neutralizer. 
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Figure  2.  Transitional  Characteristics 


4.  Conclusion 

As  a  result  of  administering  the  combined  test  of  the 
TRS,  PPU  and  TCU,  the  conformity  of  the  interface  was 
confirmed.  It  has  also  been  confirmed  that  both  the 
transitional  and  stationary  performances  satisfied  the 
lES  specifications. 

We  have  performed  a  solar  cell  and  satellite  thermal 
control  material  contamination  test,  in  accordance  with 
the  thruster  electrical  discharge  chamber  wear  materials, 
and  are  currently  evaluating  the  results. 

We  plan  to  evaluate  the  following  items  by  using  an  EM 
manufactured  this  fiscal  year:  1.  Confirm  all  lES  compo¬ 
nents  (including  PMU  andlVDE)  11.  Prepare  a  detailed 
evaluation  of  electromagnetic  adaptability. 
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[Text]  1.  Preface 

The  development  of  an  ion  thruster  is  currently  being 
carried  out.  This  ion  thruster  will  be  mounted  on  an 
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engineering  test  satellite,  the  ETS-VI,  scheduled  to  be 
launched  in  1992.  Two  prototype  thrusters  have  been 
subjected  to  various  tests  since  they  were  completed  in 
November  1987,  and  are  currently  undergoing  a  long¬ 
term  test.  This  report  describes  the  results  of  various 
tests  of  the  thruster. 

2.  Test  Flow  and  Configuration 

Figure  1  shows  a  flowchart  of  the  tests  administered  to 
the  two  prototype  thrusters,  while  Figure  2  shows  the 
basic  configuration  for  the  testing. 

3.  Thermal  Vacuum  and  Propulsion  Performance  Test 

A  thermal  vacuum  and  propulsion  performance  test  was 
conducted  in  a  space  chamber  made  by  simulating  space. 
The  contents  of  this  test  involve  low  temperature/normal 
temperature  ignition  performance  test,  rated  operation 
test  and  parameter  changing  test.  It  was  confirmed  in  the 
ignition  performance  test  that  the  thruster  would  satisfy 
the  specification  for  injecting  beams  within  5  minutes  of 
the  start  at  both  low  temperatures  (base  plate  tempera¬ 
ture  of  -30  degrees  C)  and  normal  temperatures  (20 
degrees  C).  The  rated  operation  test  was  conducted  for 
the  respective  operating  points  of  25,  20, 23,  and  30  mN. 
Table  1  shows  the  results  of  this  test  for  an  operating 
point  of  25  mN.  The  parameter  changing  test  extended 


A  ^  _ 

TRS-l  TRS-5 


Figure  1.  Test  Flow 

Key: 

1 .  Thermal  vacuum  and  propulsion  performance  test 

2.  Electromagnetic  adaptability  test 

3.  Vibration  test 

4.  Function  confirming  test  after  vibration 

5.  System  test  6.  Contamination  evaluation 

7.  Angle  of  divergence  of  beam,  bivalent  ion  distribution 
and  measurement 

8.  Long-term  test 


Key: 

1.  MFC  control  unit 

2.  In  atmosphere 

3.  In  vacuum 

4.  Propellant  supply  system 

5.  Power  source  system 

6.  Monitor  system 


Figure  2.  Test  Configuration 

7.  T/C  measuring  system 

8.  Thruster  (A) 

9.  Xe  cylinder 

10.  Power  source  and  measuring  system 

1 1.  Temperature  measuring  system 

12.  Thruster  (B) 
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the  propulsion  characteristic  data  discharge  current, 
beam  voltage  and  flow  rate  over  a  wide  range. 


Table  1. 

Result  of  Thermal  Vacuum  and  Propulsion 
Performance  Test 


TRS-1 

TRS-2 

Thrust  (mN) 

25.7 

25.0 

Propellant  using  efficiency*,  % 

82.6 

80.6 

Ion  prodnction  cost,  ev  per  ion 

261.2 

253.3 

Specific  impulse*,  S 

3231 

3152 

Power  consumption,  W 

631.0 

616.7 

*  Includes  the  flow  rate  of  the  neutralizer 


4.  Electromagnetic  Adaptability  Test 

The  electric  field  radiation  noises  and  magnetic  field 
radiation  noises  emitted  from  the  thruster  proper  were 
measured  in  the  electromagnetic  adaptability  test.  Figure 
3  shows  a  test  configuration.  Electric  field  radiation 
noises  outside  those  mentioned  in  the  specifications 
were  measured  at  100  to  300  megahertz.  This  is  caused 
by  the  switching  noises  of  the  power  source  and  the 
motion  of  electronic  cyclotrons  in  the  thruster  electric 
discharge  chamber.  However,  it  has  been  confirmed  that 
these  outside  noises  do  not  affect  any  satellite  systems 
since  different  frequencies  are  used. 


Figure  3.  Electromagnetic  Adaptability 
Test  Configuration 


Key: 

1.  Power  source 

2.  Measuring  system 

3.  Glass  chamber 

4.  Xe  gas  supply  system 

5.  Thruster 


6.  Vacuum  tank 

7.  Receiving  antenna 

8.  Computer 

9.  Measuring  instrument 
10.  Amplifier 


5.  Vibration  Test 

A  vibration  test  (vibration  of  sine  waves  and  random 
vibrations)  was  conducted  at  the  thruster  simple  substance 
level,  but  no  problems  were  generated.  Following  this  test,  a 
thruster  function  confirmation  test  was  performed,  con¬ 
firming  that  the  thruster  was  operating  normally. 

6.  Measurement  of  Beam  Spread  Angle  and  Distribution 
of  Bivalent  Ions 


The  beam  spread  angle  and  the  distribution  of  bivalent 
ions  were  measured  in  cooperation  with  the  NAL 
[National  Aerospace  Laboratory].  Figures  4  and  5  show 
the  respective  measurement  results.  The  beam  spread 
angle  is  about  1 0  degrees  (95  percent  of  the  total  current) 
at  an  operating  point  of  25  mN,  and  the  bivalent  ion 
current  is  less  than  approximately  10  percent  of  the 
monovalent  ion  current. 


7.  Summary 


(1)  It  was  confirmed  that  the  specified  performance  was 
satisfied  at  the  thruster  simple  substance  level.  (2)  Sub¬ 
jects  for  future  study  are  as  follows: 


•  Obtaining  performance  transition  by  conducting 
long-term  test 

•  Measuring  actual  thrust. 


I-25*« 

C«SC  I  TOTAL  COIIEIT'O. 390  lEDCE-  93aA 
CASE  2  TOTAL  CDEIEET‘0 . 404  tEDCE-lCAia 
CASE  3  TOTAL  CltSEEKT>0 . 3SS  IEDCE-203aa 
CASE  4  TOTAL  CUBBEA'T'0. 377  BEDCE>24lBa 


Z>  30ca  «-6.3' 
Z*  60ci 

Z«  90ca  ^«9.0* 
Z»t20ca  9-8a$* 


Figure  4.  Results  of  Measuring  Angle  of 
Beam  Divergence 


Figure  5.  Results  of  Distributing  and  Measuring 
Bivalent  Ions 

Key: 

1 .  Distance  in  axial  direction  (Z)  =  400  mm 

2.  Center  of  thruster 

3.  r  (distance  in  radial  direction)  (mm) 
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[Text]  1.  Preface 

An  ion  engine  with  20  m-class  thrust  will  be  mounted  on 
the  engineering  test  satellite  ETS-VI,  and  will  be  used  to 
control  the  north  and  south  orbits.  The  electric  power 
unit  (PPU)  for  this  ion  engine  has  a  maximum  total 
output  of  787  watts  and  high  voltage  output  of  1,200 
volts.  It  is  also  a  multi-output  power  unit  with  eight 


systems,  and  is  the  largest  of  the  Japanese  electric  power 
units  mounted  on  satellites.  A  model  of  this  PPU  has 
been  manufactured  on  a  trial  basis,  and  subjected  to 
electric  performance  and  environmental  tests,  as  well  as 
to  a  combination  test  with  the  ion  engine.  This  report 
describes  the  structure  of  this  model  and  the  contents  of 
these  tests. 

2.  Structure  and  Appearance 

The  PPU  is  one  of  the  components  constituting  an  ion 
engine  system,  is  operated  in  accordance  with  the  signals 
output  from  the  thruster  control  unit  [TCU],  and  sup¬ 
plies  the  necessary  electric  power  to  the  thruster. 

The  power  source  output  to  the  thruster  consists  of  seven 
power  source  sections  of  eight  systems.  Figure  1  shows  a 
block  diagram  of  the  PPU,  and  Photograph  1  [not 
reproduced]  shows  its  exterior. 

3.  Design 

(1)  PSl/2  Section:  The  increase  in  efficiency  of  the  PPU 
depends  on  the  increase  in  efficiency  of  the  beam/ 
acceleration  grid  power  source  (PS  1/2),  which  accounts 
for  approximately  80  percent  of  the  total  output.  The 
PPU  can  continuously  input  the  current,  and  consists  of 
a  current  resonance  inverter  and  a  boosting  chopper 
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Figure  1.  Block  Diagram  of  Power  Source  Unit 


Key: 

1 .  Bus  input 

2.  Input  filter 

3.  Bus  voltage  monitor 

4.  Beam/acceleration  power  source  output  monitor 

5.  Beam/acceleration  power  source 

6.  Discharge  power  source 

7.  Protective  circuit 

8.  Main  hollow  cathode  heater  power  source 

9.  (To  thruster) 

10.  Auxiliary  power  source  section 

1 1 .  Main  hollow  cathode  key  bar  power  source 


12.  Temperature  sensor 

1 3.  Master  oscillator 

14.  Neutralizer  hollow  cathode  heater  power  source 

15.  Telemetry  monitor  output 

16.  Telemetry  monitor  conversion  section 

1 7.  Neutralizer  hollow  cathode  key  bar  power  source 

18.  On-off  signal 

1 9.  Reference  data  signal 

20.  Digital  analog  conversion  section 

21.  Flow  rate  adjuster  power  source 

22.  Reference  signal 

23.  Telemetry  signal 
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regulator  whose  efficiency  is  essentially  higher  than  that 
of  other  regulators.  The  PPU  is  also  designed  so  that  the 
transformer  boosting  ratio  is  lowered  by  a  doubling 
rectification  circuit,  and  factors  generating  corona  dis¬ 
charge  are  reduced  since  the  corona  discharge  shortens 
the  life  of  the  PPU.  The  inverter  is  designed  so  that  high 
efficiency  and  high  frequency  can  be  obtained  by  elimi¬ 
nating  the  switching  loss  of  the  elements  and  by  reso¬ 
nating  the  current  with  the  doubting  rectification  section 
capacity  by  means  of  the  transformer  primary  center  and 
inductor,  inserted  into  the  direct  current  line.  Also,  the 
drive  electric  power  is  eliminated  by  adopting  a  current 
feedback  drive  according  to  the  current  transformer  in 
the  drive  circuit. 

(2)  Control  Section:  A  regulator  IC  (UC1525)  possessing 
the  following  features  is  adopted  in  the  control  section, 
making  the  control  section  compact  and  lightweight,  (a) 
It  facilitates  the  stable  driving  of  equipment,  such  as  the 
PPU,  with  a  wide  load  range  since  the  output  stage  is 
shaped  like  a  totem  pole,  i.e.,  it  can  carry  out  sink/source 
driving  tasks,  (b)  It  facilitates  the  synchronous  operation 

Table  1.  Main  Performance  Specifications 
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Telemetry:  Temperature  1,  analog  12 


Monitor  signal:  5 
Reference  signal:  Digital  8  bit 
Dimension:  282  x  332  x  130  millimeters 

Weight:  8.84  kilograms 

Efficiency:  85  percent  at  the  rated  value,  25  mN 

Key: 

1.  Item 

2.  Data 

3.  Level 

4.  Type 

5.  Voltage 

6.  Current 

7.  Beam  power  source 

8.  Acceleration  grid  power  source 

9.  Discharge  power  source 

10.  Main  hollow  cathode  heater  power  source 

1 1 .  Main  hollow  cathode  key  bar  power  source 

12.  Neutralizer  hollow  cathode  heater  power  source 

13.  Neutralizer  hollow  cathode  key  bar  power  source 

14.  Flow  rate  adjuster  power  source  (+/-15  V) 


of  a  number  of  power  sources.  The  output  varies  from 
analog  interfaces  from  a  conventional  TCU  to  digital 
interfaces.  A  hybrid  IC  has  been  adopted  in  the  D/A 
converting  circuit  compactness  and  light  weight.  Table  1 
shows  the  main  performance  specifications. 

4.  Trial  Manufacturing  and  Testing 

As  a  result  of  conducting  the  following  electric  perfor¬ 
mance  tests  and  environmental  tests,  the  adequacy  of  the 
electric  and  mounting  designs  has  been  confirmed.  (1) 
Electric  Performance  Test:  Problems  with  the  efficiency 
of  the  PS  1/2  were  determined.  The  electric  performances 
of  the  other  power  sources  almost  reached  the  target 
performances.  (2)  Thermal  Vacuum  Test:  This  was  per¬ 
formed  within  the  temperature  range  of  from  -20  to  +55 
degrees  C.  (3)  Electromagnetic  Adaptability  Test:  It  was 
subjected  to  the  PPU  simple  substance  and  the  PPU- 
TRS,  and  data  involving  the  evaluation  of  the  electro¬ 
magnetic  adaptability  was  obtained.  (4)  Vibration  Test: 
Sine  wave  vibration  and  random  vibration  tests  were 
conducted  when  the  low  voltage  section  was  turned  on 
with  an  electric  current.  It  had  been  judged,  from  the 
anticipated  values,  possible  to  actually  mount  the  PPU 
on  the  ETS-VI,  and  it  was  confirmed  that  the  volume 
ratio  decreased  by  about  90  percent  and  the  weight  was 
reduced  by  approximately  0.5  kg  from  those  of  a  model 
previously  manufactured  on  a  trial  basis.  (5)  Combina¬ 
tion  Test:  This  was  conducted  for  the  TCU-PPU-dummy 
thruster,  PPU-TRS,  TCU-PPU  and  TCU-PPU-TRS. 
The  functioning  and  performance  were  confirmed,  as 
was  the  adaptability  of  the  interface  with  the  thruster.  (6) 
Impact  Test:  Component  dropping  tests  have  been  con¬ 
ducted  in  the  past,  but  an  impact  test  according  to  the 
dripping  weight  system  shown  in  Figure  2  was  conducted 


Figure  2.  Impact  Test 

Key:  3.  Impact  test  jig 

1.  Drop  weight  4.  MOS-1  vibration  test  jig 

2.  Test  piece  5.  Vibration  test  jig  (stand) 
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for  partially  trial-manufactured  sections,  including  a 
converter-transformer  of  the  PS  1/2,  which  will  be  most 
critical  against  impact  environments  in  the  PPU. 

5.  Summary 

As  a  result  of  conducting  the  combination  test  with  the  PPU 
simple  substance,  the  adaptability  of  the  interface  with  the 
TCU  and  the  TRS  was  confirmed.  We  are  currently  manu¬ 
facturing  an  engineering  model  based  on  the  evaluation  of 
the  model  manufactured  on  a  trial  basis. 


Table  1. 

Environmental  Conditions  in  LAPS  Operation  Orbit 


item 

Condition 

Solar  irradiation  intensity  (Is) 

1,353  +/-  21  (w/m^) 

Seasonal  fluctuation:  -3.25  to  +3.4 

Sink  temperature  (Ts) 

0(K) 

Solar  light  irradiation  angle 

While  coasting:  0“ 

Before  and  after  AEF:  32° 

Thermal  Design  of  Two-Liquid-Type  Apogee 
Propulsion  System  (LAPS) 

143065012V  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY  CONFERENCE 
in  Japanese  26-28  Oct  88  No  2H6  pp  512-513 


It  is  permissible  to  ignore  the  heat  input  from  the  albedo 
and  earth  infrared  radiation  during  the  LAPS  operation 
(transfer)  orbit  since  the  solid  angle  of  the  earth,  as 
viewed  from  the  LAPS,  is  small. 

3.  Thermal  Design 


[Article  by  Yoshihiro  Hashimoto  and  Masumi  Miyata  of 
Ishikawajima-Harima  Heavy  Industries  Co.,  Ltd.] 

[Text]  I.  Preface 

The  LAPS  is  being  developed  as  an  apogee  propulsion 
system  for  the  engineering  test  satellite  ETS-VI,  and  is  a 
subsystem  consisting  of  an  engine,  a  50N-thruster,  propel¬ 
lant  tank,  LAPS  supporting  body  structure,  etc.  Each  piece 
of  LAPS  equipment  is  subjected  to  very  severe  thermal 
environmental  conditions,  such  as  apogee  engine  combus¬ 
tion,  solar  beam  irradiation,  and  heat  sinking  to  space.  For 
this  reason,  thermal  control  of  the  LAPS  in  environments 
with  high  and  low  temperatures  is  an  important  system 
theme.  This  report  first  confirms  the  conditions  required  for 
the  thermal  control  of  the  LAPS,  and  then  outlines  the 
results  of  thermal  analysis  and  describes  thermal  control 
methods  satisfying  these  conditions. 

2.  Thermal  Design  Conditions 

Figure  1  and  Table  1  show  the  LAPS  structure  and 
indicate  environments  affecting  the  design  conditions  of 
the  thermal  control  systems,  respectively. 


Figure  1.  Sketch  of  Two-Liquid-Type  Apogee 
Propulsion  System 


Key: 

1 .  Apogee  propulsion  system 

2.  Propellant  tank 

3.  Body  structure  truss 


4.  Body  strueture  panel 

5.  SON  thruster 

6.  Heat  shield 

7.  Apogeen  engine 


Thermal  design  according  to  the  thermal  control  shown  in 
Table  2  was  carried  out  to  maintain  the  respective  compo¬ 
nent  parts  of  the  LAPS  within  their  allowable  temperature 
ranges.  Tanks,  pipes  and  valves  are  protected  independently 
from  heat  with  thermal  brackets,  and  are  equipped  with 
heaters  since  they  have  narrow  allowable  temperature 
ranges  and  are  used  under  thermally  severe  conditions. 
Carbon  fiber-glass  reinforced  plastics  [CRRP]  are  used  in 
the  body  structure  panel  and  truss  to  lighten  them,  and  they 
are  thermally  controlled  with  thermal  brackets  and  low-e 
tapes  in  accordance  with  their  allowable  temperature 
ranges.  Engine  heat  shields  are  used  to  restrain  the  heat 
input  generated  from  the  engines  to  the  propellant  tanks, 
body  structures,  etc.  It  is  necessary  to  carry  out  the  optimum 
design  for  the  LAPS  by  taking  the  shape  and  characteristics 
into  consideration  because,  when  the  thermal  control  effect 
of  such  engine  heat  shields  is  increased  excessively,  the 
amount  of  heat  reflected  to  the  engine  proper  will  increase. 


Table  2. 

Thermal  Control  Method 


Equipment 

Dominant  Thermal  Factor 

Thermal  Control 
Method 

Propellant 

tank 

High 

temperature 

side 

Engine,  thermal 
radiation  of  SON 
thruster,  solar 
light  irradiation 

Thermal  blanket, 
Heat  shield 

Low 

temperature 

side 

Heat  dissipation 
to  space 

Thermal  blanket, 
heater  (thermo¬ 
stat  control) 

Propellant 

piping 

High 

temperature 

side 

Engine,  thermal 
radiation  of  SON 
thruster,  solar 
light  irradiation 

Thermal  blanket, 
heat  shield 

Low 

temperature 

side 

Heat  dissipation 
to  space 

Thermal  blanket, 
heater  (thermo¬ 
stat  control) 

Apogee 

engine, 

injector 

High 

temperature 

side 

Heat  transfer 
from  combustion 
gas 

Cooling  of  film 
according  to  pro¬ 
pellant,  cooling 
according  to  pro¬ 
pellant,  Heat  dis¬ 
sipation  to  space 

80 


JPRS-JST-90-018 
23  March  1990 


Table  2. 

Thermal  Control  Method  (Continued) 


Equipment 

Dominant  Thermal  Factor 

Thermal  Control 
Method 

Low 

temperature 

side 

Heat  dissipation 
to  space 

Heater 

Propellant 

valve 

High 

temperature 

side 

Heat  conduction 
from  engine 

Cooling  according 
to  propellant 
during  AEF,  heat 
dissipation  to 
space  upon  heat 
soak  back 

Low 

temperature 

side 

Heat  dissipation 
to  space 

Heater 

(thermostat 

control) 

Body  struc¬ 
ture  panel 
(including 
engine 
support 
bracket) 

High 

temperature 

side 

Engine,  thermal 
radiation  and 
heat  conduction 
of  SON  thruster, 
solar  light 
irradiation 

Thermal  blanket, 
heat  shield,  heat 
resistant  blanket, 
thermal  barrier 

Low 

temperature 

side 

Heat  dissipation 
to  space 

Thermal  blanket 

Body 

stmcture 

truss 

High 

temperature 

side 

Solar  light 
irradiation 

Low-e  tape 

Table  2. 

Thermal  Control  Method  (Continued) 


Equipment 

_ 1 

Dominant  Thermal  Factor 

Thermal  Control 
Method 

Low 

Heat  dissipation 

Low-e  tape 

temperature 

to  space 

side 

4.  Thermal  Analysis 


( 1 )  Thermo-Mathematical  Model  A  thermo-mathematical 
model  (278  node)  was  constructed  subsequent  to  the 
interface  between  the  satellite  body  structure  and  the 
LAPS  body  structure. 

(2)  Analytical  Conditions  The  worst  high  temperature 
case  and  the  worst  low  temperature  case  were  analyzed 
thermally  under  the  following  conditions.  Table  3  shows 
the  analytical  results,  a.  Worst  high  temperature  case 
Under  the  conditions  in  which  solar  beams  are  incided 
from  the  direction  of  axis  +X, 

•  Engine  and  thruster  operation  mode  (stationary) 

•  Heat  soak  back  after  cessation  of  combustion  (non¬ 
stationary) 

b.  Worst  low  temperature  case 

•  Non-operation  mode  without  any  input  of  external 
heat  (stationary  and  non-stationary) 


Table  3.  Analyzing  Conditions 
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Key: 

1.  Item 

2.  Worst  high  temperature  conditions 

3.  Worst  low  temperature  conditions 

4.  Temperature  in  space 

5.  Temperature  of  satellite  body  structure 

6.  LAPS  separation  point  A 

7.  Plume 

8.  Amount  of  heat  input  from  outside 

9.  Solar  light 

10.  (Incident  angle:  0°) 


1 1.  (Solar  eclipse) 

1 2.  Amount  of  propellant  (N2H4NTO) 

1 3.  Electric  power  for  heaters  providing  insulation 
(tank  heater,  valve  heater,  etc.) 

14.  (ON  and  OFF  are  controlled  by  thermostat 

1 5.  Injector,  tank,  propellant  valve  and  piping  temperature 

16.  Tank:  20°C  or  more  (heater  controlled) 

17.  SON  thruster 

18.  Blanket  surface 

19.  Panel 

20.  Catalytic  heater  electric  power 
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(3)  Analytical  Results  Figure  2  shows  an  example  of 
temperature  changes  in  the  injectors  and  propellant 
valves  during  the  heat  soak  back.  Figure  3  shows  the 
amount  of  heat  input  from  the  LAPS  to  the  satellite. 

It  has  been  confirmed  through  thermal  analyses  that  the 
temperature  of  each  LAPS  equipment  item  remains 
within  its  allowable  temperature  range. 

5.  Summary 

It  has  been  confirmed  that  all  the  equipment  constituting 
the  LAPS,  such  as  the  apogee  engine  proper,  etc.,  have 
been  designed  to  satisfy  thermally-required  functions.  In 
the  future,  we  plan  to  improve  the  thermal  design  in  the 
following  ways:  1)  lightening  the  thermal  control  parts, 
2)  decreasing  the  electric  power  of  the  heaters,  3)  making 
an  up-to-date  model,  4)  obtaining  test  data  on  a  LAPS 
thermal  development  model,  and  5)  confirming  thermal 
characteristic  values. 


Figure  2.  Amount  of  Thermal  Input  from  LAPS 
to  Satellite 


Key: 

1.  Radiation  heat  input  3.  Temperature  of  body 

2.  Conducting  thermal  input  structure  of  satellite 


Figure  3.  Change  of  Temperatures  During 
Heat  Soak  Back 

Key: 

1.  Temperature  of  injector 

2.  Upper  limit  of  allowable  temperature  of  injector 

3.  Temperature  of  propellant  valve 

4.  Elapsing  time  after  stop  of  combustion 

5.  Seconds 


Outline  of  Engineering  Test  Satellite  (ETS-V) 

430650I2W  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88  pp  548-557 

[Special  Lecture  by  Hidetoshi  Murayama  of  the  National 
Space  Development  Agency  of  Japan] 

[Text]  1.  Preface 

The  ETS-V  was  launched  by  the  three-stage  H-I  test 
rocket  from  the  National  Space  Development  Agency  of 
Japan  [NASDA]’s  Tanegashima  Space  Center  on  27 
August  1 987,  and  was  released  into  geostationary  orbit  at 
the  150th  degree  of  East  longitude  on  17  September. 
Subsequently,  the  satellite’s  initial  stage  functioning  was 
confirmed,  and  it  entered  the  stationary  operation  stage 
on  26  November.  Data  on  the  satellite  bus  was  obtained, 
and  an  experiment  involving  mobile  radio  communica¬ 
tions  was  conducted. 

This  lecture  outlines  the  operational  status  and  develop¬ 
ment  of  the  ETS-V. 

2.  Development  of  the  ETS-V 

2. 1  Purposes  of  Development 

The  ETS-V  is  a  satellite  developed  to  confirm  the  per¬ 
formance  of  the  H-I  test  rocket  (three-stage-type),  estab¬ 
lish  the  fundamental  technology  for  three-axis  satellite 
buses,  accumulate  the  independent  technologies  neces¬ 
sary  for  next-generation  application  satellites,  and  to 
conduct  experiments  involving  mobile  radio  communi¬ 
cations  for  controlling  aircraft  on  the  sea,  communi¬ 
cating  with  ships,  providing  navigation  suppport,  and  for 
search  and  rescue  purposes.  In  order  to  attain  these 
goals,  the  main  data  shown  in  Table  1  was  established, 
both  the  satellite  bus  and  the  experimental  equipmented 
on  the  satellite  were  developed  by  using  domestic  tech¬ 
nologies  (although  a  portion  of  the  components  and  parts 
was  imported),  the  foundation  of  the  technologies  for 
designing  and  manufacturing  the  system  and  subsystem 
of  geostationary  three-axis  satellite  buses  was  formed, 
new  technologies  for  data  bus  equipment,  a  non-stable 
power  source  bus,  lightweight  solar  cell  paddle,  light¬ 
weight  thrust  cylinder,  heat  pipe,  surface  tension-type 
gas  jet  propulsion  tank,  solid  apogee  motor,  etc.,  were 
developed  in  preparation  for  the  development  of  a  future 
satellite  bus,  and,  in  addition,  the  launching  environ¬ 
mental  measuring  unit  (LEM),  technical  data  obtaining 
unit  (TEDA)  and  thermal  control  demonstration  equip¬ 
ment  (CVT)  were  mounted  on  the  ETS-V  to  obtain  bus 


technology-related  data. 

Table  1. 

Data  on  Main  System  of  ETS-V 

Item 

Function  and  Performance 

Shape,  Dimensions 

Rectangular  prism:  1.4  x  1.7  x  1.7  (m) 

(body  structure  of  satellite) 

Height,  including  antenna:  3.S  m 
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Table  1. 

Data  on  Main  System  of  ETS-V  (Continued) 


Item 

Function  and  Performance 

Overall  length  in  paddle  direction  after 
unfolding  of  paddle:  9.7  m 

Weight 

1,096  kg  at  satellite  launching 

BOL:  approx.  550  kg 

Attitude  retaining 
accuracy 

Roll/pitch:  within  +/-0.072° 

Yaw:  within  +/-  0.40° 

Orbit 

Geostationary  satellite  orbit:  1 50°E 

Orbit  retaining 
accuracy 

Within  +/-0.r  in  both  east/west  and 
north/south 

Mission  period 

1.5  years 

Reiiability 

0.953  (after  1.5  years,  except  for  TEDA, 

LEM  and  AMEX) 

Generation  of  electric 
power 

Summer  solstice  after  1  year:  820  W 

EOL  vernal  equinox:  900  W 

The  experimental  mobile  radio  communications  equip¬ 
ment  (AMEX)  was  mounted  on  the  ETS-V  to  conduct 
experiments  involving  mobile  radio  communications. 
This  is  a  newly-developed  product. 

2.2  Satellite  System 

As  shown  in  Fipre  1 ,  the  ETS-V  proper  has  the  shape  of 
a  box  and  its  sides  are  equipped  with  solar  cell  paddles. 
When  the  satellite  is  launched,  these  solar  cell  paddles 
are  folded  and,  after  it  is  released  into  drift  orbit,  they 
are  unfolded. 

After  the  satellite  becomes  geostationary,  it  retains  its 
attitude  while  turning  the  face  (+  yaw  axis)  on  which  the 
antennas,  earth  sensor,  etc.,  are  installed  in  the  direction 
of  the  earth,  and  that  (pitch  axis)  on  which  the  solar  cell 
paddles  are  installed  in  the  north  and  south  directions. 

Each  equipment  item  is  mounted  on  the  platform  in  the 
center  of  the  satellite,  northern  face  panel,  southern  face 
panel,  and  antenna  panel.  Both  the  northern  and 
southern  panels  are  divided  into  mission  panels  and  bus 
panels. 

The  ETS-V  consists  of  a  power  source  paddle  system 
(EPS),  attitude  orbit  control  system  (ACS),  telemetry 
tracking  and  command  system  (TTC),  gas  jet  system 
(RCS),  body  structure  system  (STR),  thermal  control 
system  (TCS),  apogee  motor  (ABM),  instrumentation 
system  ONT),  and  experimental  equipment  (AMEX, 
LEM,  TEDA  and  CVT).  Each  system  is  outlined  below. 

2.2.1  Satellite  Bus 

( 1 )  EPS  The  solar  cell  paddle  is  a  semi-rigid-type  light¬ 
weight  structure  in  which  a  panel  is  made  by  attaching 
solar  cells  to  the  CFRP  thin  films,  approximately  0. 1  mm 
in  thickness. 


-Y  (Jt) 


3,  +x  (irtfaiA) 


1  0  9 


+  Z  (J6Ul*l*l) 
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9. 


10. 


Figure  1. 

Key: 

1.  -Y  (north) 

2.  Optical  solar 
reflector 

3.  +X  (progressive 
direction)  roll 

4.  S-band  antenna 

5.  l^band  antenna 

6.  Primary  radiator 

7.  Reflector 


16. 

View  of  ETS-V 

8.  C-band  antenna 

9.  +Z  (earth  direction) 

10.  Solar  cell  panel 

11.  Approx.  9.7  meters 

12.  Sequential  shunt  circuit 

13.  Propellant  tank 

14.  Approx.  2.3  meters 

15.  +Y  (south) 

16.  Pitch 


Similarly  to  the  MOS-1,  two  13.5  AHs  serve  as  batteries 
on  the  satellite. 

The  bus  power  source  is  a  single  bus,  with  the  bus  voltage 
in  sunshine  stabilized  by  means  of  a  digital  shunt  system 
with  small  heating  value.  A  non-stable  power  source  bus 
system  is  adopted  in  large  satellites  because  it  is  advan¬ 
tageous  to  lighten  these  satellites  and  to  reduce  the 
electric  power  loss  in  shade. 

(2)  ACS  The  attitude  control  electronic  circuit  (ACE), 
which  serves  as  the  pivot  of  the  ACS,  is  an  analog  system. 

The  wheel  consists  of  the  main  system  and  the  sub¬ 
system.  The  main  system  is  formed  by  combining  a  small 
momentum  wheel  (SMW),  whose  rotation  axis  is  a  +  yaw 
axis,  and  a  momentum  (MW-A)  whose  rotation  axis  is 
inclined  by  +6.32  degrees  from  the  -  pitch  axis  in  the 
pitch/yaw  face.  The  subsystem  is  formed  by  MW-B, 
whose  rotation  axis  is  a  -  pitch  axis. 
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An  earth  sensor  is  used  to  detect  the  roll  and  pitch 
attitudes  and,  when  the  orbit  is  controlled,  a  sun  sensor, 
as  well  as  the  earth  sensor,  is  used  to  detect  yaw  attitudes. 

The  satellite  is  stable  in  respect  to  spin  during  the 
transfer  orbit.  When  the  orbit  is  controlled,  or  during  the 
period  from  the  despin  to  the  establishment  of  a  three- 
axis  attitude,  the  actuator  operates  with  the  ACS.  The 
flywheel  is  used  for  stationary  control.  The  pre-session 
control  and  orbit  control  are  also  carried  out  through  the 
ACS.  The  ACS  possesses  a  safety  mode  function. 

(3)  TTC  The  S-band  (2.3/2. 1  gigahertz)  is  used  as  the 
frequency  between  the  satellite  and  NASDA  tracking 
control  site,  while  the  C-band  (5/6  gigahertz)  is  used  as 
the  frequency  between  the  seashore  of  the  organ  in  use 
and  the  aeronautic  earth  station.  A  data  bus  is  adopted  to 
process  telemetry  commands  since  it  has  general  purpose 
properties  and  flexibility  and  can  contribute  to  reducing 
the  weight  of  the  wires  in  large  satellites.  This  data  bus 
consists  of  a  central  unit  and  a  remote-interface  unit. 

(4)  RCS  The  thrust  of  the  thruster  for  controlling  the 
pre-session  is  20  N,  while  that  for  controlling  the  three- 
axis  attitudes  and  orbit  is  1  N. 

The  tank  storing  hydrazine  as  a  propellant  is  a  surface- 
tension-type  one.  Unlike  the  bladder-type  or  diaphragm- 
type  tanks,  it  has  no  movable  sections  (rubber-based 
film)  and  is  appropriate  for  use  in  larger  RCSs  with  long 
life. 

(5)  STR  A  thrust  cylinder  is  installed  on  the  center  of  the 
STR  because  a  solid  ABM  is  used  in  the  STR.  Therefore, 
the  STR  is  structured  like  a  box.  Various  equipment 
items  are  mounted  on  the  antenna  panels,  north/south 
panels  and  platforms.  These  panels  and  platforms  are 
sandwich-structured,  with  an  A1  skin  and  A1  core,  after 
taking  thermal  conductivity,  etc.,  into  consideration. 
The  thrust  cylinder,  east/west  access  panel  skin,  panel 
supporting  structure,  RCS  tank  supporting  structure, 
antenna  tower,  etc.,  are  all  made  of  CFRP  to  lighten 
them. 

(6)  TCS  The  TCS  employs  an  active  control  system, 
using  a  heater  and  a  heat  pipe,  together  with  a  passive 
control  system  using  an  optical  solar  reflector  (OSR),  an 
insulator,  a  heat  sink,  etc. 

The  north/south  panels  to  which  the  OSRs  are  attached 
are  taken  as  the  main  heat  exhausting  faces,  and  other 
faces  are  covered  with  multi-layer  insulators.  The 
AMEX’S  high  heat  generator  is  mounted  on  the  north 
panel,  and  heat  is  controlled  efficiently  with  a  heat  pipe 
incorporated  in  the  honeycomb  panel. 

(7)  ABM  The  combustion  speed  is  lowered  by  adding  a 
high  melting  point  explosive  compound  (HMX)  to  the 
terminal  hydroxyl  group  polybutadiene  (HTBM).  This 
raises  the  specific  impulse  and  lightens  the  insulation. 
Three-dimensional  carbon/carbon  materials  are  used  in 
the  nozzles  to  lighten  them. 


The  specific  impulse  is  292.6  seconds,  the  total  combus¬ 
tion  time  is  approximately  57  secones  and  the  maximum 
thrust  is  4,000  kg-force  or  less. 

(8)  INT  Wire  harness,  bracket,  etc. 

2.2.2  Experimental  Equipment  Mounted  on  ETS-V 

(1)  AMEX  The  frequency  used  among  satellites,  sea¬ 
shores  and  aeronautical  earth  stations  is  the  C-band  (5/6 
gigahertz),  while  that  used  among  moving  objects,  such 
as  ships  and  aircraft,  is  the  L-band  (1.5/1. 6  gigahertz). 

The  L-band  is  available  in  two  kinds  of  beams.  One  is  the 
north  beam  (beam  center:  37  degrees  N/161  degrees  E), 
which  irradiates  the  north  Pacific  area,  including  all  of 
Japan,  and  the  other  is  the  south  beam  (beam  center:  5 
degrees  N/137  degrees  E),  which  irradiates  the  southwest 
Pacific  area. 

(2)  LEM  Six  accelerometers  are  installed  on  a  satellite, 
and  the  vibration,  etc.,  generated  from  rockets  is  mea¬ 
sured  with  the  LEM. 

(3)  TEDA  The  TEDA  consists  of  a  solar  cell  paddle 
vibration  monitor(PVM),  radiation  absorbed  dose  mon¬ 
itor  (DOM),  electrified  potential  monitor  (POM),  elec¬ 
trified  discharge  monitor  (DIM),  integrated  circuit  mon¬ 
itor  (ICM),  solar  cell  monitor  (SCM),  thermal  control 
material  deterioration  monitor  (TDM),  and  RAM  soft¬ 
ware  error  measuring  unit  (RSM). 

(4)  CVT  The  CVT  is  used  to  obtain  data  on  the  thermal 
control  capabilities  of  the  panelsin  which  fixed/variable 
conductance  heat  pipes  are  incorporated,  by  using  about 
half  the  area  of  the  north  mission  panel. 

2.3  Development  Method  and  Schedule 

The  development  of  conventional  satellites  consists  of 
three  sequential  steps,  from  EM  to  PM  to  FM,  but  that  of 
the  ETS-V  consists  of  two  steps,  from  EM  to  PFM.  Prior 
to  the  development  of  the  EM,  the  ACS,  STR  and  TCS 
were  manufactured  on  a  trial  basis  and  were  tested. 
Technically  uncertain  matters  were  clarified  during  the 
development  of  the  EM,  and  an  efficient  development 
method  was  adopted  so  that  the  schedule  could  be 
adopted  smoothly  and  the  cost  reduced.  In  addition,  the 
EM  was  subjected  to  a  qualification  level  test  and  the 
PFM  to  a  test  of  flight  worthiness. 

With  regard  to  the  development  of  the  AMEX,  the 
Electronic  Navigation  Research  Institute  [ENRI],  Min¬ 
istry  of  Transport,  the  Central  Research  Laboratory 
[CRL],  Ministry  of  Posts  and  Telecommunications,  and 
NASDA  were  in  charge  of  the  C-band  equipment,  L- 
band  equipment  and  antenna  equipment,  overall 
assembly  and  installation  of  the  AMEX  on  the  satellite, 
respectively. 

Table  2  shows  the  schedule  followed  for  the  above- 
mentioned  development. 

2.4  Problems  Occurring  During  Development  Process 
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Table  2.  Development  Schedule 


Key: 

1.  Item 

2.  Fiscal  year 

3.  1982 

4.  1983 

5.  1984 

6.  1985 

7.  1986 

8.  1987 

9.  Milestone 

10.  System  design 

1 1 .  Engineering  model 

12.  Proto-flight  model 


13.  Mobile  object  communications  experiment  equipment 

14.  Examination  of  basic  design 

1 5.  Examination  of  detailed  design 

16.  Examination  before  shipping,  launching 

1 7.  Research  and  development 

1 8.  Basic  design 

1 9.  Detailed  design 

20.  Design 

2 1 .  Assembly  proto-flight  test 

22.  Range  completion  work 

23.  Proto-flight  model 

24.  For  engineering  and  proto-flight  models 

25.  Transportation 


The  ETS-V  is  a  550-kg-class  geostationary  satellite  pro¬ 
duced  for  the  first  time  in  Japan.  Certain  problems, 
including  some  never  before  experienced,  occurred 
during  the  design,  manufacturing  and  test  processes.  Of 
these  problems,  we  will  describe  the  main  ones  which 
occurred  subsequent  to  the  system  design  and  PFM 
system  integration. 

2.4. 1  Main  Problems  in  System  Design 

(1)  Ensuring  Stable  Attitude  of  Satellite  During  ABM 
Operation 

With  the  first  design,  it  was  impossible  to  ensure  the 
stability  of  the  satellite  spin  during  ABM  operation  due 
to  the  small  moment  ratio  of  inertia  and  the  influence  of 
the  sloshing  of  the  RCS  propellant. 

The  first  design  was  modified  to  correct  this  problem. 
This  involved  1)  reducing  the  height  of  the  body  struc¬ 
ture  to  26  cm,  2)  increasing  the  spin  rate  from  50  to  90 
rpm,  3)  moving  the  center  of  the  RCS  propellant  tank 
closer  to  the  satellite’s  center  of  gravity,  and  4)  changing 
the  battery  from  19  to  13.5  AH. 


Also,  the  sloshing  was  analyzed  by  developing  a  pen¬ 
dulum  model,  and  the  stability  was  evaluated  as  a  part  of 
these  measures. 

(2)  Response  Acceleration  in  Excess  of  Design  Specifica¬ 
tions  During  Acoustic  Test  of  Thermal  Structure  Model 

The  response  acceleration  of  some  of  components 
exceeded  the  component  design  specifications  (19.5 
Grms)  during  an  acoustic  test  of  a  thermal  structure 
model. 

It  was  confirmed  that  there  were  no  problems  with  the 
bus  equipment  when  random  vibrations,  exceeding  the 
response  acceleration,  were  applied  to  EM  eomponents. 
The  vibration-proof  mounting  system  and  vibration- 
proof  rubber  mounted  system  were  exchanged  for 
AMEX  components,  while  the  vibration-proof  rubber 
system  was  adopted  for  the  PFM  since  this  system 
experiences  little  change  in  resonance  frequency. 

(3)  Analysis  of  ABM  Plume 

The  following  information  was  obtained  during  the 
detailed  design  state:  The  shape  of  the  plume  of  the  ABM 
used  in  foreign  satellites  is  quite  different  from  that  used 
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as  an  interface  condition  for  the  ETS-V’s  ABM.  In 
addition,  it  seems  that  the  amount  of  heat  rendered  to  a 
satellite  by  the  STAR30B  is  considerably  larger  than  the 
figure  used  in  the  ETS-V.  (The  size  of  the  STAR30B  is 
equivalent  to  that  of  the  ABM  mounted  on  the  ETS-V.) 
After  investigating  and  studying  the  plume  analysis,  it 
was  determined  that  the  plume  circulation  in  the  bottom 
of  the  satellite  is  given  a  low  estimate  and  the  convection 
heat  is  low  because  the  boundary  layer  is  not  taken  into 
consideration  when  analyzing  the  flowing  area  of  the 
ABM  nozzle  in  respect  to  plume  characteristics,  which 
have,  in  the  past,  been  interface  conditions. 

This  problem  was  clarified,  but  there  was  no  room  in  the 
schedule  for  analysis  preparation,  waiting  for  the  anal¬ 
ysis,  or  moving  toward  determining  a  plume  shield 
design,  etc.  Accordingly,  it  was  decided  that  sufficient 
margin  had  been  allowed  in  the  design. 

The  preparation  of  a  new  method  for  analysis  was 
abandoned  and  an  existing  foreign  program  was  pur¬ 
chased  since,  eventually,  both  time  and  technical  back¬ 
ground  would  have  proven  to  be  insufficient. 

However,  there  is  no  data  that  is  backed  by  actual 
measurements  of  such  parameters  as  thickness  of  the 
boundary  layer  in  the  nozzle,  alumina  particle  size 
distribution,  etc.  Accordingly,  when  this  program  was 
used  for  the  analysis,  it  was  confirmed  through  changing 
the  respective  values  of  some  of  these  parameters,  com¬ 
bining  them,  analyzing  the  combined  value  and  using  the 
satellite  heating  volume  covering  each  case  that  the 
design  of  the  plume  shields,  etc.,  would  not  experience 
any  problems. 

2.4.2  Main  Problems  Subsequent  to  PFM  System  Inte¬ 
gration 

The  main  problems  occurring  subsequent  to  the  PFM 
system  integration  are  as  follows:  (1)  Short  in  power 
transistor  for  remote  interface  unit  (2)  Inability  to  start 
momentum  wheel  (3)  Breakage  of  wire-wound  resistor 
for  battery  heater,  replacement  of  same  kind  of  wire- 
wound  resistor  with  new  one  (4)  Abnormal  output  of 
LEM  sensor  (5)  Replacement  of  same  kind  of  power 
source  section’s  power  transistor,  which  had  experienced 
short  in  CS-3  (6)  Frequency  shift  of  L-band  beacon  (7) 
Decrease  in  gain  of  Dband  high  electric  power  ampli¬ 
fying  section 

As  a  result  of  these  problems,  all  components  were 
removed  from  the  satellite,  repaired  and  tested. 

However,  problems  (2)  to  (6)  were  generated  at  almost 
the  same  intervals  during  the  latter  half  of  the  system’s 
proto-flight  test,  and  large-scale  work  was  carried  out  to 
cope  with  them,  i.e.,  1 3  components  were  removed  from 
the  ETS-V.  Therefore,  the  satellite  launching  data  was 
unavoidably  postponed  for  20  days. 

3.  Operation  of  ETS-V 

3. 1  Operation  at  Launching  and  During  Initial  Stage 


The  ETS-V  (Kiku-5)  was  launched  by  a  test  rocket,  the 
H-I  (three-stage)  from  Tanegashima  Space  Center  at 
18:20:0,  27  August  1987,  was  separated  from  the  third 
stage  rocket  at  18:47:34  of  the  same  day,  and  was 
released  into  the  transfer  orbit. 

Subsequently,  the  attitude  was  changed  in  preparation 
for  the  operation  of  the  ABM,  and  the  ABM  began 
operating  upon  reaching  the  seventh  apogee  at  14:50:02, 
30  August.  The  combustion  in  the  ABM  was  normal,  and 
the  ETS-V  was  injected  into  almost  the  perfectly  speci¬ 
fied  drift  orbit. 

However,  the  temperature  was  lowered  hy  despinning 
the  satellite,  unfolding  the  paddle  and  acquiring  the  solar 
rays  earlier  than  expected,  due  to  an  increase  in  the 
temperature  inside  the  satellite  which  was  caused  by  the 
generation  of  a  phenomenon  whereby  the  ABM  case 
temperature  exceeded  the  temperature  of  the  interface 
with  the  satellite  proper  and,  in  addition,  the  cooling 
speed  was  slower  than  expected.  After  the  satellite  passed 
through  a  radio  interference  area  with  the  broadcasting 
satellite  BS-2b,  the  acquisition  of  the  three-axis  attitude 
was  initiated  at  the  point  where  the  sun  was  acquired 
(the  negative  roll  axis  points  in  the  direction  of  the  sun), 
and  the  three-axis  attitude  was  established  at  5:59,  3 
September.  Subsequently,  geostationary  orbit  was  con¬ 
trolled  and  the  ETS-V  was  injected  into  this  orbit  at  the 
1 50th  degree  of  east  longitude  on  1 7  September. 

For  reference.  Figure  2  shows  the  sequence  of  events  of 
the  satellite,  from  its  launch  until  it  reaches  geosta¬ 
tionary  status. 

Bus  equipment  of  the  ETS-V  was  subjected  to  initial 
function  confirmation  tests  during  two  periods — ^from  3 
September  to  4  October  and  from  28  October  to  11 
November.  The  AMEX  and  C-band  TTC  of  the  ETS-V 
were  also  subjected  to  such  tests  from  5  October  to  27 
October.  The  ETS-V  was  moved  to  stationary  status  on 
26  November  because  the  tests  had  confirmed  that  the 
bus  equipment,  AMEX  and  C-band  TTC  were  all  oper¬ 
ating  normally. 

The  ENRI  and  CRL  operated  the  AMEX  on  a  trial  basis 
at  this  stage  in  order  to  obtain  data  on  the  inspections 
that  had  been  conducted  by  a  radio  station  in  advance 
and  to  check  the  overall  experiment  system. 

Also,  after  the  satellite  was  launched,  an  ecliptic  period 
passed  for  the  first  time  for  47  days,  from  31  August  to 
16  October,  but  the  satellite  was  maintained  normally 
during  the  period  by  charging  and  discharging  its  bat¬ 
teries. 

The  orbit  was  retained  and  controlled  during  this  period 
five  times  east  and  west  and  once  north  and  south. 

It  was  also  confirmed  from  data  obtained  by  using  the 
LEM  that  the  acceleration  (static  state  +  vibration) 
imposed  on  the  satellite  launched  at  the  center  was 
within  the  range  of  design  conditions  of  the  body  struc¬ 
ture,  and  the  data  on  paddle  vibration  was  almost  as 
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Figure  2.  Sequence  of  Events  from  Launching  to  Achie'? 


eostationary  Status 


Key: 

1 .  Wheel  run-up 

2.  Pitch  earth  acquisition 

3.  Roll  earth  acquisition 

4.  Re-start  of  automatic  solar  acquisition 

5.  Unfolding  of  paddle 

6.  Despin  and  solar  acquisition 

7.  Injection  into  drift  orbit 

8.  Sun 

9.  Geostationary  orbit 


10.  Launching 

1 1 .  Geostationary  position,  1 50°E  longitude 

12.  Paddle  solar  tracking 

1 3.  Three-stage,  separation  of  satellite 

14.  AMF  attitude  control 

15.  Injection  into  transfer  orbit 

1 6.  Stationary  mode  C 

1 7.  Geostationary  control 

18.  Stationary  mode  B2 


expected.  This  paddle  vibration  was  measured  when  the 
paddle  was  unfolded  with  the  TEDA-PVM  and  when  the 
orbit  was  controlled. 

3.2  Operation  During  Stationary  Stage 

The  following  operations  were  carried  out  during  the 
stationary  stage  moved  to  on  26  November  1987. 

Problems  with  the  command  decoding  and  output  con¬ 
trol  section  of  the  RIU-l’s  A  system  occurred  on  1 
December  of  the  same  year,  but  since  then,  the  ETS-V 
has  operated  continuously  without  any  problems  by 
switching  the  RIU-l’s  A  system  to  its  B  system. 

3.2. 1  Maintenance  of  Satellite  Status,  and  Control  and 
Operation  of  Satellite 

The  status  of  the  satellite  was  monitored  at  all  times, 
distance  measurement  data  was  obtained  once  a  week, 
and  the  orbit  was  controlled  (15  times  east  and  west  and 
6  times  north  and  south  during  the  period  subsequent  to 
movement  to  the  stationary  stage,  up  to  23  August). 

Prior  to  the  ecliptic  periods  of  the  vernal  and  autumnal 
equinoxes,  batteries  were  conditioned,  so  the  satellite 


was  operated  during  those  periods.  In  addition,  imme¬ 
diately  following  the  operation  of  the  ABM,  the  battery 
temperature  increased  critically.  However,  a  deteriora¬ 
tion  of  the  battery  characteristics  was  not  confirmed. 

3.2.2  Operation  for  Obtaining  Data  on  Future  Develop¬ 
ment  of  Satellite  Bus  Equipment 

(1)  Bus  Equipment  Subsystem  Data  is  necessary  in  order 
for  the  trends  of  the  TTC,  EPS,  etc.,  characteristics  to  be 
evaluated,  and  it  is  obtained  approximately  twice  a  year. 

(2)  ACS  Data  necessary  for  designing  and  evaluating  the 
ACS  is  obtained  by  conducting  experiments  to  estimate 
the  natural  disturbance  and  changes  in  control  system 
parameters. 

(3)  CVT/TCS  Data  on  the  temperatures  of  each  section 
of  the  satellite  are  obtained  by  each  operational  mode  of 
the  heater  constituting  the  CVT  at  the  vemal/autumnal 
equinoxes  and  the  summer/winter  solstices  in  order  to 
evaluate  the  performance  of  the  thermal  control  system 
using  heat  pipes. 

(4)  TEDA  Data  on  DOM,  POM,  DIM,  and  RSM  are 
obtained  constantly,  those  on  SCM  and  ICM  are 
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obtained  once  a  week,  and  those  on  TDM  are  obtained  at 
the  vemal/autumnal  equinoxes  and  summer/winter  sol¬ 
stices,  respectively. 

(5)  Experiment  on  Communications  of  Mobile  Objects 
An  experiment  on  the  communications  of  mobile  objects 
is  being  eonducted  for  the  first  time  in  Japan  by  using  the 
satellite. 

This  is  being  conducted  mainly  the  the  ENRI  and  CRL, 
and  Nippon  Telegraph  and  Telephone  Corporation 
[NTT]  and  Kokusai  Denshin  Denwa  Co.,  Ltd.  [KDD] 
participated  in  the  experiment. 

The  mobile  objects  are  as  follows:  1)  a  Japan  Air  Lines 
Co.,  Ltd.  [JAL]  B-747  (ENRI/CRL),  2)  ENRI  B-99,  3) 
Hokkaido  University’s  training  ship,  the  “Oshoro- 
Maru,”  (CRL),  4)  NTT’s  cable  ship,  the  “Tsugaru- 
Maru,”  5)  Tokai  University’s  training  ship,  the 
“Tokaidai-Maru  II  Generation,”  (KDD),  6)  various 
vehicle  mounting  stations  (CRL/NTT),  7)  portable  mes¬ 
sage  communications  equipment,  etc. 

The  CRL  Kashima  Station,  in  which  ENRI  and  KDD 
terminal  station  equipment  is  also  installed,  and  NTT’s 
Nobi  Station  are  used  as  coast/aeronautical  earth  sta¬ 
tions. 

In  addition,  AUSSAT  Co.,  Ltd.  in  Australia  is  con¬ 
ducting  an  experiment  in  collaboration  with  the  CRL. 

4.  Postface 

Judging  from  the  operational  results  from  the  launching 
to  the  current  status,  it  is  believed  that  the  develop¬ 
mental  purpose  of  the  ETS-V  has  almost  been  attained 
by  establishing  the  basic  technologies  for  a  geostationary 
three-axis  satellite  bus,  and  technical  results  have  been 
obtained  from  experiments  involving  the  communica¬ 
tions  of  mobile  objects. 

From  now  on,  we  intend  to  continue  to  collect  data 
involving  the  development  of  future  satellite  buses  and 
to  cooperatively  carry  out  operations  and  experiments 
involving  the  communications  of  mobile  objects. 
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[Text]  1.  Preface 

The  structural  system  of  the  body  of  the  ETS-V  was 
developed  as  a  550-kg-class  three-axis  satellite  bus  body 
structure  by  using  independent  technologies.  This  devel¬ 
opment  was  carried  out  in  the  following  three  stages:  1) 
trial  manufacturing  and  testing  model,  2)  static  load 
model  [SLM]  and  thermal  structural  model  [STM],  and 
3)  proto-flight  modle  [PFM].  Finally,  the  environment  of 
acceleration  during  flight  was  monitored.  This  paper 
presents  the  development  of  the  structural  system  of  the 
body  and  the  results  of  data  evaluating  the  acceleration 
obtained  during  the  flight. 

2.  Development  of  Body  Structural  System 

(1)  Trial-Manufactured  Test  Model  The  specified  envi¬ 
ronmental  tests,  such  as  the  static  load  test  and  sine  wave 
vibration  test,  were  conducted  in  order  to  collect  the 
basic  data  necessary  for  the  design  work.  The  results 
obtained  from  these  tests  were  fully  utilized  to  determine 
the  design  conditions  for  each  section  of  the  body 
structure. 

(2)  SLM  and  STM  The  main  design  conditions  are 
shown  in  Table  1. 

Table  1.  Design  Conditions 


Key: 

1 .  Name  of  member 

2.  Design  conditions 

3.  Upper  cylinder 

4.  Lower  cone 

5.  The  following  items  are  quasi-static  acceleration  con¬ 
ditions  (limit  load  conditions)  stipulated  by  rocket 
interface  conditions.  Materials  shall  not  be  yielded. 
The  ultimate  loading  condition  is  found  by  multi¬ 
plying  the  safety  factor,  1.5,  by  the  above  conditions. 
Also,  the  materials  should  neither  break  nor  buckle. 

6.  Axis  (G) 

7.  Axis  verticality  (G) 

8.  Panel  assembly 

9.  Panel  supporting  member 

10.  RCS  supporting  structure 

1 1 .  Materials  should  neither  break  nor  buckle  against 
any  20G  axis. 
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It  has  been  confirmed  that  the  SLM  has  the  specified 
strength  against  the  quasi-static  accleration  load  condi¬ 
tions  stipulated  by  rocket  interface  conditions.  Sine 
wave  vibration  tests  were  conducted  with  the  STM  based 
on  the  rocket  interface  conditions.  The  results  confirmed 
that  the  STM  had  the  specified  strength  in  vibration 
environments. 

(3)  PFM  The  design  and  workmanship  have  been  con¬ 
firmed  by  a  proto-flight  test  [PFT],  with  no  problems 
verified  during  the  flight. 

3.  Data  on  Flight  Acceleration  Environments 


The  ETS-V  is  equipped  with  six  launching  environment 
measuring  units  [LEM]s,  and  flight  data  was  evaluated  in 
accordance  with  the  analysis  flow  shown  in  Figure  1 
based  on  the  data  obtained  from  the  six  LEMs. 

Results  are  as  follows: 

(1)  Acceleration  Environment  Conditions  of  Each  Sec¬ 
tion  of  ETS-V  Table  2  shows  the  flight  response  data 
generated  during  the  main  flight  events.  It  has  been 
confirmed  that  the  data  values  were  smaller  than  those  of 
the  design  conditions  for  each  section  of  the  body 
structure  shown  in  Table  1 . 


Figure  1.  LEM  Evaluation  and  Analysis  Flow 


Key: 

1 .  Data  on  6  ch  LEM  (data  on  time  history  response 
ofXs) 

2.  Evaluation  and  analysis  program 

3.  Mathematical  boundary  point  acceleration  time 
history  response 

4.  Satellite  modal  coordinate  system  acceleration  time 
history  response 

5.  Satellite  modal  coordinate  system  displacement  time 
history  response 

6.  Satellite  mathematical  model 
(constrained  normal  mode  method) 

7.  Satellite  internal  point  rigid  body  displacement 
matrix 

8.  Satellite  internal  point  modal  acceleration 

9.  Physical  acceleration  transformation  matrix 

10.  Satellite  internal  modal  displacement 


1 1 .  Internal  load  displacement  matrix 

12.  Physical  acceleration  response  of  each  section  in 
satellite 

1 3.  Internal  load  response  of  each  section  in  satellite 

14.  Main  theoretical  formula  forevaluation  and  analysis 
program 

15.  Where,  16.  LEM  sensor  acceleration 

1 7.  PAF  lower  end  (mathematical  boundary  point) 
acceleration 

18.  Modal  acceleration  of  normal  mode 

19.  Normal  mode  matrix  of  sensor  degree  of  freedom 

20.  Rigid  mode  matrix  of  sensor  degree  of  freedom 

21.  Normal  mode  circle  characteristic  frequency 

22.  Normal  mode  modal  attenuation  coefficient 

23.  Normal  mode  stimulation  coefficient 
(coupling  vector) 
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Table  2. 

Environment  Conditions  at  Main  Points  During 
Flight  Acceleration 


Main  point 
of  satellite 

Lift-off 

MECO/POGO 

Axial 

Direction 

Axial 

vertical 

direction 

Axial 

direction 

Axial 

vertical 

direction 

Upper  end 
of  upper 
cylinder 

1.98G 

0.82G 

5.47G 

0.52G 

Center  of 
ABM 

2.00G 

0.38G 

5.49G 

0.30G 

Center  of 
separation 
face 

1.98G 

0.42G 

5.49G 

0.27G 

However,  the  static  acceleration  compounds  1.06G  and  4.01  G  are 
included  in  the  lift-off  and  MECO/POGO. 


(2)  Evaluation  of  Sine  Wave  Vibration  Test  The  accel¬ 
eration  time  history  responses  of  the  excitation  control 
position  during  the  sine  wave  vibration  test  were  found 
from  the  data  on  the  LEM.  The  SRS  was  analyzed  on  the 
basis  of  the  acceleration  time  history  response  values, 
and  the  maximum  response  was  found  by  adding  the 
transient  vibration  to  be  evaluated  to  a  spring  with  a 
degree  of  freedom  system  and  an  arbitrary  resonant 
frequency.  Figure  2  and  Table  3  show  the  results  of 
finding  a  sine  wave  vibration  level  (equivalent  sine  wave 
vibration  conditions)  that  gives  a  resonant  response 
equal  to  the  maximum  response  obtained  to  the  spring 
with  a  degree  of  freedom  system.  Table  4  shows  the  sine 


Figure  2.  Axial  Direction  (Z  Direction)  at 
MECO/POGO.  PAF  lower  end  equivalent 
sine  wave  vibration  conditions. 


wave  vibration  conditions  stipulated  by  the  rocket  inter¬ 
face  conditions.  It  has  been  confirmed  that  the  sine  wave 
vibration  conditions  were  lower  than  the  rocket  interface 
conditions.  However,  factor  Q  is  supposed  to  be  10. 


Table  3. 

Maximum  Value  of  ^uivalent  Sine  Wave 
Vibration  Conditions 


Axis/Flight  Event 

At 

launching 

(lift-off) 

Pre- 

MECO/ 

POGO 

At  POGO 

Axial  vertical  direction 
(X-direction) — Maximum 
value  of  PAF  lower  end 
equivalent  sine  wave 
vibration 

0.33G 
(14.2  Hz) 

0.06G 
(23.7  Hz) 

0.23G 
(17.9  Hz) 

Axial  direction  (Z-direc- 
tion) — Maximum  value  of 
PAF  lower  end  equivalent 
sine  wve  vibration 

0.38G 
(22.6  Hz) 

0.70G 
(23.7  Hz) 

1.38G 
(18.7  Hz) 

Table  4. 

Rocket  Interface  Sine  Wave  Vibration  Test 
Conditions  (AT) 


Axis 

Frequency 

(Hz) 

Level  (Go-p) 

Sweep  rate 
(Oct/min) 

Axial  vertical 
direction 

5-100 

0.7 

4 

Axial  direction 

5-6.2 

12.7  mmDA 

4 

6.2-15 

1.0 

15-21 

4.0 

21-100 

1.0 

(PFT  level  is  AT  level  x  1.5) 


(3)  Comparison  and  Evaluation  of  Satellite/Rocket  Flex¬ 
ible  Combination  Analysis  Results  Flexible  combination 
analyses  were  carried  out  for  the  main  flight  events  on 
the  rocket  side  based  on  the  2a  high  level  forcing 
fucntion  during  flight.  Taking  this  fact  into  consider¬ 
ation,  it  appears  that  the  results  of  evaluating  and 
analyzing  the  LEM  are  comparable  to  those  of  flexibly 
combining  and  analyzing  the  LEM.  Table  5  shows  the 
results  of  comparing  the  vibration  components  at  the 
MECO/POGO. 


Table  5  (1/2). 

Comparison  of  Axial  Directions 


Main  point  of 
satellite 

LEM  Evaluation 
Analysis 

Flexible  Combination 
Analysis 

Z-direction 

Z-direction 

Upper  end  of  upper 
cylinder 

1.46G 

3.78G 

Center  of  ABM 

1.48G 

3.99G 

Center  of  separation 
face 

1.48G 

3.68G 
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Table  5  (2/2). 

Comparison  of  Axial  Vertical  Directions 


Main  point 
of  sateiiite 

LEM  Evaluation  Analysis 

Flexible  Combination 
Analysis 

X-direction 

Y-direction 

Xnlirection 

Y-direction 

Upper  end 
of  upper 
cylinder 

0.49G 

0.52G 

1.62G 

1.58G 

Center  of 
ABM 

0.24G 

0.30G 

0.95G 

0.90G 

Center  of 
separation 
face 

0.27G 

0.07G 

0.1 8G 

0.1 5G 

4.  Postface 

The  values  mentioned  in  the  flight  data  obtained  were 
lower  than  those  stipulated  by  the  design  conditions,  and 
the  validity  of  the  design  conditions  has  been  confirmed. 
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[Text]  1.  Preface 

The  research  and  development  of  an  apogee  motor  was 
started  in  fiscal  1979,  the  operation  of  the  apogee  motor 
for  the  ETS-V  was  begun  on  30  August  1987,  and  the 
satellite  was  injected  into  the  specified  orbit.  The  fol¬ 
lowing  is  an  outline  of  the  results  of  the  operation  and 
development  of  the  apogee  motor  developed  domesti¬ 
cally  for  the  first  time. 

2.  Main  Data 

Table  1  shows  the  main  data  for  the  ETS-V  apogee 
motor,  and  Figure  1  shows  an  outline  of  this  motor. 


Table  1.  Main  Data 


Gross  mass  (full  load) 

544.4  kg 

Mass  of  propellant 

504.3  kg 

Mass  ratio 

0.926 

Maximum  anticipated  working  pressure 

46.5  kgf/cm^a 

Maximum  thrust  (20°C) 

3060  kgf 

Maximum  pressure  (20®C) 

41.6  kgf/cm^a 

Total  combustion  time  (20'’C) 

54  sec 

Specific  impulse  (20”C) 

293.6  kgf.s/kg 

3.  Outline  of  Development 

The  apogee  motor  was  first  developed  for  a  350-kg-class 
geostationary  satellite,  but  the  satellite  was  changed  to 
the  550-kg-class  ETS-V  in  fiscal  1983.  Accordingly,  the 
apogee  motor  became  larger,  and  its  performance  was 
increased  by  changing  its  system  from  a  conventional 
forward  ignition  system  to  a  backward  ignition  system. 
The  following  new  technologies  were  adopted  in  the 
apogee  motor  in  accordance  with  this  change:  1)  head- 
end-wave-type  grain  design,  2)  propellant  pressurizing 


Key: 

1.  Motor  case  3.  EPDM  insulation 

(Ti-6A1-4V)  backward  igniter 

2.  HTPB  propellant  with  4.  Sphere  (p745 

HMX  (head  end  wave  5.  C/C  nozzle  for  backward 
grain  design)  ignition 


Figure  2.  Development  Schedule 


Key: 

1.  Development  phase 

2.  Fiscal  year 

3.  1979 

4.  1980 

5.  1981 

6.  1982  7.  1983 

8.  1984 

9.  1985 

10.  1986 

11.  1987 


12.  Milestone 

13.  Launching  of  ETS-V 

14.  Development  of  350- 
kg-class  apogee  motor 
(component  equipment); 
development  of  apogee 
motor  for  ETS-V  (up  to 
PM);  qualification  test  of 
apogee  motor  for  ETS-V 

15.  Thick-walled  motor 
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Table  2. 

High  Air  Combustion  Test  Results  and  Flight  Results 


Item/Motor 

PM#1 

PM#2 

QM#1 

QM#2 

QM#3  (LAT) 

Flight  Motor 

Actual 

Measurement 

Anticipated 

Test  Date 

86/6/ i  9 

86/7/30 

86/10/30 

86/ i 1/26 

86/12/18 

87/8/30 

Mass  of  propellant  (kg) 

454.6 

504.3 

454.2 

504.5 

504.8 

504.9 

Temperature  of 
propellant  (°C) 

38.0 

2.5 

38.0 

3.5 

22.0 

26.0 

Maximum  thrust  (kgf) 

3i87 

304  i 

3134 

2943 

3016 

3020 

2980 

Maximum  intern^ 
pressure  (kgf/cm^a) 

44.5 

41.0 

44.1 

40.4 

41.0 

42.3 

40.3 

Total  combustion  time  (s) 

46.8 

55.5 

46.9 

56.2 

55.7 

55.2 

55.8 

Specific  impulse 
(kgf.s/kg) 

294.2 

293.0 

293.4 

292.0 

292.2 

293.7 

292.8 

Ignition  delay  time  (ms) 

65 

42 

64 

42 

46 

- 

Environmental  test* 

H 

c,  vs 

H,  C 

c,  vs 

- 

1 

- 

•  H:  high  temperature  test;  C:  Temperature  cycle  test;  VS:  Nozzle  vibration  and  impact  lest 


and  hardening  method,  and  3)  backward  igniter.  The 
development  of  a  propellant  with  HMX  was  initiated  in 
fiscal  1984,  and  the  propellant  was  adopted  in  a  proto¬ 
type  motor  [PM],  On  the  other  hand,  the  reliability  was 
increased  and  a  CT  inspection  unit  was  introduced  into 
a  C/C  nozzle.  During  this  period,  we  conducted  research 
on  the  following  items  in  collaboration  with  the  NAL 
[National  Aerospace  Laboratory],  and  have  carried  out 
the  development  of  the  backward  ignition  system,  etc., 
smoothly  with  the  NAL’s  technical  support:  1)  experi¬ 
mental  research  on  the  standard,  as  well  as  an  evaluation 
of  the  reliability  of,  the  upper  stage  solid  rocket  motor, 
and  2)  research  on  the  rise  in  performance  of  the  apogee 
motor.  Figure  2  shows  a  development  schedule,  and 
Table  2  shows  results  of  combustion  tests  conducted 
subsequent  to  those  of  the  PM. 

4.  Results  of  Operation 

After  the  separation  from  the  satellite,  the  apogee  motor 
flew  in  a  transfer  orbit  for  approximately  68  hours, 
beginning  14:50:02  on  30  August  1987  (JST),  its  ignition 
was  started  upon  reaching  the  seventh  apogee,  and  its 
combustion  was  carried  out  normally,  on  schedule,  for 
about  55  seconds.  We  successfully  injected  the  satellite 
into  the  specified  drift  orbit.  The  increase  in  speed  of  the 
apogee  motor  was  1,793  meters/second,  which  was  an 
increase  of  approximately  7.3  meters/second  over  that 
expected  before  the  satellite  was  launched.  The  specific 
impulse  of  the  propellant  was  293.7  kg-force  second/kg. 
Table  2  shows  the  combustion  performance  of  the 
apogee  motor. 

The  combustion  in  the  apogee  motor  was  normal.  With 
regard  to  the  temperature  following  combustion,  1)  the 


motor  case  surface  temperature  reached  385  degrees  C, 
which  exceeded  the  specified  temperature  of  300 
degrees  C,  2)  the  cooling  speed  was  lower  than 
expected,  and  3)  the  rise  in  temperature  of  the  nozzle 
was  delayed,  and  the  maximum  temperature  of  the 
nozzle  was  lower  than  expected.  Figure  3  shows  this 
status.  As  a  result  of  studying  this  phenomenon,  it  was 
clarified  that  it  was  caused  by  the  following:  (1)  The 
convection  cooling  amount  had  been  estimated  based 
on  the  gas  flow  in  the  low  pressure  chamber  during  a 
high  air  combustion  test.  The  radiant  cooling  amount 
from  the  nozzle  was  overestimated  because  the  convec¬ 
tion  cooling  amount  was  smaller  than  the  actual  one. 
As  a  result,  the  difference  between  the  rise  in  temper¬ 
ature  of  the  motor  case  up  to  the  highest  temperature 
and  the  cooling  speed  was  generated  by  this  overesti¬ 
mate.  (2)  A  value  was  estimated  based  on  the  data 
obtained  under  a  low  pressure  state  because  no  value 
had  been  measured  with  respect  to  the  thermal  con¬ 
ductivity  in  the  vacuum  of  the  carbon  felt  used  in  the 
nozzle.  This  value  was  smaller  than  the  actual  one,  and 
caused  the  delay  in  the  rise  of  the  nozzle  temperature 
and  the  lowness  of  the  highest  temperature. 

5.  Summary 

Although  problems  occurred  in  estimating  tempera¬ 
tures,  the  apogee  motor,  produced  domestically  for  the 
first  time,  displayed  the  specified  performance  and  we 
were  able  to  obtain  actual  flight  results.  Such  an  apogee 
motor  will  be  used  in  our  third  broadcasting  satellite, 
and  we  will  make  efforts  to  further  increase  the  degree 
of  completion  based  on  the  results  obtained  from  the 
development  of  the  apogee  motor  for  the  ETS-V. 
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Figure  3.  Temperature  of  Surface  of  Apogee  Motor 
Key: 

1 .  ABM  nozzle  interface  temperature 
(upper  limit)  400°C 

2.  ABM  case  interface  temperature  (upper  limit)  300°C 

3.  A  case  1  (front  section)  actual  measurement 

4.  B  case  2  (rear  section)  actual  measurement 

5.  C  nozzle  actual  measurement 

6.  Transfer  of  interface  temperatures 
(worst  design  values) 

7.  Nozzle  case  1 

8.  Anticipated  temperature  before  flight 

9.  Case  2 

10.  Nozzle  highest  temperature 

1 1 .  Rear  section  of  case 

12.  Front  section  of  case 
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[Article  by  Takao  Anzai,  Ranpo  Sato,  Susumu  Wakaba- 
yashi,  Hirohiko  Dojyo  and  Shoji  Tsunematsu  of  the 
National  Space  Development  Agency  of  Japan] 


[Text]  1.  Preface 

The  ETS-V  has  been  used  to  conduct  experiments  on  mobile 
radio  communications,  etc.,  since  it  was  launched  on  27 
August  1987,  its  initial  functioning  was  confirmed  and  it 
was  moved  to  the  stationary  stage  on  26  November  1987. 
The  tracking  control  and  operation  of  satellite  have  been 
carried  out  smoothly,  and  the  status  of  these  satellites  is 
fairly  good,  except  for  some  of  the  equipment  of  the 
telemetry  tracking  and  command  [TTC]  system. 

2.  Tracking  Control  System 

Figure  1  shows  the  tracking  control  system  of  the  ETS-V 
at  the  stationary  stage. 

In  general,  the  Tracking  and  Control  Center  of  the  National 
Space  Development  Agency  of  Japan  [NASDA]  operates, 
maintains  and  controls  the  satellites,  retains  and  controls 
their  orbits,  and  conducts  experiments  on  the  bus  systems  in 
order  to  evaluate  and  analyze  the  performance,  etc.,  of  the 
ETS-V.  In  the  same  way,  the  Kashima  Earth  Station  of  the 
Communications  Research  Laboratory  [CRL],  Ministry  of 
Posts  and  Telecommunications,  carried  out  most  of  the 
operations  related  to  the  experiments  involving  mobile 
radio  communications.  Both  come  into  close  contact  during 
their  respective  operational  plan  stages,  and  carry  out  their 
operations  in  cooperation  with  each  other. 

3.  Tracking  Control  Operation 

The  following  operations  are  carried  out  to  obtain  the 
status  of  the  satellites  and  to  maintain  the  functions  and 
performance  of  these  satellites:  (1)  Stationary  moni¬ 
toring  of  the  satellite  status,  2)  Obtaining  data  on  ranges, 
(3)  Retaining  and  controlling  orbit,  (4)  Correcting 
pointing  direction  of  solar  cell  paddles,  (5)  Recondi¬ 
tioning  batteries,  (6)  Eclipse  operation  and  (7)  Others. 

The  satellite  has  been  retained  within  a  range  of  150  +/- 
O.rE  in  the  east-west  direction  and  0  +/-  0.1°  in  the 
north-south  direction  since  it  became  geostationary  on  17 
September  1987.  The  east-west  and  north-south  directions 
are  controlled  at  a  cycle  of  once  approximately  every  three 
weeks  and  once  approximately  seven  days,  on  the  average, 
respectively.  Table  1  shows  some  of  the  results  obtained 
involving  orbit  control.  The  amount  of  fuel  remaining,  as  of 
15  August  1988,  was  approximately  51  kg,  and  it  is  antici¬ 
pated  that  it  will  be  possible  to  retain  the  orbit  for  another 
three  years,  even  if  the  past  orbital  control  is  continued. 


Table  1. 

Summary  of  Results  of  Controlling  Orbit  of  ETS-V 


Control  No 

Execntion  Date 

Increase  in  Speed 

Injection  Time 

Anticipated  Fuel 
Consumption 

Residual  Fuel 
(Tank  Pressure 
Method) 

Remarks 

Geostationary 

17  Sep  1987 

0. 1 1  m/s 

173  pulses'* 

0.036  kg 

66.891  kg 

•  Injection  of  0.2 
seconds  during 
4-second  cycle 

No  18EW 

21  Jun  1988 

-0.04  m/s 

60  pulses* 

0.014  kg 

54.780  kg 

No7NS 

15  Aug  1988 

-8.58  m/s 

3,328  sec 

2.241  kg 

51.270  kg 

Continuous  injection 
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Figure  1.  Tracking  Control  System  of  ETS-V 


Key: 

1.  USB  (telemetry,  command  and  measurement  of  range) 

2.  C-band  (telemetry,  command  and  measurement  of  range) 

3.  Uband  (voice,  data  and  FAX) 

4.  L-band  (voice,  data,  measurement  of  position  and 
measurement  of  range) 

5.  C-  and  L-bands  (voice,  data  and  FAX) 

6.  Aircraft 

7.  Masuda  Tracking  Control  Center 

8.  Katsuura  Tracking  Control  Center 


9.  Okinawa  Tracking  Control  Center 

10.  Kashima  Earth  Station 

1 1 .  Ship 

12.  Central  Tracking  Control  Center 

13.  Tsukuba  Space  Center 

14.  CRL’s  Kashima  Branch  15.  Tracking 
control  link 

16.  Link  for  experiments  involving  mobile 
radio  communications 


Figure  2.  Electric  Power  Generated  from 
Solar  Cell  Paddle 


Key: 

1 .  Generated  electric  power  ( W) 

2.  Telemetry  data 

3.  Nominally  anticipated  value 

4.  Elapsed  time  from  launch  (days) 


Figure  2  shows  the  telemetry  data  and  anticipated  values  of 
the  electric  power  generated  from  the  solar  cell  paddles  for 
approximately  seven  months  following  the  launching  of  the 


satellite.  The  rate  of  decrease  in  the  electric  power  generated 
during  this  period  is  about  3  percent  (30  watts). 

Battery  conditioning  and  eclipse  operations  have  been 
carried  out  normally,  and  it  has  been  confirmed  that 
there  were  no  problems  with  the  performance  of  the 
batteries  exposed  to  high  temperatures  immediately  fol¬ 
lowing  the  AMF. 

4.  Other  Operations 

In  addition  to  the  maintenance  and  control  operations  of 
the  satellites,  the  following  operations  are  carried  out:  (1) 
Operation  of  experiment  involving  bus  system:  This  is 
carried  out  approximately  twice  a  year  in  order  to  obtain 
data  for  evaluating  orbital  functions  and  performances  of 
the  ETS-V  and  for  using  in  the  development  of  future 
satellites.  (2)  Operation  of  experiment  involving  thermal 
control  demonstration  equipment  (CVT):  This  is  carried  out 
during  the  period  including  the  vernal  and  autumnal  equi¬ 
noxes  and  the  winter  and  summer  solstices  in  order  to 
evaluate  the  design  of  a  heat  pipe  waste  heat  system  and  to 
obtain  data  on  the  operating  characteristics  in  space.  (3) 
Obtaining  data  from  a  technical  data  obtaining  device 
[TEDA]:  Data  on  the  space  environment,  characteristics  of 
elements  mounted  on  satellites  in  space,  etc.,  are  obtained 
periodically  or  constantly  from  eight  kinds  of  devices. 
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5.  Problems 

The  TTC’s  RIU-IA  malfunctioned  on  1  December  1987 
and  was  not  able  to  receive  specific  commands.  Therefore,  it 
was  converted  to  the  RIU-IB  of  the  redundancy  system. 
After  collecting  sufficient  data  on  satellite  buses  and  mobile 
radio  communications,  we  plan  to  restart  the  RIU-IA  in 
order  to  determine  the  cause  of  the  problem. 

6.  Summary 

The  status  of  the  ETS-V  has  been  fairly  good  and  its 
operation  has  also  been  smooth  up  to  now.  In  the  future,  we 
want  to  maintain  and  eontrol  the  satellite  in  order  to 
complete  missions,  to  obtain  various  data  and  to  coopera¬ 
tively  conduct  experiments  on  mobile  radio  communica¬ 
tions. 

Evaluation  of  Performance  of  L-Band  Antenna 
Mounted  on  ETS-V 

43065013a  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88  No  3AI5 
pp  570-571 

[Article  by  Shigeo  Yamada  of  the  National  Space  Devel¬ 
opment  Agency  of  Japan;  Yasuo  Tamai  of  Mitsubishi 
Electric  Corporation] 

[Text]  1.  Preface 

An  L-band  antenna  is  mounted  on  the  ETS-V  in  order  to 
conduct  experiments  on  mobile  radio  communications.  It  is 
an  offset  system  dual  beam  antenna  and  irradiates  the  earth, 
beam-focused  with  respect  to  specified  points  on  the 
northern  and  southern  hemispheres.  The  following  is  a 
description  of  the  results  of  the  unit  test  using  a  prototype 
flight  model  [PFM]  of  the  L-band  antenna,  and  perfor¬ 
mances  obtained  from  check-out  after  the  launching  of  the 
satellite. 

2.  Structure 

As  shown  in  Figure  1,  the  L-band  antenna  consists  of  a 
reflecting  mirror  and  a  primary  radiator  corresponding  to 
the  beams.  Figure  2  [not  reproduced]  shows  the  exterior  of 
the  PFM  of  the  L-band  antenna.  In  order  to  lighten  the 
mirror,  it  has  been  given  a  sandwich  structure  made  by 
putting  aluminum  honeycomb  cores  between  meshes  made 
of  carbon  fiber  reinforced  plastics  [CFRP].  As  a  result,  the 
weight  of  the  mirror  system,  including  a  support,  is  2.7  kg, 
while  that  of  the  primary  radiator  system,  including  a 
primary  radiator  support,  is  3.3  kg.  The  mirror  accuracy  is 
0.5  mm  RMS.  The  primary  radiator  is  equipped  with  a 
helical  antenna  which  can  be  located  in  the  vicinity  of  this 
radiator  is  order  to  maintain  the  antenna’s  high  efficiency 
and  to  increase  the  cross-over  level  of  two  beams.  The 
specified  temperature  conditions  are  satisfied  by  simple 
thermal  control,  i.e.,  by  installing  multilayer  insulation 
[MLI]  on  the  satellite  body  structure  installation  section  of 
the  supports  of  both  the  mirror  system  and  the  primary 
radiator  system.  Temperature  monitoring  sensors  are 
installed  in  the  vicinity  of  the  helical  antenna  installation 


Figure  1.  Configuration  of  Antenna 

Key; 

1 .  Reflecting  mirror 

2.  Diameter 

3.  Dp;  diameter  of  master  parabolic  antenna 

4.  Primary  radiator  (helical  antenna) 


support  of  the  primary  radiator  system  and  at  the  rear  of  the 
mirror  center  in  the  mirror  system  in  order  to  verify  the 
thermal  control. 

3.  Results  of  Unit  Test 

The  performance  of  the  L-band  antenna  was  confirmed  by 
subjeeting  the  PFM  to  environmental  resistance  tests,  such 
as  a  thermal  vacuum  test  and  sine  wave  vibration  test,  in 
addition  to  an  electric  test,  as  unit  tests.  Table  1  and  Figure 
3  show  the  main  electric  performances  and  two-dimensional 
radiation  patterns  (transmission),  respectively.  The  aperture 
efficiency  of  the  transmission  bands  is  59  pereent  (N-beam), 
and  the  cross-over  level  of  the  N/S  beams  is  approximately 
3  decibels. 


Table  1. 

Main  Electric  Performances 
(Actual  Measurement  of  Simple  PFM  Substance) 


Item 

N-Beam 

S-Beam 

1.  Frequency  (MHz) 

(1)  Transmitting 

1540.5-1548.0 

1540.5-1548.0 

(2)  Receiving 

1642.5-1650.0 

1642.5-1650.0 

2.  Polarized  wave 

LHCP 

LHCP 

3.  Beam  center 
position  (°) 

37N,  161E 

5S,  137E 

4.  Gain  (dBi) 

(1)  Transmitting 

a.  Beam  center 

>/-  25.4 

>/-  25.0 

b.  2.8  (°)  coverage 

>/-  23.8 

- 

c.  5  (®)  coverage 

>/-  20.0 

>/-  19.5 

(2)  Receiving 

a.  Beam  center 

>/.  26.2 

>/-  25.7 

b.  5  O  coverage 

>/•=  20.4 

>/-  19.9 
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Table  1. 

Main  Electric  Performances 

(Actual  Measurement  of  Simple  PFM  Substance) 
(Continued) 


Item 

N-Beam 

S-Beam 

5.  ATiial  ratio  (dB) 

</-  1.7 

</-  2.5 

6.  VSWR 

</-  1.18 

</-  1.13 

7.  Electric  power 
resistance  (W) 

>/-  60 

V 

o 

Figure  3.  Secondary  Radiation  Pattern 
(Actual  Measurement  of  Simple  PFM  Substance) 

Key: 

1.  KSM:  Kashima  3.  S-beam 

2.  N-beam  4.  Transmission 


4.  Orbital  Check-out  Results 

The  orbital  performance  of  the  L-band  antenna  was 
confirmed  by  measuring  the  system  check-out,  including 
the  ground  facilities,  of  all  mobile  radio  communications 
experimental  equipment  [AMEX].  Table  2  shows  the 
check-out  results  of  the  AMEX  L-band.  In  this  table,  the 
results  are  converted  into  the  transmission  electric 
power  value  at  the  end  of  the  antenna  of  the  diplexer  in 
order  to  compare  them  with  the  ground  test  data.  In 
addition,  the  orbital  data  in  the  table  agree  with  the 
ground  test  data  within  the  range  of  measurement  error. 
This  means  that  the  gain  of  the  antenna  is  the  same  as 
that  of  the  ground  test.  Figure  4  shows  the  orbital 
temperature  measured  value  of  the  reflecting  mirror.  In 


this  figure,  the  measured  temperature  leaves  a  sufficient 
margin  for  the  allowable  temperature. 


Table  2. 

Results  of  Checking  Out  AMEX  L-Band  System 


Line 

! 

Data  (dBm,  antenna  end  electric 
power  value  of  diplexer) 

In  orbit 
(at  check  out) 

Ground  test 
(after 

transportation 
to  range) 

Beacon* (L-band 
transmission) 

N-beam 

32.6 

33.1 

S-beam 

33.3 

33.2 

Between  L  and  LL** 
(L-band  transmit- 
ting-receiving) 

N-beam 

S-beam 

30.6 

31.2 

•  Between  ETS-V  and  Kashima  Earth  Station 


••  Between  Kashima  Earth  Station,  ETS-V  and  back  to  Kashima  Earth 
Station 


17.  ot.  - U — , - - - , - J — I — ~ - - - 1 

nONlH.OAT  ,  07.17  07.20  07.70 

et  <nOuniRlM.>  07.00  17.00  17.00  21.00  01.00  OS.  00  07.00 

JSt  10.00  22.00  02.00  06.00  lO.OCU  14.00  17.00 

{R.  «■) 

Figure  4.  Actual  Temperatures  of  Reflecting  Mirror 
Measured  at  Check-Out 

Key: 

1 .  Allowable  upper  temperature  limit:  1 50°C 

2.  (Around  autumnal  equinox) 

3.  Allowable  lower  temperature  limit:  -180°C 

4.  Temperature  (°C) 

5.  Time  (hour  and  minute) 


5.  Conclusion 

In  order  to  lighten  the  L-band  antenna,  it  is  equipped 
with  a  mesh  mirror.  Unit  tests  of  the  PFM  have  con¬ 
firmed  that  the  specified  electric  and  mechanical  perfor¬ 
mances  have  been  obtained.  In  addition,  as  a  result  of 
check-out  following  the  launching  of  the  satellite,  it  was 
confirmed  that  the  L-band  antenna  possesses  the  PFM 
unit  performance,  even  while  orbiting. 
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Development  of  ETS-V  AMEX,  Orbital  Check 
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CONFERENCE  in  Japanese  26-28  Oct  88  No  3A16 
pp  572-573 

[Article  by  Kimio  Kondo  and  Naokazu  Hamamoto  of 
the  Communications  Research  Laboratory,  Ministry  of 
Posts  and  Communications;  Akira  Ishide  of  the  Elec¬ 
tronic  Navigation  Research  Institute;  Shigeo  Yamada  of 
the  National  Space  Development  Agency  of  Japan; 
Norio  Nikawa  of  NEC  Corporation;  and  Keiichiro 
Nagashima  of  Mitsubishi  Electric  Corporation] 

[Text]  Preface 

The  ETS-V  was  launched  by  the  H-I  rocket  on  27  August 
1987,  and  the  Communications  Research  Laboratory 
[CRL],  Electronic  Navigation  Research  Institute 
[ENRI],  the  NTT  Radio  System  Research  Institute  and 
KDD  Meguro  Research  Institute  are  currently  con¬ 
ducting  experiments  involving  mobile  radio  communi¬ 
cations  by  using  this  satellite. 

This  report  describes  the  results  of  developing  the 
AMEX,  which  is  a  relay  of  the  ETS-V,  as  well  as  those  of 
checking  orbital  characteristics. 


1.  Development  of  AMEX 

The  CRL,  ENRI  and  NASDA  started  developing  the 
AMEX  in  1983,  had  manufactured,  design  and  evalu¬ 
ated  an  AMEX  model  for  mounting  on  the  ETS-V  EM  by 
December  1 984,  mounted  the  model  on  the  ETS-V  EM, 
and  checked  its  adaptability.  A  model  for  mounting  on 
the  PFM  was  manufactured  and  mounted  on  the  satellite 
in  November  1985.  As  a  result  of  ETS-V  proto-flight 
tests  conducted  from  February  1986  to  April  1987,  it  was 
judged  that  the  model’s  functioning  and  performance 
were  satisfactory  and  that  it  possessed  fli^t  qualities. 
After  the  model  was  transported  to  the  range  in  May 
1987  and  was  inspected,  it  was  launched  on  27  August 
1987. 

2.  Functions  and  Characteristics  of  AMEX 

The  AMEX  is  a  double  conversion-type  relay  in  which 
140  megahertz  is  the  IF  frequency,  and  it  consists  of  an 
antenna,  and  L-band,  C-band  and  IF  sections.  Figure  1 
shows  a  block  diagram  of  the  AMEX.  The  L-band  and 
C-band  are  used  for  vehicles  and  feeder  links,  respec¬ 
tively. 

The  L-band  antenna  is  an  offset  parabolic  one  with  an 
aperture  diameter  of  1.5  meters,  and  is  composed  of 


Figure  1.  Block  Diagram  of  AMEX 

Key:  1 1 .  Diplexer 

1 .  C-band  receiving  section  1  1 2.  L-band  antenna 

2.  L-band  transmitting  section  1  1 3.  C-band  antenna 

3.  L-band  HPA  1  14.  C-band  output  circuit 

4.  L-band  output  circuit  1 5.  C-band  HPA  1 


5.  C-band  input  circuit 

6.  C-band  receiving  section  2 

7.  IF  filtering  section 

8.  L-band  transmitting  section  2 

9.  L-band  beacon 

10.  I^band  HPA  2 


16.  C-band  transmitting  section  1 

1 7.  L-band  receiving  section  1 

1 8.  L-band  input  circuit 

19.  C-band  HPA  2 

20.  C-band  transmitting  section  2 

2 1 .  L-band  receiving  section  2 
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multi-beams  consisting  of  two  north  and  south  beams.  In 
order  to  lighten  the  reflector,  a  CFRP  mesh  honeycomb 
structure  has  been  adopted. 

The  C-band  is  a  completely  redundant  system  for  current 
and  spare  uses,  while  the  L-band  consists  of  two  systems 
for  current  use,  corresponding  to  two  beams.  They 
constitute  mutual  function  redundant  systems  by  means 
of  switches.  It  is  also  possible  to  output  L-band  beacons 
from  an  arbitrary  beam. 

The  IF  section  consists  of  a  filter  group  using  surface 
acoustic  wave  [SAW]  filters,  and  it  is  possible  to  generate 
C/L,  L/C,  C/C  and  L/L  circuits,  depending  on  the 
frequency  selection. 


The  AMEX  requires  linearity  in  consideration  of  the 
operation  of  the  SCPC  of  each  mobile  station.  The 
HPAs  of  the  L-band  and  C-band  employ  25  watt-A 
class  gallium  arsenide  field  effect  transistors  [GaAs 
FETjs  and  8  watt-A  class  GaAs  FETs,  respectively.  In 
the  case  of  C/L  and  L/C,  the  total  gain  between  AMEX 
diplexers  is  123  decibels,  for  C/C  it  is  106.5  decibels 
and  for  L/L  139.5  decibels.  The  total  gain  can  be 
changed  by  5  or  10  decibels. 

GaAs  FET  is  also  used  in  a  low  noise  amplifier  [LNA]  to 
lower  the  noise.  The  noise  figure  of  the  L-band  LNA  is 
realized  at  1.7  decibels  in  order  to  receive  the  low  level 
signals  output  by  vehicles  in  particular. 
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Table  1.  Data  on  AMEX 

Lyx'yK 

1  542±1.5  1  546.5±1.5 
1644±1.5  1  648.5±1.5 

*]. 

1 .  5m<^> 

LHCP  _ 

(Nf-A)  ^^1  (St'-A) 
25.  4  ^  25.  0 


A. 

5  2  30±11.25 
5  960±11.25 

9. 

0.  22m^ 
LHCP 


:x.r'JTx  D/u 
C/IM3 _ 

£&  A3. 

Key: 

1.  L-band 

2. C-band 

3.  Frequency 

4.  Transmitting  MHz 

5.  Receiving  MHz 

6.  Antenna 

7.  Off-set  parabolic  antenna 

8.  Horn 

9.  Aperture 

10.  Polarized  wave  1 1.  Gain* 

1 2.  Feed  loss 

13.  Axial  ratio 

14.  (N-beam) 


(Nt'-A)  ^  (Sb'-A) 

dB  i  25.  4  25.  0  ' 

dB  i  26.2  25.  7 

dB  1.2  1.1 

dB  1.  8 _ 2.  5 

dB  1.7  1.  6 

dB/K  -3  -4 

dBW  13.7  14.5 

dBW  35.  5  35 

.  dB  C/L  123  (0,  +5 

MHz  L/C  123  (0. +5 

L/L  1  39.  5  (0.  +5 

_ C/C  106.  5  (0,  +5 

dB  4001  -40. 

dB  3  0LXii  3t. _ 

_ 1  545MHz  5.  6dB 

Kg  64  (TVt^  7.  4Ki 


-4  -8 

14.  5  8.  5 

_ 35  125 _ 

123  (0,  +5.  +10)  /3MHz 

123  (0.  +5.-5)  /3MHz 

139.  5(0.  +5.  -5)  /O.  3MHz 
106.  5  (0.  +5.  +10)  /3MHz 


1545MHz  5.  6dBw _ 

64  iryT-i-  7.  4Kg-&tf)  AT. _ 

30  0  (L2maiffl.  RFai:f3^)  Ai,. _ 

A'?.  » g, 

15.  (S-beam) 

16.  HPA  output 

1 7.  Repeater  gain** 

1 8.  band  width 

1 9.  Spurious  D/U  dB  20.  40  or  more 

21.  30  or  more 

22.  Beacon 

23.  Weight  (kg) 

24.  Power  Consumption  (W) 

25.  64  kg  (including  weight  of  antenna  -  7.4  kg) 

26.  300  W  (operation  of  L2  system,  at  RF  output) 

27.  *  Beam  center 

28.  **  Gain  between  diplexers 
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Table  2.  Results  of  Checking  Characteristics  of  AMEX 


1. 

3. 

mi  0 

4. 

t 

(dBm) 

M 

A 

M 

A 

M 

A 

M 

A 

C/L 

Hl/Al 

30.9  / 

31.58 

31.13/ 

31.79 

29.5 

/ 

30.5 

30.5 

/ 

31.2 

Ml  7 

30.42/ 

- 

30.61/ 

- 

29.4 

/ 

- 

- 

/ 

- 

-91.5 

M2/A2 

31.07/ 

30.68 

31.39/ 

31.25 

30.8 

/ 

30.7 

31.7 

/ 

31.9 

6. 

C/C 

H/A 

14.8  / 

15.59 

15.72/ 

16.52 

14.5 

/ 

15.4 

14.4 

/ 

14.5 

L/C 

Hl/Al 

15.41/ 

15.49 

16.  26/ 

16.18 

15.1 

/ 

16.0 

15.7 

/ 

16.1 

-108 

/Al’ 

-  / 

15.71 

-  / 

16.10 

- 

/ 

16.3 

- 

/ 

- 

M2/A2 

14.  98/ 

14.95 

15.80/ 

15.66 

14.7 

/ 

14.9 

14.4 

/ 

14.0 

7. 

L/L 

M1/A2 

31.40/ 

30.88 

31.74/ 

31.42 

31.3 

/ 

30.6 

31.6 

/ 

31.7 

kVA 

4t 

C/L 

Hl/Al 

40.44/ 

- 

40.7  / 

- 

40.5 

/ 

- 

40.4 

/ 

40.5 

HI  7 

40.46/ 

- 

40.8  / 

- 

40.6 

/ 

- 

- 

/ 

- 

H2/A2 

41.55/ 

- 

41.9  / 

- 

42. 1 

/ 

- 

42.3 

/ 

42.  3 

L/L 

Ml/ 

40.41/ 

- 

40.8  / 

- 

40.4 

/ 

- 

40.7 

/ 

- 

*  2dBE«^!il:>3K/U 

8. 


Key: 

1.  Final  electric  performance  of  repeater  5.  Standard  output  level  (dBm) 

2.  Final  electric  performance  of  AMEX  mounted  on  satellite  6.  Input 

3.  Check  out  after  launching  of  satellite  7.  Saturation  power  level* 

4.  First  periodic  check  8.  *  2  dB  compression  point  output  level 


In  order  to  develop  the  AMEX,  the  EMC  was  carefully 
controlled,  taking  the  following  matters  into  consideration: 
(1)  The  AMEX  antenna  shall  be  used  to  both  transmit  and 
receive  signals.  (2)  The  difference  between  the  output 
electric  power  and  receiving  electric  power  of  the  L-band 
shall  be  as  large  as  approximately  150  decibels.  (3)  The 
frequency  difference  of  the  L-band  shall  be  as  small  as 
approximately  100  megahertz. 

Main  data  on  the  AMEX  are  shown  in  Table  1. 

3.  Orbital  Check  of  AMEX 

(1)  Initial  Check  The  ETS-V  was  launched  on  27  August 
1987,  and  became  geostationary  on  17  September. 
During  5  to  27  October,  the  AMEX  and  the  C-band  TTC 
were  checked  out  at  the  Kashima  Branch  of  the  CRL  in 
parallel  with  the  evaluation  of  the  satellite  proper.  The 
following  characteristics  of  the  AMEX  were  confirmed: 
(1)  input/output  characteristics,  (2)  amplitude  frequency 
characteristics,  (3)  frequency  conversion  characteristics, 
(4)  spurious  characteristics,  (5)  gain  switching  function, 
(6)  delay  frequency  characteristics,  and  (7)  overall  trans¬ 
mission  characteristics. 

With  regard  to  (1),  the  difference  of  the  obtained  value 
from  the  final  electric  performance  test  conducted  on 
the  ground  was  within  1  decibel  in  most  circuits.  Other 
items  sufficiently  satisfied  the  specification  as  well. 


and  it  was  confirmed  that  after  the  satellite  was 
launched,  the  AMEX  was  operated  without  the  occur¬ 
rence  of  any  problems. 

(2)  The  First  Periodic  Check  The  AMEX  was  given  its 
first  periodic  check  in  April  1988.  As  shown  in  Table  2, 
compared  with  its  status  at  the  initial  check,  there  were 
no  significant  differences. 

Postface 

The  AMEX  has  demonstrated  satisfactory  characteris¬ 
tics  in  orbit  since  being  developed  as  a  relay  used  to 
conduct  Japan’s  first  experiments  involving  mobile 
radio  communications.  Valuable  data  to  be  used  in 
studying  future  mobile  radio  satellite  eommunications 
systems  are  being  collected  from  experiments  being 
actively  conducted  by  the  respective  bodies  using  the 
ETS-V/AMEX. 
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[Text]  The  ETS-V  was  launched  with  the  H-I  rocket  from 
a  site  at  NASDA  [National  Space  Development  Agency 
of  Japan]’s  Tanegashima  Space  Center  on  27  August 
1987,  and  was  injected  into  the  specified  geostationary 
orbit  position  at  1 50  degree  E  longitude  on  1 7  September 
1987.  This  manuscript  outlines  the  results  of  an  experi¬ 
ment  involving  mobile  radio  satellite  communications 
using  the  ETS-V  as  conducted  by  the  CRL.  Table  1 
outlines  the  mobile  earth  stations  used  in  this  experi¬ 
ment. 


Table  1. 

Outline  of  Various  Mobile  Earth  Stations 


Moving  object 

Antenna  type 
(gain) 

Homing 

system, 

mechanism 

Modulation 

system 

Ship 

40-cm  short 
back  fire 
(IS  dBi) 

Program, 

machine 

SCPC/MSK, 
BPSK,  NBFM, 
TDM/TDMA/ 
BPSK 

Aircraft 

16-element 
circular  patch 
phased  array 
(14  dBi) 

Step,  electron 

SCPC/MSK, 
BPSK,  NBFM 

Movement  on 
ground 

Circular  patch 
(7  dBi) 

Non-homing/ 

manual 

SCPC/MSK, 
QPSK,  digital 
FM,  ACSSB 

8-element 
spiral  ( 1 S  dBi) 

Automatic 

homing, 

machine 

SS/BPSK 

4  winding 
helical  (4  dBi) 

Non-homing 

Ship  Experiment 


An  earth  station  is  located  on  a  training  ship,  the 
“Oshyoro-Maru,”  of  the  Department  of  Fisheries,  Hok¬ 
kaido  University.  The  first  and  second  ship  experiments 
were  conducted  in  the  south  and  north  sea  routes  from 
20  October  to  24  December  1987  and  from  6  June  to  17 
August  1988,  respectively.  Figure  1  maps  these  routes. 

In  order  to  check  the  basic  signal  transmitting  function 
of  the  ship-based  earth  station  as  a  telecommunications 
system,  a  voice  speech  test  was  conducted  using  the 
minimum  shift  keying  [MSK]  and  frequency  modulation 
[FM]  systems,  and  mainly  the  single  channel  per  carrier 


Figure  1.  Sea  Route  of  CRT’s  Ship  Experiment 
and  Air  Route  of  CRT’s  Aircraft  Experiment 

Key: 

1 .  Air  return  route  of  3.  Outbound  air  route  of 

aircraft  aircraft 

2.  Northern  sea  route  of  4.  Southern  sea  route  of  ship 

ship  5.  Elevation  angle 


[SCPC]  system,  and  a  data  transmitting  test  was  con¬ 
ducted  by  using  personal  computers  and  facsimile 
machines  basedon  the  BPSK  and  FM  analog  systems  in 
the  first  ship  experiment.  Characteristics  of  the  bit  error 
rate  to  C/No  or  the  S/N  to  C/No  were  also  measured.  As 
a  result  of  these  tests  and  the  measurement,  it  was 
confirmed  that  the  ship-based  earth  station  was  oper¬ 
ating  satisfactorily. 

Figure  2  shows  the  relationship  between  the  average 
value  of  the  elevation  angle,  the  azimuth  angle  of  the 
antenna,  and  the  root  mean  square  [RMS]  value  of  the 
amount  of  electric  power  received  and  fluctuated  for  a 
total  of  826  measurements  (each  lasting  3  minutes) 
during  the  first  ship  experiment.  Large  areas  of  fluctua¬ 
tion  of  the  received  electric  power  are  affected  by  a  block 
system  according  to  the  hull  construction,  such  as  the 
mast  around  the  antenna,  etc.  The  influence  of  the  block 
system  is  currently  being  studied  theoretically. 

The  generation  of  phasing  phenomena  caused  by  sea 
clutters  could  not  be  observed  in  the  first  ship  experi¬ 
ment  on  the  south  sea  route  because  the  elevation  angle 
for  observing  the  satellite  from  the  ship  was  high.  Data 
obtained  from  the  second  ship  experiment  is  currently 
being  analyzed. 

Aircraft  Experiment 

An  aircraft-based  earth  station  is  mounted  on  an  inter¬ 
national  cargo  transport  Boeing  747  owned  by  Japan  Air 
Lines  Co.,  Ltd.  [JAL].  As  shown  in  Figure  1,  the  air  route 
is  between  Narita  and  Anchorage,  and  the  time  allowed 
for  conducting  an  experiment  one  way  is  5  to  6  hours. 
The  earth  stations  are  outlined  in  Table  1.  The  configu¬ 
ration  of  an  aircraft-based  earth  station  is  the  same  as 
that  of  the  ship-based  earth  station  except  for  the  fol¬ 
lowing  points:  1)  neither  a  time  division  multiplexing 
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Figure  2.  Dependence  of  Fluctuation  of  Electric  Power 
Received  on  Azimuth  Angle  and  Elevation  Angle 


Key: 

1 .  Amount  of  received 
electric  power  RMS  (dB) 

2.  Mast 

3.  Antenna 


4.  Radar  equipment 

5.  Radar  deck 

6.  Azimuth  angle 

7.  Elevation  angle 


Figure  3.  Standard  Deviation  of  Electric  Power  Received 
by  Aircraft  Earth  Station 


Key: 

1 .  Standard  deviation 
(dB) 

2.  Anchorage  to  Narita 

3.  Az:  Azimuth  angle 


4.  El:  Elevation  angle 

5.  Singapore  to  Narita 

6.  Narita  to  Singapore 

7.  Narita  to  Anchorage 

8.  Azimuth  angle  of  antenna 


[TDM]  device  nor  a  time  division  multiplex  access 
[TDMA]  device  is  mounted  on  the  communications  end 
station  system,  and  2)  the  aircraft-based  earth  station  has 
an  automatic  frequency  control  [AFC]  function  compen¬ 
sating  for  the  Doppler  shift. 

The  antenna  employs  a  circular  patch-phased  array 
system  consisting  of  16  elements,  is  constructed  with  two 
faces,  and  is  used  by  switching  it  during  the  round-trip 
routes.  The  direction  of  the  azimuth  angles  is  controlled 
with  eight  phase  converters  to  carry  out  the  automatic 
tracking  based  on  a  step  system.  The  elevation  angle 
direction  is  not  tracked,  but  is  fixed  at  an  angle  of  25 
degrees.  The  width  of  3-decibel  beams  is  60  degrees  in 
the  direction  of  the  elevation  angle. 

Figure  3  shows  the  dependence  of  the  antenna  on  the 
azimuth  angle.  This  antenna  also  shows  the  amount  of 
received  and  fluctuated  electric  power  (standard  devi¬ 
ation).  The  azimuth  angle  from  127.4  to  150.6  degrees 
corresponds  to  the  departing  route  from  Narita  to 
Anchorage,  while  that  from  290.4  to  330.6  degrees 
corresponds  to  the  return  route  from  Anchorage  to 
Narita.  This  figure  indicates  that  the  fluctuation  of  the 
electric  power  signal  received  by  an  aircraft  is  very 
small.  However,  the  fluctuation  of  the  receiving  level 
during  the  departing  route  is  slightly  larger  than  that 
during  the  return  route.  It  is  believed  that  this  is  caused 
by  the  following  two  matters:  1)  antenna  beams  point 
in  the  direction  of  the  main  wings  of  the  aircraft,  and  2) 
phasing  phenomena  are  generated,  with  waves 
reflected  on  the  main  wings.  Similarly  to  the  ship- 
based  experiment,  basic  signal  transmission  character¬ 
istics  were  measured,  and  good  results  were  obtained. 

Experiment  Involving  Ground-Based  Mobile  Radio 
Communications 


The  basic  transmission  characteristics  of  message  com¬ 
munications  and  ACSSB  voice  communications  were 
measured  as  an  experiment  involving  ground-based 
mobile  radio  communications. 

Measurement  of  Propagation  Characteristics 

Non-modulating  waves  of  1.5  gigahertz  were  sent  by  the 
ETS-V  to  cities  and  quasi-open  areas,  and  phasing  phe¬ 
nomena  were  measured  to  fully  utilize  the  measurement 
results  in  designing  the  circuits  of  ground-based  mobile 
radio  communications. 

Experiment  on  Message  Communications  Equipment 

This  system  is  used  to  exchange  character  messages 
between  the  base  station  and  portable  mobile  stations  by 
means  of  packet  communications  based  on  an  aloha 
system,  and  the  transmission  speed  is  100  bps.  Figure  4 
shows  the  results  of  measuring  the  bit  error  rate.  It  seems 
that  this  system  will  be  put  to  practical  use  because  an 
error  of  approximately  one  character  is  attained  with  a 
transmission  of  three  packets  ( 1 20  characters)  and  with  a 
C/No  of  about  34  decibel-hertz. 

Experiment  Involving  ACSSB  Communications 

The  ACSSB  communications  system  differs  from  the  con¬ 
ventional  SSB  one  with  respect  to  the  following  points:  1) 
voice  signals  are  compressed  and  expanded  at  the  respec¬ 
tive  transmitting  and  receiving  sides,  and  2)  pilot  signals 
are  added  and  transmitted  to  such  voice  signals  in  order  to 
synchronize  and  demodulate  them.  These  two  points 
modify  the  demodulation  characteristics  and  the  S/N  for 
the  auditory  sensation  of  voices.  Figure  5  shows  the  results 
of  measuring  C/No  in  comparison  to  S/N  by  placing  a 
device  on  a  carriage  while  moving  the  carriage.  It  can  be 
appreciated  that  the  measured  S/N  has  an  almost  linear 
relationship  to  C/No. 
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Figure  4.  BER  of  Message  Communications  System 
Key:  3.  Turn  of  C/L  translator 

1 .  Base  station  to  por-  4.  Portable  mobile  station  to 
table  mobile  station  base  station 

2.  Turn  of  ETS-V  5.  Turn  of  L/C  translator 


According  to  the  evaluation  of  the  this  system’s  auditory 
sensation  of  voices,  the  limit  of  speech  intelligibility  at 
C/No  is  45  decibel-hertz,  while  that  at  practical  use  is  48 
decibel-hertz. 


Experiment  Involving  Navigation  Aid  Utilizing 
ETS-V — Outline  of  Aircraft  Experiment 
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[Article  by  Kazuaki  Hoshinobi,  Akira  Ishide,  Michihiko 
Mitsugaki,  Mitsuhiro  Fujita,  Ken  Ito,  Minoru  Ito,  Kenji 
Niimi,  Hideomi  Nasu  and  Shuuji  Nishi  of  the  Electronic 
Navigation  Research  Institute,  Ministry  of  Transport] 

[Text]  1.  Preface 

The  Electronic  Navigation  Research  Institute  [ENRI], 
Ministry  of  Transport,  is  currently  conducting  experi¬ 
ments  involving  navigation  aids  using  the  ETS-V,  a 
Beechcraft  B99  (ENRI’s  aircraft  for  these  experiments), 
and  a  JAL  Boeing  747  cargo  transport  in  order  to 
develop  the  position  measuring  technology,  satellite 
communications,  etc.,  necessary  as  navigation  aids  for 
ships  on  the  sea  and  air  traffic  control  conducted  on  the 
sea. 


C/No  (dBHz) 


Figure  5.  ACSSBC/No  to  S/N  Characteristics 

Key: 

1.  L/C  line 

2.  Measurement  of  movement  of  L/C  line 
(0. 1  sec  on  average) 

3.  C/L  line 

4.  Theoretical  characteristics 


This  report  outlines  the  experiments  we  conducted  in 
Japan  using  the  B99  as  well  as  the  results  of  our  experi¬ 
ments  employing  the  Boeing  747  on  the  North-Pacific 
Air  Route. 

2.  Outline  of  Experiments 

Experiments  have  been  conducted  by  using  repeaters, 
the  AMEX  mounted  on  the  ETS-V,  aircraft,  and  aero¬ 
nautical  and  coastal  earth  stations  installed  in  the  CRL’s 
[Communications  Research  Laboratory,  Ministry  of 
Posts  and  Telecommunications]  Kashima 
Branch.' 

These  experiments  are  conducted  by  using  the  Boeing 
747  on  the  North-Pacific  Air  Route  between  Narita  and 
Anchorage.  The  elevation  angle  of  the  satellite  has  a 
range  of  approximately  10  to  45  degrees. 

Figure  1  shows  the  flight  courses  of  the  B99  used  when 
the  experiment  was  conducted  in  Japan.  The  elevation 
angle  ofthe  satellite  is  40  to  50  degrees.  An  experiment 
involving  the  measurement  of  position  is  conducted  by 
using  a  pseudo  satellite  in  an  air  area  adjacent  to  the 
Boso  Peninsula. 

The  experimental  objects  included  data  transmission, 
the  measurement  of  range  and  position,  voice  transmis¬ 
sion  and  radio  wave  propagation. 

3.  Results  of  Experiments 

3.1  Change  in  Frequency  and  Receiving  Level 
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Figure  1.  Flight  Course  of  B99 


Key. 

1 .  Wakkanai 

2.  Asahikawa 

3.  Sapporo 

4.  Aomori 

5.  Akita 

6.  Niigata 

7.  Sendai 

8.  Izumo 


9,  Chofu 

10.  Kashima 

1 1 .  Oshima 

12.  Kushimoto 

13.  Kagoshima 

14.  Kochi 

15. Tanegashima 

1 6.  Tokunoshima 

17.  Ishigakijima 


The  basic  data  relate  to  the  fluctuation  of  frequency  and 
that  of  the  receiving  level  during  flight.  Figure  2  shows 
the  results  of  measuring  the  frequency  and  the  level  of 
the  signals  transmitted  from  an  aircraft  flying  on  the 
North-Pacific  Air  Route  to  the  IF  bands  of  the  aeronau¬ 
tical  and  coastal  earth  stations.  The  sampling  interval  is 
1.7  seconds,  and  the  elevation  angle  of  the  satellite  is 
within  the  range  of  12  to  36  degrees.  The  maximum 
fluctuation  of  the  signal  level  in  a  short  time  is  approx¬ 
imately  3  decibels,  and  the  signal  level  is  changed  by  5  to 
6  decibels  during  the  overall  route.  When  using  the 
Boeing  747,  the  maximum  change  in  frequency 
according  to  the  Doppler  effect  is  approximately  1.3 
kilohertz. 

The  existence  or  nonexistence  of  sea  clutters  has  been 
confirmed  by  using  a  multipath  measuring  device 
employing  spread  spectrum  signals.  Figure  3  shows  an 
example  of  measuring  the  multipath  relative  electric 
power  against  the  delay  time.  This  measurement  was 
carried  out  in  the  vicinity  of  an  elevation  angle  of  16 
degrees  when  flying  from  Anchorage  to  Tokyo.  This 
example  indicates  that  the  power  ratio  between  direct 
waves  and  sea  clutters  is  approximately  12  decibels.  The 
amount  of  delay  from  the  direct  waves  is  about  16 


1. 


3  g*  3  2*’  2  4*  17*  IfiMWft  4. 

Figure  2.  Change  of  Signal  Level  and  Frequency 
(Boeing  747) 

Key: 

1 .  Frequency  deviation  3.  Time  (min) 

(Hz)  4.  Elevation  angle  of  satellite 

2.  Level  (dBm) 
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Figure  3.  Example  of  Measurement  of  Multi-Pulse 
Electric  Power  Against  Delay  Time 

Key: 

1.  Relative  level  (dB)  3.  Multi-pulse 

2.  Direct  wave  4.  Delay  time  (microseconds) 


microseconds,  which  is  in  good  agreement  with  the  delay 
calculated  from  the  elevation  angle  and  altitude  of  the 
aircraft. 

Figure  4  shows  an  example  of  the  change  in  frequency 
and  signal  levels  received  at  the  aeronautical  and  coastal 
earth  stations  when  experiments  were  conducted  using 
the  B99.  This  example  was  obtained  from  measuring  the 
frequency  and  level  on  a  flight  from  Sendai  to  Niigata, 
Aomori,  Sapporo,  Asahikawa  and  Wakkanai.  A  portion 
of  the  example  shows  the  frequency  and  level  changing 
sharply  and  stepwise.  This  portion  refers  to  a  point  at 
which  the  flight  direction  was  changed  by  switching  the 
antenna.  The  change  level,  as  a  whole,  is  7  to  8  decibels. 
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Figure  5.  DifTerence  Between  Results  of  Experiment 
on  Measurement  of  Relative  Position  and  Value  of 
Measurement  of  GPS  Position 

Key: 

1.  Difference  in  position  (m) 

2.  Average  difference  =  343  m 

3.  rms  of  difference  =  1 38  m 

4.  Time  (minutes) 


Figure  4.  Change  in  Signal  Level  and  Frequency  (B99) 


Key:  6.  Akita 

1.  Frequency  deviation  (Hz)  7.  Aomori 


2.  Level  (dBm) 

3.  Turning 

4.  Sendai 

5.  Niigata 


8.  Sapporo 

9.  Asahikawa 

10.  Wakkanai 

11.  Time  (minutes) 


The  Doppler  effect  is  a  maximum  of  approximately  350 
hertz,  because  the  speed  is  about  one-fourth  that  of  the 
Boeing  747. 

3.2  Range  and  Position  Measuring  Characteristics 

An  experiment  involving  position  measurements  was 
carried  out  by  using  pseudo  satellites  and  the  B99  within 
a  range  that  could  be  seen  from  the  aeronautical  and 
coastal  earth  stations  in  which  these  pseudo  satellites 
were  set. 

Figure  5  shows  the  difference  between  the  position 
obtained  from  an  experiment  on  the  relative  measuring 
position  and  that  obtained  from  the  global  positioning 
system  [GPS].  This  difference  is  800  meters  or  less. 

3.3  Data  Transmitting  Characteristics 

The  BPSK  and  bit  error  rate  [BER],  according  to  the  PM 
system,  are  measured  as  data  transmitting  characteris¬ 
tics. 

Figure  6  shows  the  BER  characteristics  during  flight  as 
obtained  by  the  aeronautical  and  coastal  earth  stations. 
The  reason  for  the  more  serious  deterioration  of  the  B99 
in  comparison  to  the  Boeing  747  in  regard  to  the  BPSK 
is  that  the  influence  of  HPA  on  the  B99  seems  to  be 
greater  than  that  on  the  747. 


Key:  3.  BPSK  (no  FEC) 

1 .  Bit  error  rate  4.  PM  (existence  of  FEC) 

2.  BPSK  theoretical  value  5.  PM  theoretical  value 


3.4  Voice  Transmitting  Characteristics 

An  experiment  involving  voice  transmissions  has  been 
conducted  by  using  articulation  test  tapes,  narrow  band 
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frequency  modulation  [NBFM]  and  linear  predictive 
coding  [LPC]  methods  of  4.8  and  2.4  kilobits/second 
[kbps]. 

4.  Postface 

We  have  outlined  the  results  obtained  from  experiments 
on  navigation  aids  conducted  by  using  the  ETS-V  and 
aircraft.  We  acknowledge  our  appreciation  to  concerned 
persons  at  the  CRL,  NASDA  and  JAL.  We  would  also 
like  to  express  our  gratitude  for  the  cooperation 
extended  relevant  to  the  operation  of  the  B99. 
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Experiment  on  Mobile  Radio  Satellite 
Communications,  Conducted  by  KDD  Using 
ETS-V — Outline  of  Results  of  Experiments  Involving 
Communications  Between  Ships  and  Aircraft 

4306501 3e  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  AND  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88  No  3A19 
pp  578-579 

[Article  by  Yutaka  Yasuda  and  Yoshio  Karasawa  of  Meguro 
Research  Institute,  Kokusai  Densin  Denwa  Co.,  Ltd.] 

[Text]  1.  Preface 

Kokusai  Densin  Denwa  Co.,  Ltd.  [KDD]  is  conducting 
an  experiment  on  communications  between  ships  and 
aircraft  as  a  part  of  the  experiments  on  mobile  radio 
satellite  communications  [EMSS]  currently  being  con¬ 
ducted  utilizing  Japan’s  ETS-V  and  being  promoted  by 
the  Ministry  of  Posts  and  Telecommunications.  This 
paper  outlines  this  experiment. 

2.  Basic  Configuration  of  Experimental  System 

A  ship-based  earth  station  and  an  aircraft-based  earth 
station  are  prepared  for  vehicles,  the  four  kinds  of  digital 
communications  devices  shown  in  Table  1  are  connected  to 
these  stations,  and  experiments  involving  communications 


related  to  voice,  images,  facsimile  machines,  personal  com¬ 
puters,  etc.,  are  conducted  at  the  stations.  As  shown  in  Table 
2,  a  circular  batch  antenna  for  receiving  only,  as  well  as  two 
kinds  of  ship  antennas  (parabolic  and  short  backfire 
antennas)  and  an  aircraft  phased  array  antenna  consisting  of 
nine  elements,  is  used  for  the  vehicles.  The  Communica¬ 
tions  Research  Laboratory  [CRL]’s  Kashima  coast,  an  aero¬ 
nautical  earth  station’s  antenna  and  RF-based  facilities  are 
for  common  use  on  the  ground  side  (C-band  system),  and 
the  digital  communications  devices  shown  in  Table  1  are 
connected  with  the  IF  band. 


Table  1. 

Basic  Parameters  of  Communications  Equipment 


Type 

Type  I 

Type  II 

Type  III 

Type  IV 

Information 

transmission 

speed 

64kbit/s 

16kbit/s 

16/9.6 

kbit/s 

4.8kbit/s 

FEC 

Rate  1/2 

Rate  1/2 

Rate  1/2, 
3/4 

Rate  1/2 

Viterbi 

Viterbi 

Viterbi 

Viterbi 

Modulation 

system 

QPSK 

QPSK 

QPSK/ 

OQPSK 

QPSK 

Communications 

speed 

128kbit/s 

36kbit/s 

24kbit/s 

13.2kbit's 

Voice  coding 
system 

- 

APC 

APC- 

MLQ 

RELP 

Terminal 

connection 

1NVITE64 

(visual 

telephone 

set) 

Voice 

telephone 

set, 

facsimile 

machine, 

personal 

computer 

Voice 

telephone 

set, 

facsimile 

machine, 

personal 

computer 

Voice 

telephone 

set, 

facsimile 

machine, 

personal 

computer 

Connecting  RF 
device  (name  of 
antenna) 

85-cm 

parabolic 

antenna 

85-cm 

parabolic 

antenna 

85-cm 

parabolic 

antenna 

85-cm 

parabolic 

antenna 

40-cm 

SBF 

4()-cm 

SBF 

40-cm 

SBF 

40-cm 

SBF 

9-element 

patch 

array 

9-element 

patch 

array 

9-element 

patch 

array 

9-element 

patch 

array 

Note)  OQPSK:  Offset  QPSK;  SBF:  Short  backfire 


Table  2. 

Data  on  Mobile  Earth  Station/RF-Type  Facility 


Item 

Ship-based  earth  station 

Aircraft- 
based  earth 
station 

Mobile 

receiving 

station 

High  gain 
antenna 

Interme¬ 
diate  gain 
antenna 

Interme¬ 
diate  gain 
antenna 

Low  gain 
antenna 

Antenna 

type 

85-cm 

parabolic 

antenna 

40-cm  SBF 

9-element 
patch  array 

Circular 

patch 

Antenna 

gain 

21  dBi 

15  dBi 

1 1.5  (trans¬ 
mitting)/!  3 
(receiving) 
dBi 

7  dBi 
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Table  2. 

Data  on  Mobile  Earth  Station/RF-Type  Facility 
(Continued) 


Item 

Ship-based  earth  station 

Aircraft- 
based  earth 
station 

Mobile 

receiving 

station 

G/T 

-4dBK 

-lOdBK 

-13  dBK 

-19  dBK 

e.Kr.p. 

32  (31) 
dBW 

27  dBW 

25  dBW 

— 

Homing 

system 

4-axiaI 

control 

2-axial 

Ar-El 

system 

Beam 

scanning 

Nil 

Step 

tracking 

Program 

tracking 

Program 

tracking 

Note)  Class-C  during  use  of  HPA,  32  dBW;  Class-A  during  use  of 
HPA,  31dBW  _ 


3.  Outline  of  Experimental  Results 

Experiment  Involving  Ship  Communications 

An  experiment  involving  ship  communications  was  con¬ 
ducted  by  using  a  small  ship  with  a  gross  tonnage  of  700 
tons  (shown  in  Photograph  1  [not  reproduced])  on  a 
round-trip  course  between  Shimizu,  Shizuoka  Prefec¬ 
ture,  and  Ogasawara,  Tokyo,  from  3  to  9  July  1988.  In 
this  experiment,  the  ship’s  antenna  was  only  slightly 
affected  by  phasing  phenomena,  satellite  link  character¬ 
istics  were  obtained  as  almost  circuit-designed,  and 
stable  telecommunications  lines  were  set  because  the 
elevation  angle  of  the  ship’s  antenna  was  50  to  60 
degrees.  The  experiment  was  conducted  by  using  all  the 
communication  devices  shown  in  Table  1.  Visual  tele¬ 
phone  communications  were  carried  out  by  using  an 
image  transmitting  system  (INVITE  64)  of  64  kilobits/ 
second  at  between  the  Kashima  Ground  Station  and  a 
ship  at  sea,  and  satisfactory  results  were  obtained.  Table 
3  shows  an  example  of  the  circuit  design  of  this  experi¬ 
mental  system,  and  Figure  1  shows  an  example  of 
measuring  the  BER  characteristics  of  the  communica¬ 
tions  device  (Type  I). 


Table  3. 

Example  of  Design  of  Ship  Communications  System  Line 
(Standard  A^ue  for  No  Phasing  Phenomenon) 
(Note:  Earth  station  setting  position:  Tokyo;  GES:  Coast 
aeronautical  earth  station;  SES:  Ship  earth  station  (inter- 
mediat^ain);  C/L  repeater:  Low  uain  mode  (satellite  gain 
166.2  d^;  L/C  repeater:  Intermediate  gain  mode  (satellite 
gain  165.1  dB)) 


GES  to  SES 

SES  to  GES 

Up  link 

Earth  station  e.i.r.p.  (dBW) 

63.0 

27.2 

Propagation  ioss  (dB) 

199.4 

188.2 

Absorption  loss,  etc.  (dB) 

0.2 

0.2 

Satellite  G/T  (dBK) 

-8.0 

-4.9 

Up  link  C/No  (dBHz) 

84.0 

62.5 

Down  link 

Satellite  e.i.r.p.  (dBW) 

32.6 

3.9 

Table  3.  (Continued) 


Propagation  loss  (dB) 

187.6 

198.2 

Absorption  loss,  etc.  (dB) 

0.2 

0.2 

Earth  station  G/T  (dBK) 

-10.0 

33.7 

Down  link  C/No  (dBHz) 

60.4 

67.8 

Comprehensive  C/No  (dBHz) 

60.4 

61.4 

Required  C/No*  (dBHz) 

54.1 

54.1 

Margin  (dB) 

6.3 

7.3 

•  64  Kbit/s  at  transmission  of  information  (target,  BER  =  1 0"^) 
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Link  :  GF.S  lo  SES 
Model  :  Type  1 
PEC  :  Rale  l/Z 


rEs  :  Enersy  per 

Iransaission  bit 
^No  :  Noise  speetrua  density 


Figure  1.  Example  of  Error  Rate  Characteristics  of 
Communications  Equipment  with  64  Kbit/s 
(Ship  Experiment) 


In  this  experiment,  data  on  propagation  characteristics 
was  obtained  by  using  a  circular  batch  antenna  for 
receiving  signals  only.  Figure  2  shows  the  status  of  the 
receiving  level  fluctuations  of  the  intermediate  gain 
antenna  (40  cm  SBF)  and  the  batch  antenna.  A  sea 
clutter  phasing  phenomenon  of  4  decibels  (value  of  50  to 
99  percent)  was  observed  from  the  wide-beamed  batch 
antenna. 


Figure  2.  Example  of  Propagation  Characteristics 
Obtained  from  Use  of  Circular  Patch  Antenna 
(Ship  Experiment) 

Key:  1.  Patch  antenna 
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Experiment  Involving  Aircraft  Communications 

Since  late  August,  an  experiment  on  aircraft  commu¬ 
nications  (voice,  facsimile  machine,  personal  com¬ 
puter,  etc.)  has  been  conducted  using  the  ETS-V’s  L/L 
repeater  (receiving  capacity:  1.6  gigahertz,  transmit¬ 
ting  capacity:  1.5  gigahertz),  a  communications  device 
(Type  III),  and  a  light  plane  (Cessna).  (See  Photograph 
2  [not  reproduced].)  The  eontents  of  this  experiment 
involved  the  Cessna  (landing  and  take  off  at  Chofu 
Airfield)  and  a  ship’s  intermediate  gain  antenna  being 
directed  toward  each  other.  This  antenna  is  installed  at 
KDD’s  Meguro  Research  Laboratory.  Table  4  shows 
an  example  of  the  design  of  an  experimental  commu¬ 
nications  circuit. 


Table  4. 

Example  of  Desmn  for  Line  Involving  Experiment  on 
L/L  Communications 

(Standard  Value  with  No  Phasic  Phenomenon) 
(Note:  Earth  station  setting  position:  Tokyo;  AES:  Aircraft 
earth  station;  SES:  Ship  earth  station  (intermediate  gain); 
L/L  repeater:  High  gam  mode  (satellite  gain  198.8  oB)) 


AES  to  SES 

SES  to  AES 

Up  link 

Earth  station  e.i.r.p  (dBW) 

25.0 

27.2 

Propagation  loss  (dB) 

188.2 

188.2 

Absorption  loss,  etc.  (dB) 

0.2 

0.2 

Satellite  G/T  (dBK) 

-4.9 

-4.9 

Up  link  C/No  (dBHz) 

60.3 

62.5 

Down  link 

Satellite  e.i.r.p.  (dBW) 

26.4 

28.6 

Propagation  loss  (dB) 

187.6 

187.6 

Absorption  loss,  etc.  (dB) 

0.2 

0.2 

Earth  station  G/T  (dBK) 

-10.0 

-13.0 

Down  link  C/No  (dBHz) 

57.2 

56.4 

Comprehensive  C/No  (dBHz) 

55.5 

55.4 

Required  C/No*  (dBHz) 

47.5 

47.5 

Margin  (dB) 

8.0 

7.9 

•  16  Kbit/s  upon  transmission  of  information  (target,  BER  -  10'^) 


4.  Postface 

We  have  outlined  KDD’s  ship  and  aircraft  communi¬ 
cations  experiments  utilizing  the  ETS-V.  From  the 
experiments,  it  has  been  confirmed  that  various  com¬ 
munications  systems  employing  voices,  images,  fac¬ 
simile  machines  and  personal  computers  function 
almost  as  planned  and  have  been  offered  to  users 
satisfactorily.  Finally,  we  acknowledge  our  appreeia- 
tion  to  the  relevant  personnel  at  the  Ministry  of  Posts 
and  Telecommunications  for  their  promotion  and 
arranging  of  the  EMSS  experiment. 


Scenario  of  Space  Station  Construction 

43065013/ Tokyo  PROCEEDINGS  OF  THE  32ND 
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pp  580-581 

[Article  by  Tsutomu  Iwata  of  the  National  Space  Devel¬ 
opment  Agency  of  Japan;  Masaya  Yamamoto,  Shunsuke 
Tanaka,  Toshihide  Maeda  and  Suguru  Nakajima  of 
Hitachi,  Ltd.] 

[Text]  1.  Preface 

The  advancement  and  development  of  mankind 
regarding  space  will  change  greatly  toward  the  21st 
century.  According  to  the  space  infrastructure  concept, 
mankind  is  attempting  to  send  such  spacecraft  as  orbital 
working  vehicles,  inter-orbital  transports  and  polar  orbit 
platforms  to  space  by  considering  the  space  station  as  the 
key,  and  to  use  space  in  a  manner  that  differs  from  the 
conventional  one.  Objects  used  by  mankind  in  space  are 
not  only  the  peripheries  of  the  earth,  but  also  the  moon. 
Mars,  and  small  planets.  The  following  is  a  scenario  of 
the  construction  of  a  future  space  station  that  will 
become  a  mainstay  of  the  space  infrastructure. 

2.  Functions  of  Future  Space  Station 

The  space  station  of  the  future  is  defined  by  the  fol¬ 
lowing  items  as  premises  for  studying  its  construction.  In 
other  words,  this  space  station  must  be  capable  of  the 
following  functions:  (1)  It  will  be  possible  for  humans  to 
stay  there  at  all  times.  (2)  It  will  be  possible  to  conduct 
scientific  and  engineering  experiments  there.  (3)  It  will 
be  possible  to  assemble  large  structures  there.  (4)  The 
space  station  will  have  a  hangar  for  OTVs  and  a  port  for 
OSVs.  (5)  It  will  be  possible  to  supply,  store  and  keep 
materials,  fuel,  etc.,  there.  (6)  It  will  be  possible  for 
humans  to  escape  from  it  in  an  emergency.  (7)  It  will  be 
possible  to  carry  out  such  services  as  repair,  supply  and 
replacement  of  spacecraft  in  it. 

3.  Study  of  Construction  of  Future  Space  Station 
3.1  Study  of  Cost  Factors 

Generally,  it  is  believed  that  the  costs  shown  in  Table  1 
are  required  for  the  development  and  operation  of  future 
spacecraft.  In  order  to  assemble  new  and  large  space 
structures  or  spacecraft,  it  will  be  necessary  to  minimize 
the  costs  related  to  the  realization  of  orbital  assembling 
processes. 


Table  1. 

Cost  of  Development  and  Operation  of  Spacecraft 


Development  cost 

Development  cost  of 
spacecraft  and  opera¬ 
tion  support  system 

Integration  cost 

Cost  of  integration 
with  rocket,  etc. 

Cost  of  assembly 
in  orbit 

Operation  cost  of 
space  robot,  etc. 
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Table  1. 

Cost  of  Development  and  Operation  of  Spacecraft 
(Continued) 


Launching  cost 

Cost  of  launching 
means 

Maintenance  cost 

Inspection,  replace¬ 
ment  of  parts,  supply 
of  consumables,  etc. 

Operation  cost 

Variable  cost 

Cost  of  communica¬ 
tions  link,  tracking 
control,  etc. 

Cost  of  installation 

Cost  of  ground  facili¬ 
ties,  depreciation,  etc. 

Orbital  services  cost 

Cost  to  replace  ORU, 
supply  propellant,  etc. 

Recovery  cost 

Cost  of  recovery, 
transportation,  ground 
support,  etc. 

Management  cost 

Management  cost  of 
launching  means, 
operation  means,  etc. 

Risk  cost 

Cost  of  launching, 
operation,  recovery, 
etc.,  risk 

Others 

Others 

The  following  are  required  if  spacecraft  are  to  assembled  in 
orbit  at  a  low  cost:  (1)  Clarification  of  mission  The  addition 
of  unnecessary  functions  to  the  space  station  will  increase 
the  cost  related  to  its  development,  launching  and  assembly. 

(2)  Increase  in  efficiency  of  mounting  work  for  launching 
means  Orbital  assembly  will  sharply  increase  the  degree  of 
freedom  of  the  system  configuration.  In  order  to  realize  low 
cost,  it  will  be  necessary  to  highly  efficiently  store  space¬ 
craft,  that  has  been  divided  into  sections,  in  the  cargo  bay 
and  fairing,  which  is  a  launching  means,  and  to  fully  utilize 
the  launching  capacity  (weight  on  board)  of  the  launching 
means.  The  storage  and  full  utilization  will  decreasing  the 
number  of  launching  means  and  will  lower  the  cost. 

A  matter  more  important  in  its  relation  to  mounting  work 
involves  studying  assembly  in  orbit  because,  even  if  a 
spacecraft  can  be  stored  with  high  efficiency,  if  many 
processes  are  required  to  conduct  the  assembly  in  orbit,  the 
cost  will  increase,  and  this  increase  will  become  negligible. 

(3)  Optimization  of  Division 

When  a  spacecraft  divided  into  two  or  more  sections  is 
launched,  it  will  become  necessary  to  adjust  the  interface, 
and  the  number  of  tests  conducted  during  the  development 
will  increase.  Therefore,  it  will  be  necessary  to  divide  such 
spacecraft  into  an  optimal  number  of  sections.  It  will  also  be 
necessary  to  take  the  assembly  sequence  in  orbit  into 
consideration. 

(4)  Precise  Scheduling 

It  will  be  necessary  to  devise  the  best  schedule,  extending 
from  the  launch  to  the  assembly  in  orbit,  by  taking  into 
consideration  the  processing  capacity  of  the  robots 
which  will  be  conducting  the  assembly  work  in  orbit,  the 


processing  ability  of  the  humans  who  will  be  operating 
and  monitoring  the  robots,  the  shade,  link  with  the 
ground,  etc. 

(5)  Ground  Test/Simulation  Technology 

Tests  and  simulations  of  large  space  structures  will  be 
conducted  by  using  their  miniaturized  models  because  it 
is  important  to  actually  use  large  space  structures  on  the 
ground  when  conducting  tests.  In  the  same  manner,  it  is 
necessary  that  testing  methods  and  the  simulation  of 
assembling  technologies  be  studied  on  the  ground. 

3.2  Elements  Constituting  Future  Space  Station 

Elements  which  will  constitute  the  space  station  of  the 
future  are  shown  below  based  on  the  previously- 
mentioned  premises: 

(1)  Pressurized  Modules 

Living  module,  experimental  module,  supply  section, 
escape  capsule,  and  module  to  serve  as  the  connection 
between  modules 

(2)  Large  Folding  Structures 

Solar  thermal  electric  conversion  facility,  solar  cell 
paddle,  radiator  and  various  antennas  with  large  aper¬ 
tures 

(3)  Structural  Materials 

Truss  (structural  member  and  contact  point);  folding  and 
fixed  types 

(4)  Space  Robots 

Truss-moving-type  and  space-moving-type  robots  for 
assembling  work 

(5)  Fuel  Supply  Tank  for  OTV  and  OSV 

(6)  Warehouse  for  ORU  Used  in  Space  Factories  and 
Platforms 

3.3  Study  of  Assembly  Method  in  Orbit 

Assuming  that  the  operation  of  the  future  space  station 
will  be  initiated  around  2005,  it  is  thought  that  JEM  will 
be  an  appropriate  base  for  the  assembling  conducted  in 
orbit. 

It  is  expected  that  the  following  technologies  will  be  used 
to  carry  out  the  assembly  work  conducted  in  space:  (1) 
Tele-operation  (2)  Tele-presence  (3)  Automatization/ 
autonomous  proper 

Even  if  the  robots  employing  these  technologies  can  be 
adapted  for  various  tasks,  if  the  time  required  for  the 
assembly  work  is  long,  the  cost  of  operating  these  robots 
will  increase.  Accordingly,  the  simpler  the  work  given  to 
them,  the  better  it  will  be.  Also,  it  will  be  necessary  that 
the  robots  carrying  out  the  assembly  work  in  orbit 
possess  the  following:  (1)  High-function  manipulator  (2) 
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A  number  of  working  arms  that  can  be  controlled  har¬ 
moniously  (3)  Advanced  sensors  (force,  torque,  visual 
sensation,  and  tactile  sensation)  (4)  Advanced  image 
processing  capability  (5)  Problem  solving  and  self- 
diagnosing  abilities  (6)  End  effectors  for  use  in  assem¬ 
bling,  welding  and  cutting 

4.  Postface 

We  have  studied  the  construction  of  the  future  space 
station  peculiar  to  Japan  mainly  from  the  standpoint  of 
reducing  the  construction  costs.  It  is  expected  that  the 
operation  of  this  space  station  will  begin  around  the 
beginning  of  the  21st  Century. 

In  the  future,  we  plan  to  study  the  working  contents  of 
robots,  their  frequency  of  use,  and  partial  modification 
of  missions  for  humans  and  robots,  as  well  as  further 
studying  technology  development  methods. 

Study  of  Space  Factories 

4306501 3g  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88.  No  3B2 
pp  582-583 

[Article  by  Tsutomu  Iwata  of  the  National  Space  Devel¬ 
opment  Agency  of  Japan;  Toshihide  Maeda,  Shunsuke 
Tanaka,  Masaya  Yamamoto  and  Suguru  Nakajima  of 
Hitachi,  Ltd.] 

[Text]  1.  Preface 

There  is  an  increasing  demand  for  the  use  of  conditions 
found  in  space,  such  as  high  vacuums  and  microgravity, 
in  addition  to  its  use  for  such  things  as  broadcasting, 
communications  and  meteorology.  Japan  is  also  plan¬ 
ning  to  conduct  experiments  by  using  spacecraft  and 
rockets,  such  as  a  space  flyer  unit  [SFU],  space  station 
and  advanced  technology  platform,  as  well  as  a  first 
material  processing  test  [FMPT]  utilizing  the  space 
shuttle. 

The  following  is  a  discussion  of  a  space  factory  from  the 
standpoint  of  its  functions  and  structure  assuming  that 
this  space  factory  will  be  developed  from  its  experi¬ 
mental  stage  and  that  the  mass  production  of  products  in 
space  will  be  started  around  2005  to  2010. 

2.  Outline  of  Space  Factory 

2. 1  Purpose  of  Space  Factory 

(1)  Some  materials  and  products  cannot  be  produced  on 
the  ground,  but  are  commercially  profitable.  Such  mate¬ 
rials  and  products  will  be  manufactured  in  a  space 
factory  utilizing  conditions  found  in  space,  such  a  micro¬ 
gravity  and  a  high  vacuum.  The  demand  for  these 
materials  and  products  has  been  anticipated,  to  some 
extent,  and  their  unit  prices  per  unit  weight  are  expected 
to  be  high.  When  products  are  manufactured  in  space, 
their  process  costs  can  be  reduced.  Therefore,  the  man¬ 
ufacturing  of  such  products  must  be  considered. 


(2)  It  is  preferable  to  process  and  manufacture  some  of 
the  materials  for  constructing  the  future  space  station, 
etc.,  some  of  those  supplied  during  the  construction 
work,  and  some  of  those  collected  from  the  lunar  surface 
in  space  since  the  costs  will  be  lower. 

2.2  Scale 

The  Japanese  platform-type  spacecraft  planned  to  be 
used  in  science  and  engineering  experiments  is  available 
in  two  types:  One  is  a  4-ton-class  SFU,  while  the  other  is 
an  8-ton-class  advanced  technology  platform. 

In  order  to  carry  out  large-scale  manufacturing  in  space, 
it  will  be  necessary  to  connect  platforms  with  each  other 
based  on  the  technologies  obtained  fromthe  platform- 
type  spacecraft  and  to  provide  larger-scale  platforms. 
The  establishment  of  assembly  technologies  in  orbit  will 
not  pose  any  problems  in  the  construction  of  large 
platform-type  spacecraft. 

Therefore,  we  will  assume  the  scale  of  the  space  factory 
to  be  approximately  1 6  to  50  tons. 

2.3  Operation 

First,  the  space  factory  must  be  an  unmanned  platform 
in  order  for  microgravity  to  be  satisfactorily  maintained 
over  a  long  period  of  time.  Therefore,  it  will  be  necessary 
to  completely  and  autonomously  automate  production 
systems  and  bus-based  equipment  by  adopting  artificial 
intelligence.  When  a  malfunction  occurs  in  a  space 
factory  system  and  the  system  cannot  be  recovered,  the 
overall  space  factory  or  a  portion  of  the  space  factory 
(module,  orbital  replacement  unit  [ORU],  etc.)  will  be 
towed  to  a  manned  platform  (space  station,  etc.)  for 
repair  or  will  be  repaired  by  using  an  orbital  service 
vehicle  [OSV]  and  a  manned  space  plane. 

All  materials,  products,  etc.,  to  be  mass  produced  will  be 
stored  in  space  factory  warehouses,  and  will  periodically 
be  dispensed  by  an  automated  inventory  management 
system.  In  the  same  manner,  consumables,  such  as 
secondary  batteries  and  fuel,  will  be  dispensed  in  orbit. 

2.4  Orbit 

Assuming  that  services  will  be  carried  out  in  orbit,  a 
common  orbit,  serving  as  the  base  for  the  OSV,  etc.,  is 
desired,  and  space  stations  will  become  the  bases  for 
various  services. 

3.  Study  of  Space  Factory  Systems 

The  following  two  items  have  been  set  as  mission  models, 
and  systems  have  been  studied  as  to  profitability,  etc.:  (1) 
The  manufacturing  of  bio-materials  according  to  cell  culture 
and  segregating  formation  (2)  The  manufacturing  of  single 
crystals  of  compound  semiconductors 

It  is  believed  that,  as  shown  in  Figure  1,  the  space  factory 
can  be  divided  into  three  modules  by  taking  expansi¬ 
bility  and  common  use  for  initial-type  platforms  into 
consideration.  The  mission  module  consists  of  a  mission 
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Key: 

1.  Mission  module 

2.  Resource  module 

3.  Propulsion  module 

4.  Mission  system 

5.  System  comprehensive  control  system 

6.  Structure  system 

7.  Payload  carrier 

8.  Data  processing  system 


9.  Mechanism  system 

10.  C  &  DH  system 

1 1 .  Propulsion  system 

1 2.  Guidance  attitude  control  system  (including  RVD  system) 

1 3.  Thermal  control  system 

14.  Power  source  system 

1 5.  Attitude  control  system 

1 6.  Manufacturing  support  system 


Figure  2.  Mission 

Key: 

1.  Mission  system 

2.  Electric  I/F 

3.  Other  systems 

4.  Control  unit 

5.  Warehouse  for 
defective  goods 

6.  Warehouse  for  raw 
materials 


System  Configuration 

7.  Manufacturing  unit 

8.  Inspection  unit 

9.  Warehouse  for  products 

10.  Thermal  I/F 

1 1 .  Mechanical  I/F 

12.  Cooperative  control  unit 


system,  which  carries  out  missions,  and  a  payload  carrier 
for  mounting  the  mission  system.  Figure  2  shows  a 
mission  system  configuration. 


The  mission  system  will  be  equipped  with  ORUs  and 
will  be  located  on  the  payload  carrier.  Before  positioning 
this  mission  system,  it  will  be  necessary  to  study  the 
configuration  so  that  materials  can  be  readily  transferred 
between  the  ORUs.  The  main  subsystems  are  equipped 
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with  ORUs.  As  has  been  studied  for  use  in  JEM,  we  have 
adopted  a  method  involving  the  direct  transferral  of 
materials  among  the  ORUs,  not  one  in  which  small 
ORUs  are  stored  in  large  ORUs.  Figure  3  shows  a  sketch 
of  the  space  factory. 

4.  Outline  of  Operation 

The  operation  profile  of  the  space  factory  is  outlined  as 
follows:  (1)  Range  maintenance  (2)  Launching  and 
injecting  into  orbit  (3)  Establishment  of  attitude, 
unfolding  a  portion  of  the  solar  cell  paddle,  establishing 
line  with  data  relay  satellite,  and  determining  autono¬ 
mous  orbit  according  to  global  positioning  system  [GPS] 
(4)  Assembly  in  orbit  and  testing  of  functions  (5)  Com¬ 
plete  unfolding  of  solar  cell  paddle  and  radiator  (6) 
Establishment  of  microgravity  (7)  Start  of  manufac¬ 
turing  (8)  Holding  (9)  Orbital  service  (10)  Repetition  of 
items  (6)  to  (9)  (1 1)  Periodic  maintenance 

5.  Postface 

We  have  described  the  results  of  studying  the  main 
functions  and  configuration  of  the  50-ton-class  space 
factory  expected  to  be  realized  early  in  the  21st  century. 
In  the  future,  we  plan  to  further  study  technical  devel¬ 
opment  methods  in  particular,  with  the  aim  of  realizing 
the  space  factory. 

Design  of  Jupiter  Probe  System  Using  Space  Station 

430650I3h  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88.  No  3B3 
pp  584-585 

[Article  by  Tatsuaki  Takai,  Eiji  Nakagawa  and  Toru 
Nakano  of  NEC  Corporation] 

[Text]  1.  Preface 

Various  spacecraft  based  on  a  space  station  project  have 
been  proposed  in  accordance  with  its  anticipated  char¬ 
acteristics  (e.g.,  co-orbital  platform).  We  have  studied  a 
planet  probe  system  based  on  a  space  station  so  that 
experiments  can  be  conducted  using  this  spacecraft 
concept,  and  the  following  is  a  report  of  the  planet  probe 
system.  The  Jupiter  probe  has  been  regarded  as  a  target 
since  Voyager  and  Galileo  exist  as  actual  models,  facili¬ 
tating  the  carrying  out  of  studies  and  making  of  compar¬ 
isons.  Other  planet  probe  missions  can  be  studied  in  the 
same  way. 

2.  Merits  of  Space  Station  Base 

The  following  are  advantages  gained  by  regarding  this 
kind  of  probe  system  as  a  space  station  base: 

a)  The  loosening  of  restrictions  on  payload  weight 
according  to  the  performance  of  the  probes  to  be 
launched 

In  the  planet  probe  system,  it  is  necessary  to  obtain  a 
certain  speed  in  order  to  separate  from  the  gravisphere. 


which  includes  the  weight  range  of  the  probes  to  be 
launched,  and  to  distribute  the  weight  of  the  propellant 
required  by  these  probes  to  reach  the  intended  planet 
orbit.  Therefore,  when  the  performance  of  the  rocket  to 
be  launched  is  determined,  the  absolute  upper  limit  of 
the  weight  of  the  probe  will  also  be  determined.  Short¬ 
ening  the  arrival  period  or  increasing  the  AV  capability 
will  bring  about  an  increase  in  the  amount  of  propellant 
required,  and  will  require  the  weight  of  the  probe  to  be 
reduced.  The  AV  capability  enables  humans  to  diversify 
the  observation. 

If  it  is  possible  to  individually  launch  a  probe  proper  and 
a  booster  for  separating  from  the  gravisphere  and  for 
operating  the  Jupiter  sphere  maneuver,  and  to  assemble 
them  in  orbit,  the  payload  will  be  increased  by  making 
the  booster  a  multistage  one.  Figure  1  shows  the  relation¬ 
ship  between  the  payload  weight  and  the  amount  of 
propellant  in  the  following  two  cases  by  means  of  a 
simple  comparison.  One  case  involves  the  H-II  rocket 
being  launched  and  injected  once  into  a  mission  orbit 
based  on  the  fact  that  an  8,000  kg  (=  weight  of  probe 
proper  +  that  of  booster)  space  station  would  be  possible 
to  inject  into  orbit,  while  the  other  case  involves  a  probe 
proper,  launched  separately,  being  installed  on  a  booster 
weighing  8,000  kg. 


Figure  1.  Relationship  Between  Speed  Increase  and 
Weight  of  Probe  According  to  Launch  System 

Key: 

1 .  Amount  of  speed  increase  (km/sec) 

2.  In  the  case  of  H2/LOX  (Isp  is  approx,  equal  to  440  sec) 

3.  Mass  ratio  of  booster  is  200 

4.  Probe 

5.  Booster 

6.  Payload  weight  x  (ton) 


b)  Flexibility  of  configuration 

The  aperture  of  the  Voyager  antenna  shown  in  Figure  2 
is  restricted  by  the  fairing,  and  is  approximately  3.7 
meters.  This  fact  restricts  the  performance  of  the  tele¬ 
communications  lines.  The  folding-type  mesh  antenna 
shown  in  Figure  3  is  used  in  the  Galileo,  and  the  aperture 
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of  the  antenna  is  4.8  meters.  If  it  becomes  possible  to 
transport  antennas  divided  into  sections  and  to  assemble 
them  on  a  space  station,  large,  highly-accurate  dishes  can 
be  used.  The  observation  platform  and  supporting  boom 
of  the  radioisotope  thermoelectric  generator  [RTG] 
have,  so  far,  been  folding  types,  but  if  they  can  be 
assembled  instead,  their  shapes  will  be  advantageous  in 
terms  of  rigidity,  strength,  etc.,  and  the  folding  mecha¬ 
nism  will  not  be  necessary. 


Figure  2.  Voyager  Spacecraft  from  NASA  SP-420 


Figure  3.  Galileo  Spacecraft  from  NASA  SP-479 


c)  Rise  in  reliability 

It  is  possible  for  humans  to  conduct  the  final  inspection, 
in  orbit,  of  a  probe  which  has  been  assembled  in  a  station 
and  to  keep  it  linked  with  the  space  station  at  all  times. 
Therefore,  compared  with  the  conventional  orbital 
inspection,  it  will  be  possible  to  check  such  probes  more 
flexibly  and  effectively. 

d)  Flexibility  of  operation  of  injection  into  mission  orbit 

Conventional  probes  have  had  low  flexibility  of  the  SOE, 
from  launching  to  injection  into  mission  orbit,  due  to  the 
ground  station  visibility  characteristics,  etc.,  of  the 
parking  orbit.  This  lowness  restricts  the  launch  window 


for  the  parking  orbit  separation  to  one  which  satisfies  the 
relationship  between  the  positions  of  Jupiter,  the  Earth 
and  the  required  probe.  However,  when  the  space  station 
base  is  used,  the  visible  range  restriction  on  the  earth 
station  can  be  ignored  by  giving  the  injection  and  oper¬ 
ation  control  to  the  space  station.  Also,  only  conditions 
needed  to  rendezvous  with  the  space  station  will  be 
required  in  the  case  in  which  the  rocket  is  launched  from 
the  ground.  Accordingly,  if  it  is  possible  to  ensure 
assembly  in  orbit  and  the  time  margin  for  the  final 
inspection,  the  period  for  launching  from  the  ground  can 
be  determined  on  a  relative  and  flexible  basis. 

3.  Conclusion 

The  above-mentioned  concept  presents  a  technical  pos¬ 
sibility  that  can  be  studied  now,  but  involves  many  items 
that  should  be  investigated  in  order  to  evaluate  the 
merits  and  feasibility  of  this  concept.  However,  when  a 
sample  return  and  a  manned  mission  are  assumed, 
significant  advantages  can  be  realized  by  constructing  a 
system  employing  a  space  station. 

Extravehicular  Activity  Discussed 

430650131  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  <6  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88,  No  3B7 
pp  592-593 

[Article  by  Noriyoshi  Aral  and  Kazuhiko  Kamezaki  of 
the  National  Space  Development  Agency  of  Japan; 
Kazuhiro  Aizawa  and  Katsumi  Fushiki  of  Ishikawajima- 
Harima  Heavy  Industries  Co.,  Ltd.] 

[Text]  I.  Preface 

Extravehicular  activities  [EVAs]  inside  and  outside  the 
living  area  of  the  space  station  are  required  for  the 
construction,  operation  and  maintenance  of  the  space 
station  [S/S]  and  the  Japanese  experimental  module 
[JEM]. 

Such  EVAs  are  indispensable  for  the  operation  and 
maintenance  of  the  JEM’s  exposed  facility  [EF]  since 
missions  under  exposed  environmental  conditions  are 
being  considered  for  the  EF.  This  paper  reports  the  EVA 
concept  and  results  of  preliminary  designs  corre¬ 
sponding  to  EVA  to  be  used  in  the  development  of  EFs. 

2.  Outline  of  EVA 

2. 1  Development  of  EVA  System 

Leonov  was  the  first  ever  to  participate  in  EVAs  when 
the  Soviet  Union  launched  Vostok-2  in  1965.  This  was 
a  demonstration,  with  the  United  States  beginning 
full-scale  EVAs  during  Project  Gemini.  Subsequently, 
lunar  activities,  lasting  for  12  hours,  were  undertaken 
by  Project  Apollo,  orbital  experiments  for  full-scale 
EVAs  were  conducted  repeatedly  by  Project  Skylab, 
and  an  EVA  system  was  put  to  practical  use  in  the 
space  shuttle  project. 
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The  main  elements  comprising  the  development  of  the 
EVA  system  are  the  space  suit,  extravehicular  mobility 
unit  [EMU],  extravehicular  excursion  unit  [EEU],  etc., 
and  in  the  S/S,  their  operational  costs  must  be  low,  their 
activities  high  and  their  maintenance  and  inspection  in 
orbit  simple.  The  EVA  system  for  the  shuttle  [STS]  is 


Table  1.  Comparison  of  Conditions  Required  in  Design 
of  STS  EMU  and  Those  Required  for  Design  of  S/S 
EMU 
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Key: 

1 .  Orbiting  period 

2.  EVA  frequency 

3.  EVA  time  (hours) 

4.  Check-out 

5.  Means  of  supplying 
EMU 

6.  Orbital  maintenance 
ofEMU/MMU 

7.  3  to  7  days 

8.  Manual 

9.  Manual  supply 

10.  Very  limited 
contents  only 

1 1 .  Bearing  lubrication 

12.  Removal  of  malfunc¬ 
tioning  products 

1 3.  Visual  inspection  of 
malfunctioning 
products 

14.  90  days  to  1  year 

15.  3  times/week 

16.  39  times/90  days  to 
1 56  times/year 


1 7.  Automatic 

1 8.  Automatic  supply 

1 9.  Modularization  and 
replacement  of  every 
module 

20.  Regular  replacement 

21.  Irregular  replacement 

22.  Adjustment  of  size 

23.  Automatic  detection  and 
indications  of  problems 

24.  Lightening 

25.  Lengthening  of  working 
life 

26.  Increase  in 
maneuverability 

27.  Increase  in  mounting 
speed 

28.  Decreasing  pressure 

29.  Raising  resistance  to 
debris 

30.  Automatic  checking  of 
systematization 

3 1 .  Reduction  in 
developmental  cost 


going  to  be  modified.  Table  1  compares  the  EMU 
functions  of  the  STS  and  those  of  the  S/S  which  are  based 
on  the  STS  EMU  functions. 

2.2  EVA  Required  in  S/S 

Many  EVAs  are  required  in  the  S/S,  as  is  the  construction 
and  operation  of  the  ground-based  experimental  facilities 
from  the  standpoint  of  space  experimental  facilities.  Com¬ 
pared  with  the  contents  of  EVAs  in  the  STS,  many  of  those 
of  the  [S/S]  EVAs  are  varied  and  complex.  In  addition,  the 
EVAs  in  the  S/S  require  long  working  times.  In  order  to 
satisfy  these  requirements,  the  following  has  been  planned: 
the  pressure  in  the  space  suit  must  be  57.3  KN  or  more  per 
square  meter  so  that  the  EVAs  can  be  started  promptly, 
within  30  minutes,  by  using  the  EMU  in  the  S/S,  in  addition 
to  the  functions  shown  in  Table  1.  Also,  with  regard  to  the 
EVA  contents,  construction  support  of  the  S/S,  maintenance 
(240  man-hours/year),  experimental  support  (280  man¬ 
hours/year),  and  emergency  measures  for  the  S/S  (104 
man-hours/year)  are  planned  for  the  initial  phase  of  the  S/S. 

3.  S/S  EVA  System  and  JEM’s  EVA 

Table  2  shows  the  configuration  of  the  EVA  system  in  the 
S/S  and  the  developmental  allotments  of  the  JEM  being 
planned.  It  is  necessary  to  design  and  study  a  portion  of  the 
EVA  system  since  the  JEM  will  receive  EVA  services. 
Specifically,  it  will  be  necessary  to  carry  out  the  design  for 
the  transfer  of  EVA  crewmen  and  support  equipment  and 
materials,  as  well  as  the  design  to  ensure  the  safety  of  those 
EVA  crewmen  while  at  work.  A  test  of  these  EVA  systems  is 
scheduled  to  be  conducted  in  a  Japanese  water  tank,  and  the 
performance  of  the  EVA  systems  is  scheduled  to  be  verified. 
In  addition,  EVAs  will  be  undertaken  by  Japanese  crewmen 
to  be  launched  in  a  satellite  in  the  future. 


Table  2. 

Partial  Allotments  for  Development  of  JEM 
in  S/S  EVA  System 


Contents  of  S/S  EVA  System  Configuration 

Partial  Allotments  for 
Development  of  JEM 

1.  EMU/MMU/supporting  unit 

Nil 

2.  Maintenance  and  inspection  system  of 
EMU/MMU/supporting  unit 

Nil 

3.  Supply  system 

Nil 

4.  Communications  system  with  crewmen 

Nil 

5.  Crewman  tracking  system 

Nil 

6.  Offering  of  services 

* 

7.  Crewman  rescue  system 

Nil 

8.  Environment  monitoring  system 

Nil 

9.  Air  lock  system 

Nil 

10.  Transfer/movement  system 

• 

11.  Illumination 

* 

1 2.  Arresting  tools 

* 

13.  Tools  and  support  equipment 

* 

•  shows  the  existence  of  partial  allotments  for  the  development 
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4.  Design  Corresponding  to  EVA  of  JEM’s  EF 

4.1  Contents  of  JEM’s  EF  EVA  Task 

The  following  items  can  be  cited  as  EVAs  in  the  EF:  1) 
the  initial  assembly  of  the  EF  and  pressure  module  [PM], 
2)  replacement  of  orbital  replacing  unit  [ORU]  when 
orbital  manipulator  is  malfunctioning,  and  3)  removal  of 
failures  from  extravehicular  excursion  unit  [EEUj. 
Figure  1  shows  an  example  of  this  EVA  concept. 


Figure  1.  Removal  of  Problems  Involving  EEU  and  EVA 


4-2  Design  Items  for  JEM’s  EF 

The  design  items  corresponding  to  EVAs  can  be  broadly 
classified  into  two  categories:  one  is  the  design  and  study 
involving  the  receiving  of  EVA  services,  and  the  other  is 
the  design  of  facilities  necessary  for  the  above  design  and 
study.  Table  3  shows  the  contents  of  these  items. 


Table  3. 

Design  Items  Corresponding  to  JEM’s  EVA 


Study  of 
Design 

EVA  access  route 

Access  route  and  route 
safety 

Adaptability  of  working  envi¬ 
ronment  and  its  verification 

Working  space, 
illumination,  etc. 

Adaptability  of  contents  of 
work  and  its  verification 

Weight  to  be  used  and 
capacity 

Working  time,  sup¬ 
port  equipment,  etc. 

EVA  working  procedure 
manual  and  its  verification 

Hardware 

design 

Installation  of  arresting  tools 
for  portable  foot  restraints 

Hand  rail/hand-held  tools/ 

(drill  adapter,  etc.) 

Tether  fixture 

For  example,  when  EVA  crewmen  use  screwdrivers  to 
remove  payloads  under  null  gravity  environmental  con¬ 
ditions,  they  will  be  rotated  along  with  the  payloads 
unless  they  are  able  to  fix  their  feet.  Accordingly,  foot 
fixings,  etc.,  are  very  important  for  the  EVA  work. 

5.  Postface 

The  JEM  represents  the  first  EVA  in  Japanese  space 
development.  It  is  necessary  to  study  the  following  items 


further,  including  verifying  the  EVAs  in  the  JEM,  before 
asking  NASA  for  EVA  services  since  NASA  is  quite 
experienced  in  such  EVAs.  (1)  Analysis  of  contents 
(including  analysis  of  resources)  of  EVA  task  (2)  Method 
and  contents  of  verifying  EVA  task  in  JEM  (3)  Adjust¬ 
ment  of  interface  with  NASA 

Geostationary  Earth  Orbit  Orbital  Service  Vehicle 

43065013]  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88,  No  3B8 
pp  594-595 

[Article  by  Tetsuo  Yasaka  of  NTT  Radio  System 
Research  Institute] 

[Text]  1.  Preface 

It  has  been  recognized  that  the  orbital  service  vehicle 
[OSV]  is  a  part  of  the  infrastructure  that  will  inevitably 
be  introduced  to  space  activities  in  the  near  future.  OSVs 
are  currently  being  studied  in  Japan  and  in  other  coun¬ 
tries  since  they  will  be  used  to  join  humans  in  carrying 
out  work  in  orbit  and  are  limited  to  those  for  low  earth 
orbit  [LEO],  i.e.,  personnel,  for  the  time  being,  will 
remain  near  the  space  station.”-  The  precedence  of 
OSVs  for  geostationary  earth  orbit  [GEO]  is  limited, 
because  there  is  no  plan  to  branch  out  human  activities 
into  the  GEO.  However,  the  majority  of  the  current 
space  market  is  for  geostationary  orbit  missions,  and  the 
importance  of  GEO  missions  will  not  change  in  the 
future.  The  importance  of  OSVs  is  similar  to  that  of 
LEOs,  i.e.,  these  OSVs  are  urgently  required.  It  is 
believed  that  the  study  of  the  geostationary  earth  orbital 
service  vehicle  [GEO-SV]  should  be  initiated  with  an 
approach  differing  from  that  taken  toward  the  OSV. 

2.  Scenario  of  OSV  Operation 

OSV  operation  can  be  considered  to  take  the  following 
three  forms:  (1)  Ground  based:  After  completion  of  the 
specified  work,  return  to  the  earth  (2)  Station  based: 
Start  from  and  return  to  space  station  (3)  Independent: 
Basically,  neither  supply  nor  modification  is  premised. 
No  recovery  theoretically 

Very  specialized  missions  (maintenance  of  space  tele¬ 
scope,  etc.)  would  be  based  on  item  (1),  because  they  are 
accompanied  by  complex  ground  preparations.  Item  (2) 
is  effective  for  the  work  around  the  space  station,  coming 
and  going  between  co-orbital  platforms,  etc.  Item  (3)  is 
for  missions  that  do  not  require  many  consumables,  and 
is  effective  only  when  there  are  many  customers  that  can 
rendezvous  with  only  small  increases  in  speed.  Special- 
purpose  OTVs  are  required  for  geostationary  satellites 
since  an  increase  in  speed  of  4  km/second  is  required  for 
the  coming  and  going  of  space  planes  corresponding  to 
items  (1)  and  (2).  It  is  technically  possible  to  increase  the 
speed,  but  is  quite  difficult  to  do  so  economically. 
Currently,  200  customers  occupy  geostationary  orbits. 
The  geostationary  orbit  is  the  only  operation  area  suit¬ 
able  for  item  (3),  and  this  item  is  the  only  method  of 
operation  that  will  be  economically  possible  in  the  near 
future.  However,  when  a  geostationary  platform  is 
studied  further  in  the  future,  it  can  be  expected  that  this 
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method  will  develop  to  the  unmanned  form  (second 
generation)  mentioned  in  item  (2).  Figure  1  shows  the 
relationship  among  the  amount  of  propellant,  the 
increase  in  speed  required  for  rendezvous,  and  the 
number  of  services  which  can  be  executed  in  one  year.^’ 
The  annual  increase  in  speed  of  the  GEO-SV  is  100 
meters/second,  which  is  about  twice  that  required  for 
retaining  normal  orbits.  The  GEO-SV  can  rendezvous  1 5 
satellites,  and  can  supply  actual  work  services  for  a  week 
to  respective  satellites.  It  is  possible  to  operate  the 
GEO-SV  continuously,  without  replenishment,  for  3  or  4 
years,  because  the  propellant  load  is  small.  The  GEO-SV 
can  execute  approximately  50  services  during  its  working 
life. 


1 

^ •  25  20  15  10  8 


10  20  30  40  50 

tt-tr;xoR!M.  P  (DAY) 


Figure  1.  GEO-SV  Service  Capabilities 

Key; 

1 .  Number  of  services  per  year 

2.  AV:  Increase  in  speed  per  year 

3.  Mf:  Propellant  per  year 

4.  Change  in  inclination:  0.17number 

5.  Service  cycle 


3.  Orbital  Work  Team 

The  main  missions  of  the  GEO-SV  have  been  assumed 
based  on  NASA’s  OMV  Reference  Mission. (See  Table 
1.)  The  first  generation  GEO-SV  is  for  single  function 
satellites  with  weights  from  0.5  to  2  tons.  The  second 
generation  is  classified  into  two  kinds — one  is  the  satel¬ 
lite  premised  on  the  GEO-SV,  and  the  other  is  one  at  the 
advent  of  GEO  platforms.  The  first  generation-GEO-SV 
is  limited  to  visual  inspection,  changing  position  and 
orbit,  and  handling  very  simple  tasks.  The  contents  of 
GEO-SV  services  have  been  further  studied  for  every 
relationship  between  the  position  of  the  GEO-SV  and 
that  of  the  satellites  with  respect  to  a)  docking,  b) 
rendezvous  and  c)  acquisition,  which  is  midway  between 
items  a)  and  b).  (See  Table  2.)  Precise  work,  such  as 


Table  1.  Orbital  Task  Items 


OMV 

GEO 

■sv 

Reference  Mission 

I 

II 

LARGE  OBSERVATORY 

— 

— 

SERVICING 

PAYLOAD  DELIVERY 

— 

— 

PAYLOAD  RETRIEVAL 

— 

o 

PAYLOAD  REBOOST 

o 

o 

DEBOOST  REENTRY 

— 

o 

PAYLOAD  VIEWING 

@ 

@ 

SUBSATELLITE 

— 

— 

MULTIPLE  PAYLOAD 

0 

o 

REMOTE  SERVICING 

o 

@ 

MODULE  CHANGE 

— 

o 

BASE  SUPPORT 

— 

o 

OTV/PAYLOAD 

— 

o 

TRANSFER 

replacing  modules,  replenishing  propellant,  etc.,  is  lim¬ 
ited  to  objects  with  special-purpose  docking  ports. 
Accordingly,  it  is  believed  that  the  tasks  mentioned  in 
item  a)  will  be  subsequent  to  the  second  generation.  The 
tasks  mentioned  in  b)  and  c)  do  not  require  the  replen¬ 
ishment  of  a  large  number  of  consumables  or  materials, 
but  demonstrate  the  possibility  of  a  GEO-SV  accessing  a 
very  large  number  of  geostationary  satellites  and  offering 
services  to  them. 


Table  2. 

GEO-SV  Services 


a)  Docking  mission 

Module  Exchange 

Cooperative  target  only 

Repair 

Refuel 

Satellite  retrieval 

b)  Rendezvous  mission 


Visual  monitor 

2D,  3D;  Fine,  coarse 

Temperature  monitor 

IR  scan 

Dynamics  observation 

approx.  100  Hz,  Point  trace 

RF  reception,  mapping 

approx.  50  GHz 

c)  Grapple  mission 

Deployment  assist/repair 

Pull,  shake,  unscrew,  screw 

Deorbit 

Tumble  deorbit, +500  km 

Minor  repairs 

Exterior  only 

4.  Problematical  Points  and  Subjects 


The  GEO-SV  involves  many  systematic  and  legal  prob¬ 
lems  rather  than  technical  ones,  i.e.,  international  agree¬ 
ments  are  required  for  all  of  the  following  matters: 
indemnities  for  customers  and  non-customers,  guaran¬ 
tees  and  persuasion  for  satellite  holders  who  do  not  like 
proximity  observation,  operating  the  main  body  and 
earth  station  network,  service  frequency,  etc.  The  level  of 
difficulty  of  the  technical  subjects  is  lower  than  that  of 
the  OSV  subjects  currently  being  studied,  i.e.,  the  second 
generation  will  gradually  require  most  of  the  robot 
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technologies  that  will  be  developed  enthusiastically  in 
the  future.  It  is  believed  that  the  first  generation  will 
require  only  elementary  remote-control  equipment. 

5.  Conclusion  and  Effectiveness  of  GEO-SV 

Most  of  the  previous  orbital  and  initial  problems  experi¬ 
enced  by  satellites  can  be  remedied  with  the  first  generation 
GEO-SV  outlined  in  this  paper.  When  the  satellites  being 
used  are  deorbited  with  this  GEO-SV,  their  working  lives 
can  be  increased  by  approximately  half  a  year,  and  the 
satellites  used  and  thoughtlessly  abandoned  in  the  past  can 
finally  be  removed  from  their  orbits.  The  orbital  and  visual 
inspection  will  facilitate  satellite  housekeeping  and  the 
correct  derivation  of  an  operational  plan,  as  well  as  the 
auxiliary  and  critical  command  operations.  The  most 
important  point  of  geostationary  satellites  is  their  economic 
efficiency,  and  the  economic  efficiency  of  the  GEO-SV  can 
be  enhanced  by  reducing  the  risk  and  lengthening  its 
working  life.  It  is  thought  important  to  affix  the  first 
generation  GEO-SV  by  tackling  a  small  number  of  technical 
subjects  through  international  agreements. 
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Developmental  Concept  of  Spacecraft  for 
Technical  Experiment 
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[Article  by  Takao  Anzai,  Mitsushige  Oda,  Rhoichi  Imai 
and  Kazuo  Ota  of  the  National  Space  Development 
Agency  of  Japan] 

[Text]  1.  Preface 

The  platform  [P/F]  type  spacecraft  will  occupy  a  very 
important  position  in  future  space  activities  in  order  for 
orbital  missions  to  be  conducted. 

This  paper  mentions  the  developmental  concept  of  the 
technical  experiment  spacecraft  [STEP],  which  is  an  exper¬ 
imental  aircraft  of  the  P/F-type  spacecraft,  and  the 
advanced  concept  subsequent  to  COP  [co-orbital  P/F],  POP 
[polar  orbital  P/F],  OSV  [orbital  service  vehicle],  OCM 
[orbital  change  module],  etc. 

2.  Purpose  and  Location  of  STEP 

Since  fiscal  1 986,  the  National  Space  Development  Agency 
of  Japan  [NASDA]  has  established  basic  technologies  for  the 


P/F-type  spacecraft,  conducted  scientific  and  engineering 
experiments,  and  has  studied  the  concept  of  applied  tech¬ 
nology  P/F  [ATP]  for  use  in  carrying  out  environmental- 
use-related  missions  in  space. 

However,  it  is  recognized  that  it  is  necessary  to  conduct 
orbital  experiments  on  important  basic  technologies 
prior  to  their  practical  use  in  order  the  review  the  system 
and  to  reduce  the  developmental  risks  resulting  from  the 
delay  of  the  station  plan  because  the  ATP  has  been 
premised  on  receiving  services  from  the  space  station. 

The  purpose  of  the  STEP  as  an  experimental  aircraft  of 
the  P/F-type  spacecraft  is  to  conduct  such  orbital  exper¬ 
iments,  and  problems  involve  the  selection  of  mission 
contents  and  establishing  STEP  as  a  system. 

On  the  other  hand,  it  will  be  absolutely  necessary  that 
Japan  attain  the  technologies  for  launching  satellites, 
executing  orbital  missions  and  recovering  these  satellites 
in  the  future  in  order  to  freely  participate  in  space 
activities  to  some  extent. 

Of  these  technologies,  it  will  first  be  necessary  to  conduct 
orbital  experiments  on  rendezvous  docking  [RVD]  tech¬ 
nologies  and  orbital  service  technologies  as  basic  P/F 
technologies.  The  first  mission  of  STEP  will  be  to 
establish  these  technologies. 

3.  System  Configuration  of  STEP  and  Developmental 
Concept 

Figure  1  shows  the  system  configuration  of  the  STEP 
consisting  of  a  core  (resource  +  experiment)  module,  pro¬ 
pulsion  module  and  EX  module  (sub-satellite),  which  is  a 
target  of  RVD  experiments,  etc.  The  core  module  and 
sub-satellite  are  linked  to  a  docking  mechanism,  making  it 
possible  for  them  to  be  removed  and  installed  in  orbit. 

Technical  and  orbital  experiments  for  various  services 
are  scheduled  to  be  conducted  between  the  STEP  proper 
and  the  sub-satellite  based  on  ground  commands 
directing  the  use  of  a  remote-control-type  manipulator 
mounted  on  the  core  module  of  the  STEP. 

Additional  experiments  on  the  following  elemental  technol¬ 
ogies  common  to  the  P/F  have  also  been  studied  as  mis¬ 
sions:  (1)  Two-phase  fluid  loop-type  thermal  control  and 
exhaust  heat  technology  (2)  Data  processing/handling  tech¬ 
nology  according  to  optical  data  bus  system  (3)  Very  low 
gravity  maintaining  control  technology  (4)  Others 

Figure  2  shows  a  developmental  concept  involving  the 
COP,  POP,  OSV  and  OCM  technologies  developed  for 
the  STEP. 

4.  Postface 

The  STEP  is  quite  significant  as  an  experimental  aircraft 
for  the  future  P/F-type  spacecraft  and  as  a  testing  basis 
for  the  development  of  elemental  technologies  which  will 
form  the  foundation  of  such  future  space  activities  as  the 
RVD,  orbital  services,  etc.  This  fiscal  year,  we  intend  to 
carry  out  more  detailed  studies  of  the  work  described. 
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Key; 

1 .  Paddle 

2.  Combination  mechanism  between  modules 

3.  Bus  equipment  (including  experiments) 

4.  RVD  system 

5.  Combination  mechanism 

6.  RVR  target 

7.  Docking  and  berthing  mechanism 

8.  Experimental  thermal  control  system 


9.  Experimental  supply  system 

10.  Experimental  robot  system 

1 1 .  Radiator 

1 2.  (Propulsion  module) 

13.  (Resource  M/experiment  M) 

14.  (Core  module) 

1 5.  (Target  plane) 

16.  (Sub-satellite) 
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Figure  2.  Conceptual  Drawing  of  Development  of  STEP  Technology 


Key: 

1.  STEP  (example  of  contents) 

2.  Solar  cell  paddle 

3.  (Mission) 

4.  Experiment  on  rendezvous  and  docking 

5.  Experiment  on  orbital  services 

6.  Experiment  on  supplying  fuel,  etc. 

7.  Propulsion  module  (PM) 

8.  Combination  mechanism 

9.  Resource  module  (RM) 

10.  Experimental  module  (EM) 

1 1.  Target  for  experiment  on  RVD 

12.  Space  robot  (to  be  mounted  for  experiment) 

13.  Addition  of  mission  module 

14.  Increase  in  reliability  of  PM  and  RM 

15.  Co-orbital  platform 

16.  Space  robot  (for  practical  use) 

17.  Mission  module 

1 8.  Space  experimental  unit 


Conceptual  Design  of  Multipurpose  OSV 
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[Article  by  Hiroaki  Obara,  Naoki  Tsuya  and  Tom 
Takagi  of  Mitsubishi  Electric  Corporation] 

[Text]  1.  Preface 

The  OSV  is  a  spacecraft  used  to  carry  out  such  services  as 
the  replacement  and  recovery  of  samples  and  equipment 
from  platforms,  the  supply  of  consumables,  such  as 
propellant,  etc.,  towing  to  recover  and  unfold  platforms, 
and  the  orbital  inspection  of  platforms.  It  will  discharge 
its  important  duties  through  the  effective  and  efficient 
operation  of  space  infrastmctures  around  the  end  of  the 
1990s.  This  paper  introduces  an  example  of  the  concep¬ 
tual  design  of  the  OSV,  specifically  the  mission  require¬ 
ments,  a  system  outline  and  key  technologies. 

2.  Analysis  of  Mission 

The  following  items  can  be  thought  of  as  main  missions 
(service-related  items)  of  the  OSV:  (1)  The  unfolding  and 
recovery  of  co-orbital  platforms  in  orbit  (the  space 
station  would  serve  as  the  base).  (2)  The  recovery  of  a 
logistic  module,  etc.,  launched  and  injected  in  the 
vicinity  of  the  space  station,  and  returning  it  to  the  base. 
(3)  The  replacement  of  a  mission  payload  with  a  new  one 
on  a  platform.  (4)  The  inspection  and  repair  (replace¬ 
ment  of  equipment)  of  platforms.  (5)  Supplying  samples 
to  the  platform  and  recovering  products.  (6)  Supplying 
consumables,  such  as  liquids,  gas,  etc.,  to  the  platform. 
(7)  Recovering  debris  and  satellites.  (8)  The  orbital 
assembly  and  support  of  large  space  structures.  Of  the 
above  items,  ( 1 )  to  (6)  refer  to  the  platform  premised  on 
OSV  services,  while  (7)  and  (8)  do  not  always  involve 


1 9.  Experiment  on  materials 

20.  Engineering  experiment 

2 1 .  Life  sciences  experiment,  etc. 

22.  Use  of  platform  for  common  technologies 

23.  (Development  of  modularized  spacecraft/operation 
technology) 

24.  (Module/equipment  replacement  technology) 

25.  (Fuel  supply  technology) 

26.  Polar  orbit  platform 

27.  Space  robot  (if  necessary) 

28.  Earth  observation  module 

29.  Earth  observation  equipment 

30.  Simplification  of  system 

3 1 .  Orbit  changing  module  (OCM) 

32.  JEM  supply  module 

33.  Advancement  of  orbital  service  technology 

34.  Orbital  service  vehicle  (OSV) 

35.  Space  robot  (high  functioning) 

36.  Solar  cell 


sufficient  interface  with  the  OSV  in  regard  to  services. 
For  this  reason,  in  order  to  execute  the  latter  services, 
more  advanced  technologies  are  required  for  the  OSV. 
The  following  system  was  studied  taking  into  consider¬ 
ation  the  possibility  of  extending  the  development  of  the 
first  generation  OSV  to  that  of  the  the  next  generation. 
This  OSV  will  carry  out  the  basic  services  mentioned  in 
(1)  to  (6)  with  respect  to  the  platform. 

‘3.  First  Generation  OSV 

3.1  Premise 

The  first  generation  OSV  is  based  on  the  following 
system  design  contents:  (1)  The  OSV’s  operation  is  based 
on  the  space  station.  (2)  All  service-related  factors  are 
planned  in  advance,  and,  theoretically,  are  executed 
automatically.  The  introduction  of  operations  to  the 
OSV  is  permissible,  however.  (3)  The  platform  is 
designed  so  that  it  can  satisfy  the  interface  conditions 
necessary  for  the  RVD,  taking  into  consideration  the  use 
of  the  ORU  in  the  mission  payload  and  the  OSV 
interface  involving  the  modularization  of  basic  equip¬ 
ment,  etc. 

3.2  Outline  of  System 

An  example  of  the  system  design  is  shown  below.  Table 
1  shows  the  main  performances  of  the  first  generation 
OSV.  Figure  1  is  a  block  diagram  showing  the  system 
configuration.  The  OSV  is  divided  into  three  modules, 
i.e.,  the  interface  module  [IM],  bus  module  [BM],  and 
propulsion  module  [PM].  The  IM  carries  out  direct 
services  for  the  spacecraft,  the  BM  autonomously  con¬ 
trols  the  OSV,  particularly  its  system,  and  the  PM  offers 
propulsion  functions.  The  respective  modules  are  inter¬ 
connected  through  a  standardized  interface.  Accord¬ 
ingly,  it  is  possible  to  unfold  and  expand  the  OSV  system 
by  replacing  modular  units. 
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Figure  1.  Block  Diagram  of  the  Initial  OSV 


Table  1. 

Summary  of  OSV  Characteristics 


Base 

Space  based:  Japanese  Experiment  Module  Space 
Station,  Coorbital  platform.  Space  Station 

Operation  orbit 

inclination;  28.5’;  altitude:  400-700  km 

Dimensions 

({>4.6  X  3.8  m 

Weight 

4  tons  (including  payload)  . 

Payload 

1  ton  (max) 

Working  life 

10  years 

3.3  Key  Technologies 


Of  the  key  technologies  necessary  for  future  develop¬ 
ment,  the  particularly  important  key  technologies  for 
realizing  the  first  generation  OSV  are  as  follows:  1) 
autonomous  operating  technology,  including  sensor 
system,  2)  service  factor  planning  technology  and  its 
tools,  3)  RVD  technology,  and  4)  manipulator  tech¬ 
nology.  Items  1)  and  2)  are  included  in  the  BM,  while  3) 
and  4)  are  included  in  the  IM.  With  regard  to  1),  it  is 
necessary  to  study  and  consider  the  autonomous  oper¬ 
ating  technology  in  regard  to  every  subsystem  at  the 
module  and  system  levels  so  that  missions  can  be  exe¬ 
cuted  efficiently.  It  is  necessary  to  include  the  ground 
system  when  studying  2),  and  to  include  the  sensor 
system,  navigation  and  guidance  system  and  attitude 
control  system  when  studying  3).  Also,  with  regard  to  4), 
it  is  necessary  to  develop  an  actuator,  which  constitutes 
a  manipulator,  and  to  develop  a  technology  for  automat¬ 
ically  and  autonomously  controlling  the  movement  of 
the  manipulator. 

4.  Developmental  Concept  for  Next  Generation 

It  is  possible  to  carry  out  cooperative  work  by  using  a 
manipulator  system  with  a  number  of  arms  as  part  of  the 
development  of  autonomous  technologies,  and  it  is  also 


possible  to  execute  the  more  advanced  services  men¬ 
tioned  in  items  (7)  and  (8)  of  section  2.  In  such  a  case,  the 
next  generation  OSV  system  would  be  formed  by  com¬ 
bining  more  advanced  IMs  and  PMs. 

Operational  Concept  of  Platform 
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pp  600-601 

[Article  by  Hiroaki  Obara,  Naoki  Tsuya  and  Torn 
Takagi  of  Mitsubishi  Electric  Corporation] 

[Text]  1.  Preface 

Preparations  for  space  infrastructures,  specifically  a 
space  station,  will  be  started  in  the  late  1990s,  and 
various  platforms,  such  as  coorbital  platforms,  geosta¬ 
tionary  platforms  and  polar  orbital  platforms,  are  sched¬ 
uled  for  launching.  The  kinds  of  orbits  vary,  and  when 
these  platforms  are  classified  according  to  purpose,  the 
number  of  platforms  will  become  very  large.  However, 
common  characteristics  have  been  narrowed  down  to  the 
following:  1)  the  platform  will  be  a  spacecraft  that  is 
operated  efficiently  by  means  of  orbital  services,  2) 
numerous  mission  payloads  will  be  mounted  on  the 
platform,  and  3)  it  will  be  possible  to  replace  these 
payloads  with  others  (whether  or  not  this  replacement  is 
carried  out  in  orbit  depends  on  the  platform  purpose). 
This  paper  describes  the  system  design  and  develop¬ 
mental  concept,  and  specifically  the  basic  technologies 
for  the  platforms,  taking  these  common  characteristics 
into  consideration. 

2.  Basic  Technologies  for  Platforms 

2.1  RVD  Technology 
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RVD  technology  is  one  of  the  most  basic  technologies  for 
platforms  premised  on  orbital  services,  and  can  be 
broadly  classified  into  two  kinds,  i.e.,  RVD  technology 
for  multiple  spacecraft  and  that  for  spacecraft  connected 
to  a  space  station.  In  addition,  RVD  technology  can  be 
classified  by  docking  system,  i.e.,  docking  technology 
and  berthing  technology.  However,  it  is  necessary  to 
design  equipment  that  can  be  used  for  any  case  since  it  is 
expected  that  the  equipment  wil  be  used  in  common  for 
both  rendezvous  and  docking  purposes.  Also,  it  will  be 
necessary  to  operate  the  platform  autonomously, 
including  the  attitude  control,  because  a  GPS  will  be 
used  to  guide  the  platform.  In  addition,  it  is  expected  to 
be  necessary  to  establish  an  automated  RVD  technology 
for  the  platform,  including  the  sensor  and  actuator,  and 
to  standardize  the  RVD  interface. 

2.2  Orbital  Service  Technologies 

The  main  orbital  service  technologies  are  as  follows:  1) 
orbital  service  technology  using  a  manipulator,  2)  tech¬ 
nology  for  supplying  consumables,  such  as  the  propel¬ 
lant,  etc.,  3)  the  design  technology  for  modularization  or 
technology  for  using  the  ORU  in  orbital  work.  The  main 
contents  of  1)  include  operation  by  means  of  a  data  relay 
satellite,  autonomous  technology  which  supports  this 
operation,  and  image  processing  technology.  The  stan¬ 
dardization  of  platform  design  and  a  standard  interface 
are  important  for  2)  and  3). 

2.3  Platform  Bus  Control  Technologies 


Of  the  platform  bus  control  technologies,  the  following 
three  have  entered  the  limelight:  1)  autonomous  control 
technology,  including  self-diagnosis,  2)  data  handling 
technology  using  an  optical  data  bus,  and  3)  reconfigu¬ 
ration  technology.  Item  1)  includes  the  autonomous 
operating  control,  up  to  the  system  level,  of  every  sub¬ 
system,  and  must  be  considered  together  with  partial 
charges  involving  the  ground  system.  With  regard  to  2), 
it  is  necessary  to  define  partial  charges  together  with 
conventional  electric  signals,  and  to  design  a  standard¬ 
ized  interface.  Item  3)  includes  a)  technology  for  a 
navigation  guidance  system  (including  an  actuator),  b) 
electric  power  controlling  technology,  and  c)  large 
capacity  thermal  control  technology  using  a  two-phase 
liquid.  Item  a)  must  be  able  to  cope  with  the  fluctuation 
of  mass  characteristics  caused  by  reconfiguration,  and  b) 
must  be  able  to  cope  with  fluctuation  caused  by  the 
distribution  of  resources. 

3.  System  Design 

The  system  design  of  platforms  is  realized  with  the 
above-mentioned  basic  technologies.  On  the  other  hand, 
the  bus  section  has  many  sub-systems  that  can  either  be 
used  as  is  in  any  platform  or  can  cope  with  relatively 
small  design  changes.  The  capability  required  for  the 
propulsion  section  depends  on  the  orbit  in  which  it  will 
be  operated,  but  it  is  possible  to  make  standard  prepa¬ 
rations  for  this  section  or  to  carry  out  a  standard  design. 
Therefore,  in  order  to  increase  the  efficiency  of  the 
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design  work  and  to  reduce  the  cost,  it  is  preferable  that 
the  platform-like  propulsion  module  [PM],  bus  module 
[BM]  and  mission  module  [MM]  actually  be  modular¬ 
ized.  In  addition,  when  the  sub-system  is  mini- 
modularized,  it  is  possible  to  widen  various  platforms  by 
combining  modules.  Figure  1  shows  an  example  of  the 
contents  of  a  modularized  platform. 

4.  Developmental  Concept 

The  development  of  platforms  is  accompanied  by  the 
many  technical  subjects  mentioned  above,  and  most  of 
the  subjects,  as  basic  technologies,  affect  the  realization 
of  these  platforms.  For  this  reason,  it  is  critical  that  a 
basic  platform  technology  be  established  and  verified  as 
the  first  step  of  the  development  work,  and  it  is  thought 
to  be  necessary  to  develop  a  platform  for  use  in  engi¬ 
neering  tests  prior  to  developing  a  practical  platform. 

Guidance,  Analysis  of  Rendezvous  With  Space 
Station 
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[Article  by  Isao  Kono,  Yasushi  Wakabayashi  and 
Hiroyuki  Nakamura  of  the  National  Space  Development 
Agency  of  Japan] 

[Text]  1.  Preface 

The  National  Space  Development  Agency  of  Japan 
[NASDA]  is  currently  developing  the  Japanese  Experi¬ 
mental  Module  [JEM]  for  a  space  station  [S/S],  and  is 
developing  and  studying  such  spacecraft  as  a  space 
plane,  the  HOPE,  COP,  etc.,  which  will  for  the  founda¬ 
tion  for  the  construction  of  future  space  infrastructures. 
The  HOPE  will  be  used  to  supply  materials  to  the  S/S 
and  recover  them,  and  the  COP  will  be  operated  closely 
with  the  S/S. 

The  RVD  technology  for  the  S/S  is  an  important  orbital 
technology  from  the  standpoint  of  international  cooper¬ 
ation,  as  well  as  from  the  standpoint  of  Japan’s  ensuring 
her  independence  in  space  activities. 

This  paper  reports  the  main  subjects  that  should  be 
studied  in  the  future,  and  results  of  rendezvous  analyses, 
based  on  the  approach  to  the  S/S  that  is  currently  being 
taken. 

2.  Features  of  RVD  to  S/S 

Currently  assumed  as  spacecraft  that  will  carry  out  RVD 
to  the  S/S  are:  1)  a  vehicle  related  to  the  ELM,  2)  HOPE 
and  3)  COP/OSV.  The  RVD  to  the  S/S  will  possess  the 
following  characteristics:  (1)  An  operating  control  zone 
will  be  defined  around  the  S/S’s  orbit.  (2)  The  RVD 
sequence  will  be  determined  before  launching  the  space¬ 
craft  since  the  approach  to  the  S/S  has  time  restrictions 
from  the  standpoint  of  the  S/S  crewmen’s  work  schedule. 
It  will  be  necessary  to  assume  that  a  sequency  will  not  be 


changed  following  the  launch.  (3)  It  is  anticipated  that 
the  RV  orbit  transfer  will  be  carried  out  at  an  altitude  of 
250  to  370  km  so  that  it  does  not  interfere  with  the  S/S’s 
CVZ,  since  the  lowest  of  the  S/S’s  orbit  will  be  407  km. 
(4)  It  will  be  necessary  for  the  OSC  to  have  checked,  in 
advance,  the  safety  of  the  spacecraft  which  enter  the 
CCZ.  (5)  Spacecraft  in  the  CCZ  must  conform  to  the  S/S 
control,  and  the  OSC  must  make  efforts  to  prevent 
emergencies  while  constantly  monitoring  the  spacecraft. 
(6)  The  navigation  of  the  spacecraft  in  the  CCZ  will  be 
carried  out  based  on  the  GPS,  with  data  on  the  GPS 
transmitted  to  the  S/S  and  data  on  targeting  and  relative 
navigation  released  from  the  S/S.  (7)  Unmanned  space¬ 
craft  in  the  CCZ  will  be  controlled  by  commands  from 
the  S/S,  and  will  be  brought  closer  to  the  S/S.  Spacecraft 
unable  to  receive  commands  from  the  S/S  will  he  towed 
with  an  OMV,  etc.,  and  brought  closer  to  the  S/S.  (8) 
Spacecraft  in  the  POZ  will  be  brought  closer  to  the  S/S  by 
remote  control  directed  by  the  S/S  crewmen,  and  will  be 
berthed  by  an  SSRMS  operated  by  these  crewmen.  (9) 
Even  when  a  rendezvous  support  system  malfunctions, 
the  spacecraft  must  be  brought  closer  to  the  S/S  and  must 
be  separated  from  it  by  means  of  a  method  that  will  not 
endanger  either  one,  contaminate  the  S/S,  or  require  any 
S/S  elusion  maneuvering.  The  constitution  of  a  system 
for  carrying  out  RVD  to  the  S/S  must  be  considered  on 
the  basis  of  the  1FO/2FS. 

3.  Analysis  of  Guidance  and  Control  System  for  RVD  to 
S/S 

With  regard  to  the  guidance  and  control  system  of  the 
HOPE  as  an  example  of  a  spacecraft  that  can  cai^  out 
RVD  to  the  S/S,  an  outline  of  the  research  involving  the 
guidance  and  analysis  of  the  contents,  from  launching  to 
docking/berthing,  is  shown  below  each  phase. 

(1)  Launching  Phase  There  is  one  launch  window  in 
Japan  each  day,  and  it  is  currently  considered  to  last 
about  10  minutes.  The  following  items  employing  upper- 
stage  spacecraft  are  being  studied  to  lighten  the  burden 
of  mating  orbital  planes:  1)  the  transfer  and  guidance  of 
the  H-II’s  orbital  plane,  and  2)  fixing,  as  much  as 
possible,  the  RVD  sequence  following  launching. 

(2)  RV  Orbital  Transfer  (Coarse  Injection)  Phase  After 
the  separation,  the  orbital  altitude,  phase  and  orbital 
plane  will  be  adjusted  and  the  RV  orbit  will  be  trans¬ 
ferred  so  that  the  satellite  can  enter  the  RVZ  at  the 
specified  time.  In  this  phase,  the  inertial  navigation 
system  and  the  GPS-ST-IMU  composite  navigation 
system  will  he  used  during  thrust  flight  and  inertial 
flight,  respectively.  As  a  result  of  analyzing  the  naviga¬ 
tion  systems,  it  has  been  clarified  that  the  orbit  deter¬ 
mining  accuracy  at  a  position  of  approximately  100 
meters  -3a  and  a  speed  of  about  10  cm/sec  -3a  can  be 
obtained  in  the  GPS-R  by  using  the  C/A  code  +  Doppler 
effect,  and  the  attitude  determining  accuracy  of  0.2°  -3a 
can  be  obtained  in  the  attitude  system  by  making  gyro- 
alignments  according  to  the  ST  approximately  every  10 
hours.  It  has  also  been  confirmed  that  the  satellite  can  be 
guided  with  the  necessary  accuracy  in  initial  phase 
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mating  maneuvers  by  means  of  targeting  using  conic 
propagation  and  the  VIC  guidance  law,  which  is  excel¬ 
lent  at  controlling  the  orbital  form,  and  that  it  can  be 
guided  at  the  necessary  accuracy  in  terms  of  altitude  and 
final  adjustment  maneuvers  of  the  orbital  plane  by 
means  of  targeting  using  precision  propagation  and  the 
LRDV  guidance  law,  which  is  excellent  in  terms  of 
controlling  the  time  of  arrival.  With  regard  to  the 
sequence  of  orbit  transfer  maneuvers,  the  following  is 
being  studied,  i.e.,  a  method  to  determine  the  necessity 
of  orbit  transfer  maneuvers  at  certain  intervals. 

(3)  RVZ  Injection  Approach  (Accurate  Injection)  Phase 
(Up  to  45  km  Point  Shown  in  Figure  1)  The  satellite 
enters  the  RVZ  from  the  TPI,  conducts  a  rendezvous 
with  others  in  the  RVZ,  and  makes  a  relative  stop  at  a 
point  45  km  behind  the  S/S.  The  navigation  system  is  the 
same  as  that  of  the  RV  orbit  transfer  phase.  As  a  result  of 
analyzing  the  navigation  system,  it  has  been  confirmed 
that  mid-course  maneuvers  are  required  once  or  twice 
because  the  accuracy  of  the  absolute  navigation  is  not 
sufficient. 

(4)  CCZ  Injection  Approach  (Relative  Approach)  Phase 
(Up  to  300  Meter  Point  Shown  in  Figure  1)  A  commu¬ 
nications  channel  with  the  S/S  is  established,  and  the  use 
of  relative  navigation  is  initiated  by  means  of  the  GPS 
difference  mode  and  rendezvous  radar  [RVR]  equip¬ 
ment.  In  the  case  of  the  GPS  difference  mode,  the  status 
amount  calculated  at  HOPE  and  the  pseudo-range 
obtained  from  HOPE  are  transmitted  to  the  S/S.  In  the 
S/S,  the  relative  navigation  is  calculated,  targeting  is 
carried  out,  and  the  results  are  transmitted  to  HOPE. 
This  method  can  realize  highly  accurate  relative  naviga¬ 
tion  that  is  not  influenced  by  ionospheric  delay,  etc.,  as 
well  as  approach  guidance  controlled  by  the  S/S.  The 


approaching  flight  path  is  based  on  the  multi-path 
approach  method  from  the  standpoint  of  relative  navi¬ 
gation  accuracy  and  collision  avoidance  (even  when 
maneuvers  are  not  carried  out,  satellites  do  not  enter  the 
collision  course).  It  has  been  determined  that  it  is  better 
to  carry  out  mid-course  maneuvers  because  higher  nav¬ 
igation  accuracy  is  required.  The  following  matter  is 
being  studied,  i.e.,  the  target  pointing  attitude  is  con¬ 
trolled  to  within  several  km  in  order  to  ensure  the  visual 
field  of  the  RVR  equipment.  It  will  be  necessary  to 
control  the  automatic  flight  to  avoid  collisions  subse¬ 
quent  to  leaving  the  CCZ.  This  matter  is  scheduled  to  be 
studied  in  the  future. 

(5)  S/S  (Final  Approach/Berthing)  Phase  (Subsequent  to 
300  Meter  Point  Shown  in  Figure  1)  In  the  S/S  phase,  it 
will  be  necessary  to  carry  out  research  involving  the 
following  points.  In  order  to  cope  with  the  S/S’s  remote 
control  within  approximately  300  meters,  it  will  be 
necessary  for  the  satellite  to  be  capable  of  the  appro¬ 
priate  acceleration  (rotation  and  translation)  and  to  have 
an  automatic  pilot  mode  corresponding  to  the  S/S  con¬ 
trol  panel.  The  NAL  and  NASDA  are  carrying  out  joint 
research  on  maneuverability,  etc.,  because  the  details 
have  not  yet  been  determined.  Automatic  flight  control 
technologies  for  attaining  the  2FS  are  very  important  in 
the  POZ,  and  details  will  be  studied  in  the  future. 

4.  Subjects  Which  Should  Be  Studied  in  the  Future 

We  have  outlined  the  S/S  rendezvous-related  research 
conducted  up  to  now.  The  basic  design  of  the  S/S  has  not 
yet  been  finished,  and  certain  matters  are  pending.  In  the 
future,  we  hope  to  study  the  following  points  further  and 
to  clarify  the  S/S  rendezvous  guidance  and  control 
system.  ( 1 )  Launching  phase:  Launch  window,  method  of 


Key: 

1.  (Stop)  3.  3  to  0  km 

2.  Interval  between  X  =  1  to  0.3  km:  4.  -90°-attitude  maneuver 


Attitude  maneuver  (pitch)  5.  135  to  3  km 
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mating  and  launching  the  orbital  plane,  and  simulta¬ 
neous  orbital  injection  accuracy  (2)  RV  orbit  transfer 
phase;  Method  for  setting  rendezvous  time,  targeting 
method  and  navigation  accuracy  requirements  (3)  RVZ 
injection  approach  phase:  RVD  sequence  in  which 
recovery  is  taken  into  consideration,  and  navigation 
accuracy  requirements  upon  approaching  (4)  CCZ  injec¬ 
tion  approach  phase;  Automatic  flight  control,  auto¬ 
matic  flight  path  design  and  judgment  criteria  for  CCZ 
injection  (5)  S/S  phase:  Collision  avoidance  system, 
remote-control  performance  and  automatic  pilot  mode. 
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[Text]  1.  Preface 

Rendezvous  docking  is  a  basic  technology,  indispensable 
in  the  orbital  infrastructure  age.  In  order  to  promote  this 
technology,  it  is  absolutely  necessary  to  use  radar  equip¬ 
ment  to  measure  the  relative  distance,  relative  speed, 
line  of  sight  [LOS]  angle,  relative  attitude  angle,  etc., 
between  spacecraft.  Particularly,  in  order  to  carry  out 
automatic  rendezvous  docking,  it  is  necessary  to  mea¬ 
sure  short-distance  areas  by  using  radar  equipment  with 
much  higher  accuracy  than  that  of  the  RF  (microwave) 
radar  equipment  which  has  been  used  in  the  past  by  the 
United  States,  etc. 

From  this  standpoint,  the  National  Space  Development 
Agency  of  Japan  [NASDA]  is  conducting  the  research 
and  development  of  rendezvous  docking  laser  and  radar 
equipment  referred  to  as  “rendezvous  radar  equip¬ 
ment.”  This  paper  outlines  the  research  involving  the 
design  of  the  rendezvous  radar  equipment,  the  configu¬ 
ration  of  the  equipment,  etc. 


Laser,  Radar  Equipment  for  Rendezvous 
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[Article  by  Hiroshi  Anegawa,  Yasushi  Wakabayashi  and 
Yasumasa  Hisada  of  the  National  Space  Development 
Agency  of  Japan;  Ken  Nagai  and  Norio  Shimizu  of  NEC 
Corporation] 


2.  Configuration  of  Laser  and  Radar  Equipment 

This  is  tracking-type  laser  and  radar  equipment  with  acqui¬ 
sition  and  tracking  functions.  Figures  1  and  2  show  the 
configuration  block  diagram  and  a  conceptual  drawing  of 
the  equipment,  respectively.  The  acquisition  is  carried  out 
based  on  the  information  on  the  LOS  angles  of  the  target 
spacecraft  transmitted  from  the  navigation  system  by 
pointing  semiconductor  laser  beams  with  a  beam  angle  of 
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Figure  1  continued  on  next  page. 
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Figure  1.  Block  Diagram  of  Contents  of  Laser  and  Radar  Equipment 


Key; 

1 .  Optical  sensor  section 

2.  Electronic  circuit  section  1 

3.  Electronic  circuit  section  II 

4.  Transmitting  and  receiving  optical  section  I 
(coaxial  optical  equipment) 

5.  Optical  transmitting  section  I 

6.  Distance  and  distance  change  rate  measuring  section 

7.  Arithmetic  and  control  section 

8.  Data  output 

9.  Distance,  speed,  LOS  angle  and  relative 
attitude  an^e 

10.  Scanning  and  tracking  control  section 

1 1 .  Optical  receiving  section  I  (preamplifier) 

12.  Optical  receiving  section  I  (main  amplifier) 


13.  Scanning 

14.  Optical  signal  input 

1 5.  Tracking  error  angle  detection  section  (preamplifier) 

16.  Tracking  error  angle  detection  section 
(main  amplifier) 

1 7.  Optical  signal  output 

1 8.  Scanning  driving  section 

1 9.  Scanning  driving  control  section 

20.  Transmitting  and  receiving  optical  section  II 

21.  Optical  transmission  section  II 

22.  Optical  receiving  section  II  (CCD  +  preamplifier) 

23.  Optical  receiving  section  II(signal  processor) 

24.  Attitude  arithmetic  section 

25.  Power  source  section 


Figure  2.  Conceptual  Drawing  of  Laser  and  Radar  Equipment 


Key: 

1.  Transmitting  and  receiving  optical  section  II 

2.  Optical  transmitting  section  II 

3.  Transmitting  and  receiving  optical  section  I 

4.  Optical  receiving  section  I 

5.  (Data  processing  section) 

6.  Tracking  error  angle  detection  section 


7.  Optical  transmitting  section  I 

8.  Scanning  mirror 

9.  Mirror  driving  section 

10.  Optical  sensor  section 

1 1 .  (Radar  head  section) 

12.  Electronic  circuit  section  I 

1 3.  Electronic  circuit  section  II 


divergence  of  0.05°,  a  wavelength  of  0.8  micrometer- 
band,  and  an  output  of  1 0  m  W,  and  by  scanning  an  angle 
range  of  approximately  3°  x  3°  by  means  of  a  two-axis 
gimbal  mirror.  A  comer  cube  reflector  [OCR]  is  installed 
on  the  target  spacecraft,  and  light  reflected  by  the  OCR  is 
introduced  into  the  Si-APD  of  optical  receiving  section  I 
and  the  four-quadrant  detector  [QD]  of  the  tracking 
error  angle  detection  section,  respectively,  through  the 
transmitting  and  receiving  coaxial  optical  system.  After 


the  target  spacecraft  is  acquired,  it  will  be  tracked  while 
driving  and  controlling  the  two-axis  gimbal  mirror  so 
that  the  angle  error  signal  generated  from  the  QD  will  be 
zero. 

The  distance  is  measured  by  amplifying  and  modu¬ 
lating  the  laser  beams  by  means  of  tone  frequency  and 
by  measuring  the  phase  difference  between  the  signals 
transmitted  and  received.  Measurements  with  a  dis¬ 
tance  ranging  from  20  to  1  km  are  carried  out  at  a 
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direct  range  rate  based  on  a  sub-carrier  Doppler  systemusing 
tone  modulation  signals  of  approximately  100  mHz.  With 
regard  to  the  detection  of  relative  attitudes,  the  following 
method  is  being  studied:  the  CCD  detects  two-dimensional 
patterns  of  the  CCR  installed  on  the  target  spacecraft  within 
a  relatively  short  distance  area  (approximately  200  meters 
or  less).  Table  1  shows  the  main  specifications  of  the 
targeted  laser  and  radar  equipment. 


Table  1. 

Main  Target  Specifications 


Item 

Target 

Specification 

Acquisition 
tracking 
performance/ 
measuring  range 

Acquisition  tracking  range 

50  km  to  2  m 

Acquisition  tracking  range  rate 

+/-  100  m/s 
or  more 

Acquisition  tracking  LOS  angle 

Az  -(-/-  15“ 

or  more 

El  +/■  30“ 
or  more 

Maximum  acquisition  time 

Within  20  s 

Instrumentation 

performance 

Range 

20  km  or 
more 

Random  (3ct): 
2% 

Bias  (o-p): 
100  m 

20  to  1  km 

Random  (3o): 
0.5  m 

Bias  (o-p): 

10  m 

1  km  to  2  m 

Random  (3ct): 

2  cm 

Bias  (o-p): 

10  cm 

Range  rate 

20  to  1  km 

Random  (3a): 
0.4  m/s 

Bias  (o-p): 
0.2  cm/s 

1  km  to  2  m 

Random  (3o): 

1  cm/s 

Bias  (o-p): 
to  0  cm/s 

LOS  angle 

Az 

Random  (3o): 

o.r 

Bias  (o-p): 
O.r 

El 

Random  (3a): 
0.1” 

Bias  (o-p): 
0.1” 

LOS  angle 
rate 

Az/El 

0.05“  or  less 

Data  renewal  time 

0.1  to  1  sec 

3.  Study  of  Maximum  Measuring  Range  System 


This  radar  equipment  involves  the  cooperative  passive 
method,  and  it  is  necessary  to  study  the  overall  radar 


Figure  3.  Optical  Characteristics  and  Receiving 
Level  of  CCR 

Key: 

1 .  Receiving  level  (dB)  3.  Distance  of  50  km 

2.  Distance  of  30  km  4.  CCR  Aperture  (mm) 


equipment  system,  including  the  optical  characteristics 
of  the  CCR  installed  on  the  target  spacecraft.  Figure  3 
shows  the  results  of  analyzing  the  relationship  among  the 
aperture  of  the  CCR,  the  0  parallel  deflection  angle  of 
beams,  and  the  receiving  level  when  there  is  one  CCR.  In 
the  future,  it  will  be  necessary  to  carry  out  a  further 
overall  study  of  the  maximum  measuring  range,  the 
optical  performance  of  the  CCR,  the  number  of  CCRs, 
the  laser  output,  etc.,  and  to  determine  the  optimum 
system  arrangements  based  on  these  results. 

4.  Postface 

We  have  outlined  our  study  of  the  high  performance 
rendezvous  laser  and  radar  equipment.  In  the  future,  we 
plan  to  further  study  the  design  of  this  equipment,  to 
make  a  research  model  on  a  trial  basis,  and  to  conduct  a 
test  of  this  model. 

Development  of  ORU  Combination  Mechanism 

430650I3P  Tokyo  PROCEEDINGS  OF  THE  32ND 
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CONFERENCE  in  Japanese  26-28  Oct  88.  No  3B16 

pp  610-61 1 

[Article  by  Eiichi  Michioka,  Ken  Kishimoto  and  Akio 
Koyama  of  Mitsubishi  Electric  Corporation] 

[Text]  1.  Preface 

One  of  the  main  missions  of  a  platform-type  spacecraft  is 
to  conduct  an  experiment  utilizing  the  space  environ¬ 
ment  in  orbit,  and  it  will  be  absolutely  necessary  to 
replace  experimental  units  in  orbit. 
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The  replacement  must  be  carried  out  promptly,  and 
safety  must  be  given  sufficient  consideration  since  the 
work  will  be  carried  out,  unmanned,  in  orbit. 

The  following  items  can  be  considered  as  systems  satis¬ 
fying  these  requirements:  (1)  The  experimental  unit  is 
integrated  in  a  standard  module  structure  termed  an 
“orbital  replacement  unit”  [ORU].  (2)  The  ORU  is  fixed 
on  a  spacecraft  while  transmitting  and  receiving  the 
electric  power,  signals,  heat,  etc.,  required  by  this  exper¬ 
imental  unit  through  a  standard  interface  termed  an 
“ORU  combination  mechanism.” 

The  following  is  a  report  on  the  functional  model  of  the 
ORU  combination  mechanism  manufactured  on  a  trial 
basis. 

2.  Configuration  and  Specifications 

The  ORU  combination  mechanism  serves  as  an  elec¬ 
trical,  thermal  and  mechanical  interface  between  the 
ORU  and  the  spacecraft,  and  consists  of  an  ORU  mech¬ 
anism  and  a  spacecraft  mechanism. 


Table  1. 

Specifications  of  ORU  Combination  Mechanism 
_  (Continued) 


Item 

SpeciHcations 

Position  accuracy 

+/-  0.2  mm 

Installation  and  removal  stroke 

100  mm 

Power  consumption 
(during  operation) 

20  W 

Outside  dimensions 
(in  combination) 

700  mm  x  700  mm  x  300  mm 

Mass  (pair) 

45  kg 

3.  Outline  of  Trial  Manufacturing 


This  unit  has  vacuum  specifications  and  was  made  to  a 
scale  that  is  70  percent  of  its  actual  size. 

Figure  1  [not  reproduced],  and  Figures  2  and  3  show 
photograph,  an  interface  and  the  cross-sectional  struc¬ 
ture  of  the  unit,  respectively. 


This  unit’s  system  is  simplified  through  the  adoption  of  a 
method  for  installing  and  removing  these  interface  elements 
simultaneously.  With  regard  to  the  electrical  combination, 
the  electric  power  and  signals  are  supplied  by  a  general- 
purpose  cylindrical  connector.  With  regard  to  the  thermal 
combination,  the  independent  localizing  function  is 
increased  through  the  adoption  of  a  dry  contact-type  expan¬ 
sion-type  heat  exchanger  that  expands  with  the  working 
fluid  pressure.  As  for  the  mechanical  combination,  the 
weight  is  reduced  by  using  a  method  in  which  a  handle  is 
installed  on  the  side  of  the  ORU,  and  is  gripped  and  pulled 
by  two  gripping  levers  installed  on  the  side  of  the  spacecraft. 

Table  1  shows  the  specifications  of  the  ORU  combina¬ 
tion  mechanism. 


Table  1. 

Specifications  of  ORU  Combination  Mechanism 


Item 

Specifications 

System 

Interface  batch  installation  and 
removal 

Electric  combination  system 

(Cylindrical  connector 

Electric  power  supply  capability 

dc  100  V  X  20  A;  2  systems 

Signal  transmitting  capability 

1 3  circuits;  2  systems 

Thermal  combination  system 

Expansion-type  heat  exchanger 

Heat  exchange  amount 

0.3  kW 

Mechanical  combination  system 

Guide  system 

Guide  pin/cone 

Positioning  system 

Guide  pin/hole 

Latch  system 

Handle/lever 

Pull-in  system 

Screw/nut 

Combination  power 

2,000  N 

Holding  power 

20,000  N 

Guide  function 

+/-  10  mm 

7. 
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Figure  3.  Interface 
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Key: 

1.  Signal  connector 

2.  Heat  exchanger 

3.  Guide  cone 

4.  Electric  power 
connector 


5.  Latch 

6.  Handle 

7.  Mechanism  at  side  of 
spacecraft 

8.  Guide  pin 

9.  Mechanism  at  side  of  ORU 


ORU 


Figure  3.  Cross-sectional  Structure 
Key:  2.  Heat  exchanger 

1.  Latch  mechanism  3.  Motor 
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Figure  4.  Test  Configuration 

Key:  3.  Mechanism  at  side  of  ORU 

1.  Suspending  wire  4.  Mechanism  at  side  of 

2.  Torque  motor  spacecraft 


This  unit  requires  a  linear  mechanism  with  a  large  stroke 
because  it  employs  the  expansion-type  heat  exchanger. 
The  handle  on  the  side  of  the  ORU  is  gripped  and  pulled 
only  with  the  driving  motor  installed  on  the  side  of  the 
spacecraft  in  order  to  realize  this  linear  mechanism. 

4.  Test 

Figure  4  shows  a  test  configuration.  As  shown  in  this 
figure,  the  ORU  side  mechanism  is  suspended  by  four 
wires  from  above,  and  gravity  is  cancelled  with  a  torque 
motor. 

Tests  were  originally  conducted  using  manipulators,  but 
the  combination  and  separation  were  carried  out  by 
bringing  the  mechanisms  closer  to  each  other  while 
finely  adjusting  the  output  of  the  above-mentioned 
motor. 

The  installation  and  removal  properties,  as  well  as  the 
allowable  misalignments,  were  checked  simultaneously 
as  items  to  be  evaluated,  resulting  in  all  specifications 
being  satisfied. 

5.  Summary 

It  has  been  confirmed  that  it  is  possible  to  install  and 
remove  various  interface  elements  simultaneously  by 
using  this  unit.  In  the  future,  we  plan  to  collect  data  on 
the  testing  and  operation  of  the  expansion-type  heat 
exchanger  under  a  vacuum,  and  to  evaluate  the  installa¬ 
tion  and  removal  by  using  a  manipulator. 

Synthetic  Aperture  Radar  Antenna  Mounted  on 
ERS-1 

4306501 3Q  Tokyo  PROCEEDINGS  OF  THE  32ND 
SPACE  SCIENCES  &  TECHNOLOGY 
CONFERENCE  in  Japanese  26-28  Oct  88,  No  3CI 
pp  614-615 

[Article  by  Hideo  Hino,  Ryoichi  Kuramasu  and  Yukiaki 
Nemoto  of  Resource  Remote  Sensing  System  Technical 


Research  Association;  Yoshiteru  Ogata,  Noriko  Kanai, 
Nobuyuki  Tajika,  Kazuo  Yazawa  and  Yamato  Aizawa  of 
Mitsubishi  Electric  Corporation] 

[Text]  1.  Preface 

The  synthetic  aperture  radar  [SAR]  antenna  mounted  on 
the  earth  resource  satellite- 1  [ERS-1]  is  a  large  folding- 
screen-type  structure.  A  test  of  its  unfolding  was  con¬ 
ducted  by  using  an  engineering  model  [EM]  with  elec¬ 
trical,  mechanical  and  thermal  performances  almost 
equal  to  those  of  the  actual  structure.  The  following  is  an 
outline  of  this  test. 

2.  Folding  Screen  Operation  of  SAR  Antenna  and  Tech¬ 
nical  Background 

This  antenna  is  the  largest  in  Japan,  is  unfolded  to  about 
12  meters  in  the  specified  orbit,  and  is  mounted  on  a 
satellite.  Its  unfolding  mechanism  and  operation  repre¬ 
sent  an  extension  of  the  conventional  folding-type  solar 
cell  paddle  technology,  but  differ  greatly  from  conven¬ 
tional  ones  in  respect  to  the  following  items:  1 )  a  unique 
three-stage  unfolding  and  operation  sequence  has  been 
adopted  in  this  antenna  (see  Figure  1  and  Table  1),  and 
2)  the  paddle  does  not  pose  any  problems,  but  latch-up 
accuracy  and  determent  of  thermal  deformation  are 
required  in  the  antenna.  In  addition,  unlike  usual  aper¬ 
ture  antennas,  it  is  an  array  antenna  equipped  with  a 
feed  circuit.  Therefore,  this  antenna  possesses  the  fol¬ 
lowing  characteristics:  3)  the  moment  of  inertia  of  the 
antenna  panel  is  large  for  the  area,  and  4)  flexibility 
regarding  the  unfolding  movement  is  required  for  a 
portion  of  the  feed  circuit.  It  can  be  said  to  be  quite 
difficult  to  realize  a  folding  efficiency  equivalent  to  that 
of  paddles  and  to  simultaneously  meet  all  the  require¬ 
ments.  It  can  also  be  said  that  devising  a  method  for 
conducting  ground-based  unfolding  tests  of  such  a  large 
and  complex  folding  structure  represents  a  substantial 
developmental  subject. 


Table  1. 

Unfolding  Operation  and  Corresponding  Mechanism 


Unfolding 

Operation 

Holding/ 

Reieasing 

1  Unfolding/ 

Latch 

Synchronous 

Control 

90°-rotation 

Holding  and 

releasing 

mechanism 

Center  hinge 

Elongation  of 
both  wings 

Folding 

prevention 

mechanism 

Double  hinge/ 
panel  hinge 

Unfolding 

synchronous 

cable 

OfT-nadir 

inclincation 

Center  hinge 

Center  hinge 

3.  Outline  of  EM  Unfolding  Test 


Unfolding  tests  were  conducted  to  ensure  that  the  EM 
possessed  the  specified  unfolding  capabilities  and  to 
obtain  data  on  the  unfolding  characteristics.  The  test 
method  is  as  follows:  the  empty  weight  is  cancelled  by 
suspending  a  specimen  on  the  folding  test  jigs,  the 
unfolding  rotation  axes  are  set  perpendicularly  and, 
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6. 


Figure  1.  Unfolding  Operation  Sequence 


Key: 

1.  Flying  direction  (rocket  launching  direction) 

2.  Holding  and  releasing  mechanism 

3.  Center  pin 

4.  In  storage 

5.  Unfolding  inhibitor 

6.  90°-rotation 

7.  Body  structure  of  satellite 


8.  Panel  hinge 

9.  Unfolding  synchronous  cable 

10.  Antenna  panel 

1 1 .  Flying  direction 

1 2.  Center  arm 

1 3.  Off-nadir  inclination 

14.  Elongation  of  both  wings 

15.  35°-off-nadir  inclination 


when  the  specimen  moves  horizontally,  the  hoisting 
accessories  will  move  in  accordance  with  the  specimen’s 
movement.  Respective  tests  were  conducted  indepen¬ 
dently  because  the  direction  of  the  unfolding  rotation 
axes  varied  depending  on  the  unfolding  operation.  Fig¬ 
ures  2  and  3  [not  reproduced]  show  90°  rotation  and  the 
extension  of  both  wings.  After  the  antenna  panel  was 
folded  and  the  unfolding  rotation  axes  were  set  perpen¬ 
dicularly,  a  test  of  off-nadir  inclination  was  conducted. 
Data  on  the  time  history  of  the  unfolding  angles,  latch-up 
impact  strain,  etc.,  were  obtained  by  conducting  the 
respective  unfolding  tests. 

4.  Results  of  Tests 

It  was  confirmed  that  the  unfolding  time  was  as  analyzed 
and  expected  (for  ground  test  time),  and  neither  the  final 
unfolding  angular  velocity  nor  the  latch-up  impact  strain 
experienced  problems  in  terms  of  strength  when 
unfolding  tests  corresponding  to  the  respective  stages  of 
the  three-stage  unfolding  operation  sequence  were  con¬ 
ducted.  Table  2  compares  the  analyzed  values  and  test 
values  for  unfolding.  The  test  values  vary  widely  because 
synchronization  was  affected  and  disturbed  by  jig  resis¬ 
tance  during  the  test  involving  the  unfolding  of  both 


wings.  However,  the  reproducibility  of  the  other  test 
values  was  very  good. 


Table  2. 

Comparison  Between  Analyzed  Values  and  Test 
Values  During  Unfolding 


Unfolding  Operation 

Test  Value  (sec) 

Analyzed  Value  (sec) 

90°  operation 

19.6  to  20.0 

16.6  to  22.0 

Elongation  of  both 
wings 

11.8  to  16.7 

11.5  to  26.5 

Off-nadir  inclination 

21.6  to  22.3 

19.0  to  32.9 

5.  Summary 


We  were  able  to  confirm  characteristics  of  the  specimen 
and  to  clarify  which  jig  times  should  be  re-studied  by 
conducting  unfolding  tests  of  the  EM  of  the  SAR 
antenna.  We  plan  to  conduct  another  unfolding  test  by 
using  an  explosive  device. 

(Note)  This  research  was  carried  out  as  a  part  of  the  large 
project  “Research  and  Development  of  Observation 
System  for  Resource  Investigation”  promoted  by  the 
Agency  of  Industrial  Science  Technology  [AIST],  MIT!. 
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Vibration  Test  of  SAR  Antenna  Mounted  on  ERS-1 
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[Article  by  Hideo  Hino,  Ryoichi  Kuramasu  and  Yukiaki 
Nemoto  of  Resource  Investigating  Observation  System 
Research  and  Development  Organization;  Toshio  Inoue, 
Yoshiteru  Ogata,  Noriko  Kaneko,  Masatoshi  Toyosawa 
and  Yoshiyasu  Kosaka  of  Kamakura  Works,  Mitsubishi 
Electric  Corporation] 

[Text]  1.  Preface 

The  SAR  [synthetic  aperture  radar]  antenna  mounted  on 
the  ERS-1  [earth  resource  satellite- 1]  is  a  large,  folding- 
screen-type  structure.  We  have  conducted  a  vibration 
test  on  the  EM  [engineering  model],  which  has  electrical, 
mechanical  and  thermal  characteristics  equivalent  to 
those  of  the  actual  equipment,  and  the  following  is  a 
report  of  the  test  results. 

2.  Outline  of  Test 

The  purpose  of  the  test  is  to  ensure  that  the  SAR  antenna 
has  the  specified  strength  and  rigidity,  and  to  improve 
the  mathematical  model  based  on  the  analyzed  results. 

Figure  1  shows  the  test  configuration.  Boat-form  jigs 
were  used,  and  a  specimen  was  installed  on  an  excitation 


table  through  a  satellite  simulation  side  wall  because  the 
area  of  the  specimen  was  larger  than  that  of  the  excita¬ 
tion  table.  The  contents  of  the  test  were  as  follows:  the 
respective  models  were  surveyed  in  three  axis  directions 
of  the  specimen,  and  sine  waves  were  excited  at  the  AT 
and  QT  levels.  The  exciting  level  is  shown  in  Table  1. 
Measurements  were  carried  out  using  an  accelerometer 
with  68  channels  and  a  strain  gage  with  20  channels,  and 
the  exciting  force  was  controlled  with  a  4-channel  accel¬ 
erometer  installed  on  the  satellite  simulation  side  wall. 


Table  1. 

QT  Level  Sine  Wave  Sweeping  Environmental  Test 


X-axi$  direction 

5  to  9.4  Hz 

12.7  mm 

D.A. 

9.4  to  15  Hz 

2.25  Go-p 

2  Oct/min 

1 5  to  2 1  Hz 

6.0  Go-p 

UP/DOWN 

21  to  30  Hz 

2.25  Go-p 

SWEEP 

30  to  100  Hz 

6.0  Go-p 

Y-  and  Z-axis 
directions 

5  to  15.3  Hz 

12.7  mm 

D.A. 

2  Oct/min 

15.3  to  35  Hz 

6.0  Go-p 

UP/DOWN 

35  to  100  Hz 

3.0  Go-p 

SWEEP 

Note)  The  AT  level  is  1/1. S  that  shown  in  this  table. 


2. 

(  i  )  ffi  (  Y  )  JD  fi 


(ii)ffirt(X)lin8S  8. 


Figure  1.  Vibration  Test  Configuration 

Key: 

1.  Excitation  in  Y-axis  direction  5.  Satellite  simulation  side  wall 

2.  (i)  Out-of-plane  (Y)  excitation  6.  Vibration  test  jig  proper 

3.  Excitation  in  X-axis  direction  7.  Horizontal  exciting  table 

4.  Specimen  8.  (ii)  In-plane  (X)  excitation 
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3.  Test  Results 

The  test  was  finished  safely,  without  any  specimen 
breakage  generated  in  any  of  the  three  axis  directions.  It 
was  clarified  that  the  resonance  points  in  the  X,  Y  and  Z 
directions  were  57,  61  and  44  hertz,  respectively,  satis¬ 
fying  the  specification  values  (35  hertz  or  morei  This 
fact  demonstrates  that  both  the  design  strength  and 
rigidity  of  the  SAR  antenna  are  appropriate.  Figure  2 
shows  data  on  the  measurements  of  typical  points  (Z 
direction  on  the  outermost  layer).  The  intensity  of  the 
response  acceleration  was  not  proportional  to  the  exci¬ 
tation  level,  and  the  response  magnification  was  lowered 
in  accordance  with  the  rise  in  the  excitation  level,  i.e., 
nonlinearity  was  recognized.  In  addition,  close  couplings 
among  the  respective  directions  were  observed. 

4.  Comparison  with  Analyzed  Values 

Table  2  compares  the  test  values  with  the  analyzed  ones 
of  basic  natural  frequencies.  Before  making  a  model  for 
analysis,  the  rigidity  of  the  bush-superposed  section  of 
the  hold-down  section  was  simulated  with  a  beam  on  the 
assumption  that  the  cross-section  of  the  beam  had  an 
equivalent  geometric  moment  of  inertia  in  which  the 
contribution  of  the  panel  rigidity  was  taken  into  consid¬ 
eration.  In  addition,  although  the  panel  is  asymmetric 
and  has  a  honeycomb  sandwich  structure  doubled  with 
an  antenna  radiative  section  and  a  support  structural 
section,  only  the  support  structural  section  was  modeled 
since  it  is  dominant  for  rigidity.  As  can  be  seen  from 
Table  2,  it  was  confirmed  that  the  rigidity  in  the  cross 
section  was  good,  and  the  method  of  modeling  the  bush 
was  correct. 


Figure  2.  Z-Direction  Response  Acceleration 
(Outer-most  Layer  Panel)  at  Excitation  in  Z-direction 


Key:  1.  Vibration  frequency  (Hz) 


Table  2. 

Comparison  Between  Analyzed  Values  and  Test 
Values  of  Basic  Natural  Frequency 


Exciting  Direction 

Test  Value  (Hz) 

Analyzed  Value  (Hz) 

X 

57 

59.7 

Y 

61 

52.1 

Z 

44 

40.9 

(Note)  This  research  was  carried  out  as  part  of  the  large 
project  “Research  and  Development  of  Resource  Inves¬ 
tigating  Observation  System”  promoted  by  the  Agency 
of  Industrial  Science  and  Technology  [AIST],  MITI. 
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[Text]  1.  Preface 

The  SAR  [synthetic  aperture  radar]  antenna  mounted  on 
the  ERS-1  [earth  resource  satellite- 1]  is  a  large  folding- 
screen-type  structure.  An  EM  [engineering  model]  of  the 
SAR  antenna  was  made  so  that  its  electrical,  mechanical 
and  thermal  functions  were  equivalent  to  those  of  the 
actual  equipment,  and  was  subjected  to  a  series  of 
development  tests  in  order  to  obtain  an  overall  evalua¬ 
tion  of  the  SAR  antenna.  An  acoustic  test,  which  is  one 
of  the  development  tests,  has  been  finished.  The  fol¬ 
lowing  is  a  report  of  the  results  of  the  acoustic  test. 

2.  Test  Specimen  and  Outline 

The  purpose  of  the  test  was  to  ensure  that  (1)  the  SAR 
antenna  could  withstand  the  high-frequency  acoustic 
vibrational  environments  generated  with  the  ERS-1  is 
launched,  and  (2)  the  random  vibration  environmental 
conditions  of  the  respective  components  (feeder  circuit, 
cables,  etc.)  of  the  SAR  antenna  are  appropriate. 
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Figure  1  shows  an  outline  of  the  specimen.  When  the 
ERS-1  is  launched,  eight  SAR  antenna  panels  with 
divided  apertures  will  be  folded  and  retained,  with 
thepanel  faces  parallel  to  the  side  wall  of  the  satellite. 
The  panels  are  numbered  from  (1)  to  (8),  in  sequence, 
from  the  face  closest  to  the  side  wall  of  the  satellite.  A 
center  arm  is  put  between  panels  (4)  and  (5).  The 
clearance  between  the  panels.  As  can  be  seen  from  the 
detailed  section  shown  in  Figure  1,  the  antenna  panel  is 
based  on  a  double  honeycomb  sandwich  structure,  the 
antenna  radiating  section  and  supporting  structural  sec¬ 
tion  are  integrated,  and  a  feeder  circuit  is  incorporated  in 
the  supporting  structural  section.  Each  panel  is  covered 
with  beta  cloth  and  MLI  thermal  control  material. 


Key: 

1 .  CFRP  skin 

2.  Aluminum 
honeycomb  core 

3.  Nomex  honeycomb 
core 

4.  Kevlar  skin 

5.  Beta  cloth 

6.  SAR  antenna  EM 


7.  Panel  (1) 

8.  Panel  (4) 

9.  Panel  (5) 

10.  Panel  (8) 

1 1.  Center  arm 

12.  Satellite  simulation  side 
wall 

1 3.  Acoustic  test  jig 


Figure  2  [not  reproduced]  shows  the  test  configuration. 
The  test  levels  are  shown  in  Table  1.  The  test  was 
conducted  for  the  sound  pressure  load  at  both  the  pretest 
and  full  test  levels. 


Table  1. 

Acoustic  Test  Level 


1/1  Octave 
Center 

Frequency 

(Hr) 

Pretest  Sound 
Pressure  Level  (dB) 

(0  dB  =  20 
micropascals) 

Full  Test  Sound 
Pressure  Level  (dB) 

(0  dB  =  20 
micropascals) 

31.5 

122 

126 

63 

125 

129 

125 

129 

133 

250 

134 

138 

500 

138 

142 

1000 

132 

136 

2000 

129 

133 

4000 

125 

129 

8000 

122 

126 

Overall 

141 

145 

Test  time 

60  (sec) 

120  (sec) 

3.  Test  Results 


The  response  ratio  of  the  response  acceleration  to  the 
load  sound  pressure  at  the  pretest  level  and  that  at  the 
full  test  level  were  almost  linear.  The  maximum  value  of 
the  response  acceleration  was  seen  at  panel  (8),  and  was 
36.8  [Grms]  at  the  full  test  level.  Figure  3  shows  the 
results  of  analyzing  the  1/1  octave  at  this  value.  Figures 
4  through  6  shows  results  of  analyzing  the  1/1  octave  of 
the  response  acceleration  of  panels  (1),  (4)  and  (5)  in  the 
vicinity  of  the  above  value  at  the  full  test  level.  Following 
the  sound  pressure  load,  no  abnormalities  were  gener¬ 
ated  from  the  specimen. 


•  1. 

. 

• 

n*- 

• 

• 

.1 — i  1  i 

-4- 

91. S  «3  I2S  ISO  »M  IX  .  2K  «X  tK  «.N 

NZ 


Figure  3.  Panel  (8)  Response  Acceleration 
Key:  1.  Predictor 
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l/l  ICTNve 


Figure  4.  Panel  (1)  Response  Acceleration 
Key;  1.  Predictor 


1/1  Dcmve 


Figure  5.  Panel  (4)  Response  Acceleration 
Key:  1.  Predictor 


i/I  ocmn 


Key:  1. Predictor 


4.  Summary 

The  EM  of  the  SAR  antenna  was  subjected  to  an 
acoustic  test.  As  a  result,  it  was  confirmed  that  the 
specimen  could  withstand  high  frequency  vibration 
environments  assuming  that  the  H-I  two-stage  rocket 
would  be  used  for  the  launch.  Random  vibration 
environmental  conditions  have  been  loaded  in  each 
component  of  the  SAR  antenna.  These  conditions  have 
been  recognized  as  being  appropriate. 


(Note)  This  research  was  carried  out  as  part  of  the  large 
project  “Research  and  Development  of  Resource  Inves¬ 
tigating  Observation  System”  promoteid  by  the  Agency 
of  Industrial  Science  and  Technology  [AIST],  MlTl. 
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[Text]  1.  Preface 

Conducting  an  assembly  operation  in  space  requires  the 
performance  of  various  tasks,  extending  from  precise 
engagement  using  a  remote-controlled  manipulator  to 
the  transportation  of  large  payloads.  These  tasks  are 
scheduled  to  be  carried  out  by  a  main  arm,  with  a  length 
of  approximately  10  meters,  and  subarms  installed  on 
top  of  the  main  arm  (as  of  July  1988).  These  subarms  will 
be  approximately  1.5  meters  long.  The  reliability  of  work 
conducted  in  extreme  environments  greatly  depends  on 
the  operation  performances  of  manipulators.  Of  the 
factors  related  to  the  operation  performance,  this  report 
describes  the  results  of  studying  the  work  difficulty, 
visual  devices  and  arm  oscillation  by  means  of  simula¬ 
tions. 

2.  Simulations 

A  maximum  displacement  of  50  mm  is  formed  on  the 
top  ofthe  long  and  large  main  arm  by  the  arm  deflection 
and  the  loosness  of  the  joints  in  the  arm,  depending  on 
the  attitude  and  operation  statuses.  It  is  anticipated  that 
when  the  work  is  carried  out  with  such  subarms,  oscilla¬ 
tions  having  this  value  as  the  maximum  amplitude  will 
remain  in  the  installation  base.  The  device  shown  in 
Photograph  1  [not  reproduced]  was  fabricated  in  a 
research  laboratory  to  simulate  this  oscillation.  The 
shoulder  of  the  slave  arm,  with  three  joints,  moves  on  an 
air  surface  plate.  The  above  device  has  been  designed  so 
that  this  shoulder  can  be  installed  on  the  linear  guide  and 
transferred  freely  between  stoppers  set  at  certain  dis¬ 
tances,  imitating  the  looseness  of  the  joints  of  the  main 
arm.  Also,  springs,  imitating  the  rigidity  of  the  main 
arm,  are  incorporated  in  these  stoppers,  with  the  com¬ 
bined  looseness  and  spring  displacement  set  at  +/-  50 
mm.  A  television  camera  is  set  500  mm  above  the 
shoulder  of  the  slave  arm,  and  the  operator  handling  the 
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master  arm  executes  tasks  while  watching  a  TV  monitor 
showing  a  site  that  he  cannot  observe  directly. 

Simulations  were  carried  out  at  the  two  phases  shown  in 
Table  1.  This  report  indicates  that  experiment  (I)  is  the 
main  one,  and  another  report  will  present  the  details  of 
experiment  (II).  Figure  1  shows  the  transfer  path  of  the 
arm  set  for  a  task  contained  in  experiment  (I).  In  the  case 
of  the  multi-point  transfer  task,  arm  wrist  pointers  must 
be  stopped  for  one  second  or  longer  in  the  sequence 
(1)^(2)-,(3)^(4)^(5)-^(4)-.(3)-.(2)-,(1)  in  a  20- 
mm-diameter  marker  on  the  air  surface  plate.  For  a 
two-point  reciprocating  task,  the  operation  must  be 
carried  out  in  the  following  sequence: 
[1]^[2]^[3]-^[4]^[5]-.[4]^[3]-.[2]^[1].  The  arm 
transfer  distance,  in  both  cases,  totals  4  meters,  but  when 
the  arm  transfers  among  adjacent  points,  the  former  case 
requires  only  one-joint-operation  while  the  latter 
requires  three-joint-operation.  This  subject  isa  25- 
year-old  male  familiar  with  this  arm  operation. 


Table  1. 

Simulation  Contents 


I.  Positioning 
(unload,  +/-  10  mm) 

11.  Engagement  of  parallel  pin 
with  a  diameter  of  8  mm  (setting 
interval:  345  mm;  engagement 
accuracy:  +/-  50  m;  load:  10  kg, 

100  kg) 

Experimental 

factor 

Level 

Experimental 

factor 

Shoulder 

oscillation 

•  0.5  Hz, 

+/-  50  mm 

Shoulder 

oscillation 

*  0.5  Hz, 

+/-  50  mm 

Nil 

0.25  Hz, 

+/-  50  mm 

TV  camera 

*  Monocular 
(FOV:  45“) 

•  Stereoscopic 
(FOV;  45°) 

TV  camera 

•  Monocular 
(FOV:  45°) 

Set  Task 

•  Multipoint 
movement 

•  Monocular 
(FOV:  10°) 

•  Two-point 
reciprocation 

•  Stereoscopic 
(FOV:  45°) 

3.  Test  Results 


After  the  subject  was  sufficiently  trained,  an  experiment 
was  conducted  by  executing  five  sets  of  tasks,  each 
consisting  of  eight  trials.  The  execution  time  of  each  trial 
was  measured,  and  the  three  intermediate  sets  were 
extracted  and  analyzed.  The  order  of  trial  executing  in  a 
set  was  determined  at  random.  Table  2  shows  the  work 
execution  time,  and  Table  3  shows  the  upper  probability 
value  obtained  from  the  above  extraction  and  analysis. 
These  results  indicate  the  following:  (1)  When  the  posi¬ 
tioning  is  executed  by  approximately  +/-  10  mm  during 
unloading,  the  shoulder  oscillation  will  steadily  increase 
the  execution  time  of  the  manipulator’s  task.  The  value 
is  approximately  12  percent.  (2)  When  the  arm  is  oscil¬ 
lated  and  when  it  is  necessary  for  a  number  of  the 
manipulator’s  joints  to  be  operated  in  a  cooperative 
manner,  there  is  a  strong  possibility  that  the  working 


Figure  1.  Set  Task 

Key: 

1.  Pointer 

2.  Wrist 

3.  Elbow 

4.  Surface  table 

5.  Shoulder 

6.  The  operator  carries  out  the  positioning  work  with  the 

pointer,  in  sequence,  from  (1)  — >  (2)  (3)  (4)  — ♦  (5) 

^  (4)  ^  (3)  (2)  ^  (1)  or  [1]  ^  [2]  [3]  ^  [4]  _  [5] 

-  [4]  [3]  [2]  [1]. 


time  will  increase.  This  suggests  that  the  degree  of 
influence  of  the  arm’s  oscillation  on  the  manipulator 
varies  with  every  task.  According  to  this  experiment, 
easy  work  refers  to  work  that  is  carried  out  through  the 
operation  of  a  single  joint  rather  than  work  involving  the 
execution  of  a  small  number  of  tasks.  (3)  When  the  arm 
is  oscillated,  and  when  the  observation  rneans  is  a 
monocular  camera,  there  is  a  strong  possibility  that  the 
working  time  will  increase.  According  to  the  second 
phase  test  results  mentioned  in  another  report,  it  has 
been  observed  that  the  workability  is  enhanced,  in 
sequence,  from  a  standard  lens  monocular  camera  to 
zoom  lens  monocular  camera  to  stereo  camera,  in  accor¬ 
dance  with  the  decrease  in  the  oscillation  cycle  (identical 
amplitude). 


Table  2. 

Work  Execution  Time 


Trial 

Shoulder 

Oscillation 

TV  Camera 

Set  Task 

Work 

Execution 

Time 

(seconds) 

(1) 

Exists 

Monocular 

Multipoint 

116+/-2.6 

(2) 

Exists 

Monocular 

Two-point 

117+/-4.9 

(3) 

Exists 

Stereoscopic 

Multipoint 

11 4+/- 1.7 

(4) 

Exists 

Stereoscopic 

Two-point 

Iia4-/-5.9 

(5) 

Nil 

Monocular 

Two-point 

89+/-6.3 

(6) 

Nil 

Monocular 

Two-point 

101+/-7.8 

(7) 

Nil 

Stereoscopic 

Multipoint 

94+/-5.4 

(8) 

Nil 

Stereoscopic 

Two-point 

95+/-7.1 
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Table  3. 

Results  of  Dispersion  and  Analysis 


Oscillation  of 
Shoulder 

TV  Camera 

Set  Task 

Upper  Side 
Probability 
(percent) 

* 

47 

* 

51 

4.4E-4 

* 

♦ 

23 

* 

« 

57 

• 

* 

15 

* 

* 

« 

52 

(*  denotes  factors  of  upper  side  probabilistic  values) 


The  upper  side  probability  values  do  not  confirm  that 
items  (2)  and  (3)  above  are  significant,  but  there  is  a 
strong  possibility  that  these  items  are  significant.  There¬ 
fore,  their  significance  must  be  examined  through 
detailed  tests  to  be  conducted  in  the  future. 

4.  Postface 

As  a  result  of  observing  the  workability  of  subarms  under 
the  oscillation  of  the  main  arm  through  simulations 
employing  two-dimensional  arms,  it  has  been  confirmed 
that  it  is  possible  to  execute  the  positioning  task  by 
approximately  +/-  10  mm,  but  this  execution  causes  the 
working  time  to  increase.  It  has  also  been  suggested  that 
when  the  means  of  operation  and  observation  of  the 
manipulators  are  properly  selected,  it  is  possible  for  this 
working  time  to  be  shortened. 

According  to  computer  simulations,  the  degree  of  oscil¬ 
lation  obtained  from  this  experiment  is  equivalent  to 
that  of  the  worst  case  scenario.  Actually,  this  oscillation 
is  not  constant,  but  instead  decreases  along  with  the 
frequency  and  amplitude.  In  the  future,  we  plan  to 
continue  studying  this  operation  taking  arm  dynamics 
into  consideration. 


Teleoperation  Using  Skill  Superposition 
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[Article  by  Narutomo  Hirai  and  Tomomasa  Sato  of  the 
Electrotechnical  Laboratory;  Hironobu  Urabe  and 
Masaaki  Uenishi  of  Kawasaki  Heavy  Industries,  Ltd.] 

[Text]  1.  Preface 

The  master  slave  manipulator  is  effective  as  a  means  of 
intuitively  carrying  out  teleoperating  tasks  in  space. 
However,  skill  is  indispensable  when  carrying  out  skillful 
work.  In  order  to  facilitate  the  carrying  out  of  skillful 
work  without  involving  training,  it  is  important  that  the 


skillfulness  of  robots  and  human  operation  be  super¬ 
posed.  This  paper  describes  the  control  method  consti¬ 
tuting  the  skillfulness  used  in  teleoperating  work,  and 
demonstrates  a  method  of  conducting  skillful  teleopera¬ 
tion  by  superposing  human  operation  and  the  above 
skillfulness. 

2.  Analysis  of  Skillfulness 

In  order  to  realize  the  above-mentioned  matter,  it  is 
necessary  to  clarify  the  human  operation  and  the  skill¬ 
fulness  which  should  be  handled  by  a  slave  manipulator 
in  respect  to  basic  operations.  *  Operations  which  cannot 
be  carried  out  by  robots  should  be  selected  as  human 
operations  when  taking  the  purpose  of  the  task  into 
consideration.  In  the  case  of  such  an  operation,  human 
judgment  is  taken  as  feedback.  On  the  other  hand,  static 
and  dynamic  restrictive  operations,  compliant  opera¬ 
tions,  etc.,  can  be  cited  as  operations  in  which  the  local 
interaction  with  the  environment  represents  a  problem. 
These  operations  are  equivalent  to  the  operation  in 
which  robots  autonomously  carry  out  and  compensate 
for  the  human  operation.  Generally  speaking,  such  oper¬ 
ations  are  those  for  which  feedback  information  can  be 
obtained  only  locally  and  those  for  which  the  control 
processing  speed  is  high.  Table  1  shows  an  example  of 
analysis  of  an  operation  summarized  in  the  above 
manner.  For  example,  humans  bend  and  extend  their 
fingers  when  gripping  an  object,  while  robots  are  con¬ 
trolled  compliantly  and  are  adapted  to  the  shape  and 
attitude  of  such  an  object. 


Table  1. 

Skillfulness  Knowledge  Base 


Name  of  task 

Coordinate 

system 

Human 

operation 

Robot 

operation 

Grip 

Finger 

coordinate 

Width  of  grip 

Compliant 

control 

Release 

Finger 

coordinate 

Width  of  grip 

Compliant 

control 

Uft 

Table 

operation 

coordinate 

Height 

No  operation 
involving  the 
lower  side 

Place 

Table 

operation 

coordinate 

Height 

Absorption  of 
impact  force 

Put  on 

Table 

operation 

coordinate 

1  Height 

!  Absorption  of 
impact  force 

Turn 

Coordinate 
axis  of 
rotation 

Angle  of 
rotation 

Compliant 

control 

Fit 

Surface 

operational 

coordinate 

Pushing 

operation 

RCC 

operation 

Insert 

Coordinate 
hole  task 

Height 

RCC 

operation 

3.  Skillfulness  Superposing  Mechanism 


Figure  1  outlines  the  skillfulness  superposing  mechanism 
consisting  of  a  master  slave  manipulator,  skillfulness 
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4.  9. 

Figure  1.  Skillfulness  Superposition  Mechanism 


Key: 

1 .  Skillfulness  calling 
mechanism 

2.  Teaching  box 

3.  Keyboard 

4.  Master  manipulator 


5.  Incremental  control 

6.  Software  jig 

7.  Program  control 

8.  Skillfulness  knowledge 
base 

9.  Slave  manipulator 


between  them.  The  time  required  for  the  skill  level  to  be 
reached  was  short  since  the  task  was  simple. 

As  shown  below,  the  effectiveness  of  the  skillfulness 
superposition  can  be  summarized  based  on  the  above- 
mentioned  results:  1.  The  effectiveness  of  the  skillfulness 
superposition  can  be  recognized  until  skill  is  reached 
when  complex  work  is  involved.  The  skillfulness  super¬ 
position  is  also  effective  for  simple  work  that  must  be 
carried  out  continuously  and  which  involves  many  and 
different  skills.  2.  Some  skills  are  difficult  for  humans  to 
acquire.  If  these  skills  are  realized  with  software  and 
robots,  the  effectiveness  of  the  skillfulness  superposition 
will  become  greater. 

5.  Postface 

Coordination  between  humans  and  robots  is  an  impor¬ 
tant  subject  for  a  teleoperating  system.  This  paper  shows 
coordination  methods  in  relation  to  levels  of  skillfulness. 
Based  on  this  philosophy,  it  is  believed  that  if  skills 
difficult  for  humans  to  acquire  are  prepared  for  robots, 
working  capabilities  surpassing  those  of  the  operator’s 
bare  hand  can  be  realized. 


knowledge  base,  and  skillfulness  calling  mechanism.  The 
master  slave  manipulator  superposes  various  control 
methods,  the  skillfulness  knowledge  base  accumulates 
the  skillfullness  analyzed  in  2,  and  the  skillfulness  calling 
mechanism  uses  the  accumulated  skillfulness.  In  order  to 
carry  out  the  task,  first  the  system  must  recognize  the 
name  of  the  task  through  the  automatic  detection 
system^  from  human  operations,  and  the  skillfulness 
calling  mechanism  using  a  voice  input  device.  Then,  the 
task  will  be  divided  into  basic  operations  on  the  basis 
ofthe  above-mentioned  skillfulness  knowledge  base,  and 
operations  which  should  be  carried  out  by  humans  will 
be  indicated.  Next,  the  humans  will  operate  the  master 
slave  manipulator,  teaching  box,  etc.,  based  on  the 
indication,  robots  will  be  controlled  with  restrictive  and 
compliant  operations,  and  the  task  will  be  carried  out. 

4.  Experimental  Example 

An  experiment  for  the  following  two  cases  was  con¬ 
ducted,  and  the  two  sets  of  results  were  compared  and 
studied.  In  one  case,  a  column  inserted  into  a  hole  was 
gripped  and  extracted  solely  by  the  use  of  a  master  slave 
manipulator  in  order  to  verify  the  effectiveness  of  the 
skillfulness  superposition,  while  in  the  other  case,  the 
column  was  handled  using  the  skillfulness  superposition. 
At  the  beginning  of  this  experiment,  the  former  case  had 
a  low  success  rate  (three  times  out  of  six  were  failures), 
while  the  latter  case  suffered  no  failures.  In  addition, 
after  the  work  was  carried  out  on  a  stable  basis,  the  time 
required  to  grip  and  extract  the  column  from  the  hole 
was  measured.  As  a  result,  there  were  differences 
between  the  use  and  non-use  of  the  skillfulness  superpo¬ 
sition  in  respect  to  the  success  rate  and  time  required  for 
the  task  until  skill  was  attained,  but  after  the  skill  level 
was  reached,  there  were  no  remarkable  differences 
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[Text]  1.  Preface 

Manipulator  systems  are  teleoperated  in  space.  When 
such  a  manipulator  system  is  studied,  the  influence  of 
the  data  transmission  delay  time  on  the  manipulator 
system  cannot  be  ignored.  The  following  is  a  study  of  a 
manipulator  system,  from  the  standpoint  of  the  opera¬ 
tion  properties,  when  this  delay  time  exists. 

2.  Delay  Time  and  Operation  Properties 

Table  1  shows  the  relationship  between  the  delay  time 
and  operation  form  of  the  manipulator  to  be  teleoper¬ 
ated.  It  is  said  that  the  delay  time  of  human  reactions 
varies  depending  on  the  individual,  but  generally  ranges 
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Table  1.  Delay  Time  and  Operational  Form  of  Teleoper- 
ated  Manipulator 
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Key: 

1.  Telecommunications  line 

2.  Direct  line 

3.  TDRS  relay  direct  receiving 

4.  TDRS  relay  by  way  of  TDRS  station 

5.  Operational  form 

6.  Example  of  operation 

7.  Geostationary  orbit 

8.  Ground 

9.  In  vicinity  of  space  station 

10.  Space  station 

1 1 .  Low  earth  orbit 

12.  (Operation  only  while  visible) 

13.  (Operation  even  outside  visible  areas 

14.  Delay  time  reciprocation 

15.  Remarks 

16.  In  the  case  of  a  low  earth  orbit,  the  operating  time  is 
limited  because  WS  and  CS  must  be  in  visible  areas 

1 7.  CS  must  be  located  where  it  can  receive  direct 
information  from  TDRS 

18.  When  the  telecommunications  line  used  between  the 
CS  and  TDRS  station  is  a  satellite  circuit,  the  delay 
time  will  be  increased  further 


from  0.2  to  0.4  sec.  Of  course,  delay  elements  exist  in 
control  systems  related  to  humans.  In  addition  to  this 
delay  time,  when  a  manipulator  system  teleoperated  in 
space  is  studied,  as  shown  in  Table  1,  the  delay  time  of 
the  telecommunications  lines  between  the  working  side 
and  operation  side  cannot  be  ignored.  A  delay  time  is 
also  generated  when  processing  data  on  radio  wave 
propagation  distance  and  transmitting-receiving  sys¬ 
tems. 

The  following  is  a  study  of  the  system  configuration  for 
the  case  when  such  a  delay  time  exists  in  the  system. 
Figure  1  presents  information  on  sensors  and  the  control 
level  hierarchy  for  use  in  this  study. 

The  MAN  IN  THE  LOOP  refers  to  humans  producing 
controlled  variables  based  on  the  information  on  images 
and  inner  force  senses.  It  can  be  said  that  the  system 
form  of  the  teleoperation  according  to  the  telepresence  of 


such  a  MAN  IN  THE  LOOP  relies  on  humans  in  respect 
to  a  hierarchy  of  at  least  two  or  three  levels,  as  shown  in 
Figure  1 .  A  delay  time  of  1  to  2  seconds  transfers  a  sense 
of  unnaturalness  and  incompatibility  to  the  operators 
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Figure  1.  Sensor  Information  and  Control 
Level  Hierarchy 


Key: 

1.  Sensor  information 
level 

2.  Control  information 
level 

3.  Approximate  oper¬ 
ating  time  interval 
(order  value) 

4.  Indication  of  work 

5.  Level  5 

6.  Recognition  of 
environment 

7.  Discrimination  of 
objects 

8.  Correlation 

9.  Formation  of  simple 
tasks 

10.  Instructing  simple 
tasks 

11.  Level  4 

12.  Recognition  of 
partial  environment 

1 3.  Position  of  shape 

14.  Direction 

1 5.  Formation  of 
basic  operation 

16.  Instructing  basic 
operation 


17.  Level  3 

1 8.  Extraction  of 
local  features 

19.  Distance 

20.  Edge  information 

21.  Formation  of  primitive 
operation 

22.  Indication  of  position  of 
coordinate 

23.  Level  2 

24.  Coordinate 
transformation  and 
positive  transformation 

25.  Coordinate  position 

26.  Force 

27.  Coordinate 
transformation  and 
inverse  transformation 

28.  Level  1  29.  Pretreatment 
of  sensor  data 

30.  Angle 

3 1 .  Angular  velocity 

32.  Angle  of  joints 

33.  Servo  system 

34.  Sensor  data 

35.  Actuator  driving  signal 
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since  the  approximate  operation  delay  time  interval  at 
level  two  to  three  is  about  0.02  sec. 

The  bilateral  control  which  feeds  inner  force  senses  back 
to  the  operators  is  very  effective  when  the  task  is  carried 
out  minutely  using  a  teleoperation  system,  but  it  is 
possible  for  the  systems  to  become  unstable  when  a  delay 
time  exists.  Also,  with  regard  to  the  visual  information,  it 
is  suggested  that  the  sense  of  incompatibility  caused  by 
such  a  delay  time  can  be  removed  from  the  workers 
through  indicators  foreseen  by  computer  simulation. 
However,  when  an  unforeseen  accident  occurs  in  orbit, 
this  philosophy  cannot  cope  with  the  accident  and  prob¬ 
lems  will  arise.  For  example,  when  obtaining  precise 
images  to  foresee  complex  working  environments,  the 
computer  processing  time  required  to  produce  these 
images  will  cause  a  delay  time  to  occur. 

3.  Study  of  Partially  Autonomous  Property 

In  order  to  solve  these  problems  and  to  lighten  the 
burden  on  the  operators,  it  is  necessary  that  cornplete 
reliance  not  be  placed  on  direct  operations  according  to 
the  real  time  of  these  operators,  but  that  a  system  be 
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Figure  2.  Example  of  Configuration  of  Autonomously 
Teleoperated  System 


Key; 

1 .  Work  side 

2.  Communications 
system 

3.  Operation  side 

4.  Local  AI 

5.  Main  AI 

6.  Local  knowledge  base 

7.  Basic  operation 
formation  system 

8.  Main  knowledge  base 

9.  Recognition  of 
partial  environment 


10.  Formation  of  primitive 
operation 

1 1 .  Simulator 

12.  Pretreatment  of  sensor 
data 

13.  Actuator  controller 

14.  Operator  I/F  section 

15.  Sensor 

1 6.  Actuator 

1 7.  Work  object 

18.  Human 


studied  instead  in  which  the  work  is  carried  out  auton¬ 
omously  to  some  extent.  In  other  words,  the  working  side 
should  have  a  local  looping  control  system  within  the 
overall  control  loop  so  that  when  the  operator  gives  a 
certain  sign  to  the  working  side  at  a  certain  level,  the 
work  will  be  carried  out  autonomously.  In  this  way,  the 
controlling  method  is  used  to  reduce  the  direct  control 
held  by  the  operators  and  to  increase  the  rate  of  auton¬ 
omous  operations.  This  controlling  method  is  referred  to 
as  “Supervisory  Control,”  and  is  effective  when  delay 
time  exists.  The  more  both  the  operating  and  working 
sides  have  interfaces  at  the  high  level-control  hierarchy, 
the  higher  the  autonomous  degree  will  be.  If  it  is  possible 
to  indicate  a  basic  operation  level  or  a  simple  task  level 
(a  level  of  about  4  or  5  in  Figure  1),  the  operation 
properties  will  be  improved.  Figure  2  shows  an  example 
of  such  a  partially  autonomous  system  configuration. 

4.  Summary 

As  mentioned  previously,  when  an  unignorable  delay 
time  exists  in  a  teleoperated  manipulator  system,  it  is 
believed  to  be  desirable,  from  the  standpoint  of  opera¬ 
tion  properties,  for  supervisory  control  to  have  interfaces 
with  both  the  operating  and  working  sides  at  the  basic 
operation  or  simple  task  level.  In  order  to  do  so,  the 
manipulator  on  the  working  side  must  be  high- 
functioning  and  autonomous.  We  plan  to  study  this 
system  further. 
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[Text]  1.  Preface 

The  graphic  simulator  offers  very  effective  operation 
interfaces  with  space  robots.  This  kind  of  simulator  is 
outside  of  the  control  loop  and  has  been  used  to  train 
operators  and  to  examine  arm  orbits.  Sheridan,  et  al., 
attempted  to  use  such  a  simulator  as  a  predictor  to 
compensate  for  the  delay  in  communication  time  in  the 
teleoperation  loop.  The  authors  of  this  article,  however, 
have  already  adopted  a  simulator  in  a  teleoperation 
system,  indicating  non-operations  through  the  correct 
opening  and  closing  of  the  control  loop  and  demon¬ 
strating  a  concept  whereby  the  operation  efficiency  is 
increased  through  edit  functions.”.  The  following  is  a 
report  of  the  trial  operation. 
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2.  Concept  and  Configuration  of  Graphic  Simulator 
Intervening  Teleoperation  System 

A  real-time  graphic  simulator  is  adopted  in  this  system’s 
master  slave  manipulator.  The  purpose  of  the  system  is 
to  safely  and  efficiently  execute  tasks  by  reversely  repro¬ 
ducing  the  order  and  interactive  task  edit  and  by  using 
graphic  images  as  media.  It  is  believed  that  this  tech¬ 
nology  combines  teleoperation  and  an  autonomous 
robot.  Figure  1  shows  the  correlation  between  the  tele¬ 
operation  mode,  the  intervention  of  the  simulator  and 
the  autonomous  mode.  Human  intervention  task  plan¬ 
ning  is  a  prominent  part  of  this  concept.  The  operator 
indicates,  edits  and  debugs  the  necessary  movement  of 
the  arms  on  the  simulator,  transmits  the  obtained 
sequence  to  the  slave  system,  and  makes  the  slave  system 
execute  this  sequence.  In  this  case,  if  the  sequence  is  used 
interactively  or  is  batched  on-line  against  the  slave 
system,  it  will  be  possible  to  operate  flexible  robots. 
Deficiencies  in  AI  can  be  readily  compensated  for  by 
conducting  supervisory  and  intervention  work  during 
the  autonomous  task  planning. 


simulator  ougmenteo  mode 


Figure  1.  Conceptual  Relationship  of  Simulator 
Augmented  Mode 


Figure  2  shows  the  configuration  of  the  developed 
system.  The  respective  subsystems  are  combined  as 
dispersion  systems  employing  microprocessors  by  means 
of  serial  telecommunication  lines  utilizing  optical  fiber 
cables.  The  structures  of  the  master  arm  and  the  slave 
arm  differ,  but  are  generalized.  Both  arms  have  general- 
purpose  simulators  and  standardized  telecommunica¬ 
tion  lines.  The  operator  carries  out  the  operating  work  by 
using  an  actual  master  arm  while  observing  the  move¬ 
ment  of  the  slave  arms  as  shown  on  a  three-dimensional 
graphic  display.  Actual  time  interference  is  determined 
on  the  simulator  side,  and  virtual  force  is  fed  back  to  the 
master  arm  based  on  this  judgment.  Figure  3  [not 
reproduced]  shows  an  example  of  a  display  image. 

3.  Edit 


The  edit  is  a  key  module  for  efficiently  operating  this 
system.  Figure  4  shows  a  block  diagram  of  its  functions. 
The  working  orbit  planned  on  the  display  by  an  operator 
is  stored  in  a  buffer  memory,  and  is  edited  interactively 
by  means  of  the  key  module.  The  reproduction  is  avail¬ 
able  in  two  kinds.  One  is  an  image  reproduction  only  for 
display  images,  while  the  other  is  a  slave  reproduction 
executed  with  slave  arms.  The  following  method  is  used 
to  edit  the  orbit.  The  orbit  is  reproduced  reversely  or 
forward  on  the  display,  is  stopped  properly,  and  is 
ovenvritten  by  using  programs  or  the  master  arm.  This  is 
similar  to  a  method  in  which  the  editing  and  reproducing 
is  carried  out  by  means  of  video  tape  recorders  and  word 
processors.  The  reverse  function  in  slave  reproduction  is 
effective  when  a  robot  is  returned  to  its  original  position 
in  order  to  correct  the  failures  caused  by  autonomous 
control.  In  addition,  the  reproduction  speed  is  variable. 
When  the  work  must  be  carried  out  carefully,  slave  arms 
with  low  follow-up  speed  capabilities  must  be  used  or,  if 
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We  have  studied  this  technology  and  its  ground  tester, 
have  made  a  portion  of  the  ground  tester  on  a  trial  basis, 
and  have  conducted  experiments  by  using  this  part. 

2.  Telepresence/Teleoperation  Technology 

We  are  studying  the  use  of  a  predicted-screen  display 
method,  together  with  hybrid  control  of  position  and 
force,  in  order  to  realize  telepresence/teleoperation  tech¬ 
nology. 

(1)  Predicted-Screen  Display  Method  (See  Figure  1) 
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cf 
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Figure  4.  Task  Editing  Module 


Pictures  in  the  vicinity  of  manipulators  are  transmitted 
from  space  robots  to  the  ground,  but  it  is  impossible  to 
obtain  these  pictures  in  real  time  on  the  ground  because 
of  the  delay  in  data  transmission. 


a  payload  with  large  mass  must  be  handled,  the  repro¬ 
duction  will  be  low.  In  the  reverse  case,  the  reproduction 
speed  is  increased  depending  on  the  situation. 

4.  Conclusion 

We  have  seen  our  way  clear  to  flexibly  carrying  out 
teleoperation  work  by  conducting  experiments  on  repro¬ 
duction,  editing  and  the  indication  of  simple  work  with 
this  system.  This  flexible  teleoperation  system  cannot 
cope  with  complex  work  since  the  processor  capacity  in 
the  current  system  is  restricted.  However,  most  of  the 
functions  obtained  by  using  this  method  are  essentially 
necessary  for  teleoperated  robots  in  space,  and  it  is 
expected  that  these  functions  will  be  developed  further 
in  the  future. 
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If  the  reaction  of  these  space  robots  to  operation  signals 
is  anticipated  and  displayed  through  simulations  con¬ 
ducted  on  the  ground,  the  operation  will  be  carried  out 
based  on  this  reaction  image.  Accordingly,  it  will  be 
possible  to  avoid  erroneous  operations  and  increase  the 
operation  efficiency. 


Figure  1.  Indication  on  Predicted  Screen 
Key:  5.  Control  signal 

1 .  Stereoscopic  image  6.  Simulation 

2.  Image  data  7.  Predicted  screen 

3.  TV  camera  8.  Time  delay  of  data 

4.  Arm  transmission 


(2)  Hybrid  Control  of  Position  and  Force  (See  Figure  2) 


[Text]  1.  Preface 

It  is  anticipated  that  work  in  space  will  be  carried  out  by 
means  of  satellites  equipped  with  manipulators.  The 
data  transmission  time  delay  between  ground  and  space 
can  be  cited  as  one  of  the  elements  representing  a 
problem  when  these  satellites  (space  robots)  are  teleop¬ 
erated  from  the  ground.  The  time  delay  lowers  the 
operation  efficiency  and  causes  malfunctions  to  occur. 
Telepresence/teleoperation  technology  is  regarded  as  a 
method  for  reducing  the  above  influence. 


Unknown  obstacles  on  the  predicted  screen  may  conflict 
with  the  operator’s  expectations.  These  mis-operations 
are  controlled  locally  by  means  of  the  hybrid  control  of 
position  and  force.  If  this  method  of  control  is  used, 
constraint  conditions  can  be  determined  in  accordance 
with  the  work  contents.  In  addition,  the  use  of  this 
method  will  prevent  objects  from  being  subjected  to 
excessive  force  and  will  prevent  operating  directions 
from  becoming  erroneous. 
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Figure  2.  Hybrid  Control  System 


Key: 

1.  Coordinate 
transformation 

2.  Position  signal 

3.  Correction  item 

4.  Position  control 


5.  Joint  angle  sensor  arm 

6.  Restricted  condition 

7.  Force  signal 

8.  Force  eontrol 

9.  Force/torque  sensor 


3.  Ground  Tester 

As  shown  in  Figure  3,  the  configuration  of  the  ground 
tester  has  been  designed  based  on  the  results  of  studying 
the  telepresence/teleoperation  technology.  The  purposes 
of  this  tester  are  to  simulate  the  tracking  and  acquisition 
operations  of  target  satellites  two-dimensionally 


according  to  the  arms  mounted  on  the  chaser  satellites, 
and  to  conduct  function-checking  tests. 

A  three-joint  arm  fixed  on  the  base  has  been  made  on  a 
trial  basis,  and  can  be  controlled,  including  the  time 
delay,  while  observing  stereoscopic  images  and  by  using 
a  joy  stick. 

4.  Test  of  Hybrid  Control  of  Position  and  Force 

A  test  was  conducted  to  check  the  hybrid  control  of 
position  and  force  by  using  the  above-mentioned  ground 
tester.  Figure  4  shows  an  example  of  the  test  results. 

Usual  control  system:  Speed  control — directions  of  x-,  y- 
and  rotation  axes. 

Hybrid  control  system:  Position  control — direction  of 
y-axis,  and  force  control — directions  of  x-  and  rotation 
axes. 

Contents  of  test:  The  arm  is  moved  while  stroking  the 
wall  in  the  direction  of  the  y-axis  in  accordance  with 
commands  given  by  means  of  the  joy  stick. 

Test  results:  The  functions  of  the  hybrid  control  system 
were  checked.  It  was  confirmed  that  the  efficiency  was 
higher  than  that  of  the  usual  control  system. 

5.  Postface 

The  functions  of  the  hybrid  control  of  position  and  force 
were  checked  by  using  the  ground  tester  for  space  robot 


Cr«ppl«  Flitar* 


Key: 

1.  Features  of  ground  tester 

2.  Motion  simulator 

3.  Chaser  satellite — ^two-dimensional 


4.  Target  satellite — three-dimensional 

5.  Stereoscopic  monitor 

6.  Input  of  time  delay  of  arm  control  signal  ( 1  sec  max) 
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Figure  4.  Test  Results  (Arm  Tip  Position) 

(time  delay:  1  sec) 

Key;  2.  Hybrid  control 

1.  Wall  surface  3.  Three-axial  speed  control 


technologies.  As  a  next-stage  test,  we  plan  to  check  the 
performance  of  the  hybrid  control  system,  including  the 
time  delay. 
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[Text]  1.  Preface 

Using  skilled  robot  manipulators  to  replace  hurnans  is 
necessary  for  assembling  structures  in  orbit  and 
replacing  units.  The  teleoperated  master  slave  system  is 
regarded  as  a  means  of  handling  such  manipulators.  The 
bilateral  master  slave  system with  a  different  structure 
is  excellent  in  respect  to  the  operation  properties  of  the 
master  arm  as  well  as  the  operation  of  various  manipu¬ 
lators  in  orbit. 

The  authors  have  devised  a  space  master  arm  with  high 
functioning  capabilities  in  a  weightless  state,  have  made 
a  ground  master  arm  with  operation  properties  almost 
equal  to  those  of  the  space  master  arm,  and  have 
constructed  a  bilateral  master  slave  system. 


The  following  is  a  report  of  the  results  of  tests  of  the 
master  arm  and  the  bilateral  master  slave  system  with  a 
different  structure. 

2.  Devising  Master  Arm  with  High  Operation  Charac¬ 
teristics 

Up  to  now,  care  has  been  taken  to  use  low  friction,  low 
inertia  and  gravity  balance  in  order  the  increase  the 
operation  characteristics  of  the  ground  master  arm. 
Gravity  balance  is  not  necessary  for  the  master  arm  used 
in  space,  but  in  addition  to  the  low  friction  and  low 
inertia,  we  have  tried  to  make  uniform  the  mass  charac¬ 
teristics  of  the  operation  and  the  master  arm  operating 
range.  In  this  way,  the  operator  can  carry  out  the  work 
smoothly,  without  experiencing  anisotropy.  Figure  1 
shows  the  distribution  of  mass  ellipsoids  of  the  devised 
space-use  master  arm.  The  length  of  the  major  and 


Figure  1.  Distribution  of  Mass  Ellipsoids 
(Space  Master  Arm) 


Figure  2.  Distribution  of  Mass  Ellipsoids 
(Ground  Master  Arm) 

Key:  1.1st  arm  2.  Weight 
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minor  axes  of  these  ellipses  corresponds  to  the  square 
root  of  the  tip  mass,  and  the  mass  crossing  at  right  angles 
to  the  surface  of  paper  is  uniform  for  almost  the  same 
size.  Figure  2  shows  the  distribution  of  mass  ellipsoids  of 
the  ground  master  arm  designed  so  that  the  mass  char¬ 
acteristics  are  almost  the  same  as  those  of  the  above 
space  master  arm.  A  weight  of  14  kg  is  installed  below 
the  first  arm  of  the  ground  master  arm  so  that  it 
experiences  a  weightless  state,  but  when  compared  with 
the  space  master  arm,  there  is  little  change  in  the  main 
axis  or  in  the  volume  of  the  mass  ellipsoids.  Therefore,  if 
this  ground  master  arm  is  used,  it  will  become  possible  to 
simulate  the  operation  of  the  space  master  arm.  Figure  3 
[not  reproduced]  shows  an  overall  view  of  the  ground 
master  arm  made  on  a  trial  basis.^ 

3.  Configuration  of  Master  Slave  System  with  Different 
Structure 

Three  methods  of  controlling  the  bilateral  master  slave 
system  have  been  studied  for  a  long  time.  They  are  termed 
the  “symmetrical,”  “force  reverse  transmitting,”  and  “force 
feedback”  control  methods.  The  configuration  of  this 
system  is  designed  so  that  four  control  methods,  including  a 
unilateral  control  method,  can  be  compared  and  studied.  It 
is  also  possible  to  determine  the  expansion  and  reduction  of 
positions  and  force  freely  and  to  change  the  slave  arm 
standard  operating  point.  The  control  system  consists  of  a 
68020  central  processing  unit  [CPU]  and  two  68000  CPUs. 
The  former  is  in  charge  of  calculating  the  coordinate  trans¬ 
formation  of  position/force,  and  is  also  in  charge  of  the 
signal  processing  work  of  a  six-axis  force  sensor,  while  the 
latter  is  in  charge  of  the  servo-calculation  of  the  master 
arm/slave  arms. 

4.  Bilateral  Control  Test 

Figure  4  shows  the  results  of  conducting  a  test  of  the 
force  reverse  transmitting  control  system  to  determine 
whether  or  not  the  force  imposed  on  the  slave  arm  is 


I 


Figure  4.  Test  of  Response  of  Master  Arm  Force 

Key; 

1.  Master  arm  output  value  (N) 

2.  Master  arm  force  command  value(N) 


transmitted  precisely  to  the  master  arm.  It  is  believed 
that  the  force  sense  is  almost  satisfactory  since  the  error 
against  the  command  value  is  within  10  percent. 

5.  Postface 

We  have  devised  a  space-use  master  arm  with  excellent 
operation  properties,  and  have  made  a  master  arm  which 
can  be  used  to  simulate  the  space  master  arm  on  the 
ground.  In  addition,  we  have  constructed  a  comprehen¬ 
sive  bilateral  master  slave  system  employing  the  master 
arm,  and  have  checked  to  ensure  that  the  force  is 
transmitted  to  the  master  arm  precisely.  In  the  future,  we 
plan  to  improve  the  operation  properties  of  this  system 
by  adding  a  partially  autonomous  function,  etc. 
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[Text]  1.  Preface 

In  order  to  safely  and  precisely  carry  out  the  required 
tasks  while  teleoperating  space  robots  in  accordance  with 
the  situation,  it  is  important  to  develop  a  highly  func¬ 
tional  operating  device  (hand  controller  appropriate  for 
use  in  space  robots).  The  following  is  a  report  of  the 
results  of  studying  this  hand  controller,  a  configuration 
of  the  orthogonal  coordinate-type  hybrid  master  as  an 
optimum  form,  and  the  control  system. 

2.  Premise  for  Study 

The  operating  device  was  studied  assuming  the  following 
items: 

•  The  operating  device  can  generally  be  used  for  arbi¬ 
trary  arms  with  six  degrees  of  freedom. 

•  The  correspondence  of  the  operating  device  to  the 
double  arms  shown  in  Figure  1  was  studied  based  on  the 
philosophy  that  it  will  be  used  as  an  EVA  substitute. 

•  Care  was  taken  with  regard  to  weight  and  operation 
space  when  considering  installing  the  operating 
device  on  a  space  station. 

•  A  wide  range  of  tasks  were  assumed,  extending  from 
precise  work  to  tasks  involving  large  mass  objects. 

•  Remote  control  was  assumed  to  be  based  on  the  main 
information  generated  by  images  from  a  TV  camera 
installed  on  the  arm  base  (Figure  2  not  reproduced.) 
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3.  Study  of  Systems  as  Operating  Devices 

The  systems  listed  in  Table  1  are  generally  regarded  as 
the  operating  devices  through  which  humans  give 
instructions  for  robot  movement.  The  following  results 
have  been  obtained  from  experiments  on  the  operation 
of  manipulators.  Agravity  is  simulated  in  these  experi¬ 
ments. 

•  It  is  important  to  use  natural  contact  with  human 
senses  in  the  assembly  and  combining  work  requiring 
skill.  An  inner  force  sense  is  particularly  important 
for  such  work. 

•  When  large  mass  objects  are  handled,  a  smaller  inner 
force  sense  will  simplify  the  operation. 

•  Visual  information  is  important  at  all  times. 

When  the  above  items  are  taken  into  consideration,  it  is 
preferable  that  the  operating  device  have  a  driving 
mechanism  with  six  degrees  of  freedom  or  more  in  order 
for  the  inner  force  senses  to  be  transmitted  to  humans, 
and  another  mechanism  enabling  the  position  and  speed 
commands  to  be  switched  by  one-touch  operation.  The 
basic  configurations  shown  in  Table  2  are  cited  as 
mechanisms  realizing  three-dimensional  operations. 


Table  2.  Example  of  Basic  Configuration  of 
Three-Dimensional  Operation  Mechanism 
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Key: 

1.  Type 

2.  Block  diagram 

3.  Setting  of  wrist 
position  and  degree 
of  freedom 

4.  Specific  attitude 
(wrist:  separate) 

5.  Coordinate  transfor¬ 
mation  (tip  — .  joint) 

6.  Orthogonal 
coordinate  type 

7.  Translation:  3 

8.  Rotation:  0 

9.  Amount  of 
calculation;  0 

10.  Cylindrical 
coordinate  type 


1 1 .  Translation:  2 

12.  Rotation:  1 

13.  Amount  of  calculation; 
small 

14.  Polar  coordinate  type 

15.  Translation:  1 

16.  Rotation:  2 

1 7.  Amount  of  calculation: 
medium 

1 8.  Articulated  type 

19.  Translation:  0 

20.  Rotation:  3 

2 1 .  Including  elongation 
attitude  of  elbow 

22.  Amount  of  calculation: 
great 


Table  1. 

Main  Operation  Device  Systems 


Classification 

Exampie  of  System 

On-off  mechanism 

Switch  and  keyboard 

Pointer  mechanism 

Mouth,  touch  panel,  track  ball 

Passive  mechanism 

Joystick  and  lever 

Active  mechanism 

Robot  mechanism  and  gripping  section 

There  is  little  danger  caused  by  excessive  operations  in 
the  isomorphic  M/S  where  the  relationship  between  the 
degrees  of  freedom  of  the  master  and  slave  arms  and  the 
coordinates  is  similar  because  changes  in  operation 


possibilities  accompanying  the  operations  in  both  are 
equivalent.  When  such  a  relationship  is  not  similar 
(different  coordinates  or  different  structure),  the  changes 
differ  and  areas  with  low  operation  possibilities  exist 
independently.  Therefore,  areas  with  low  operation 
properties  exist  widely  in  movable  ranges. 

Accordingly,  general-purpose  operating  devices  must 
have  a  low  specific  attitude  and  low  change  of  operation 
possibilities  depending  on  the  position.  The  orthogonal 
coordinate  system  is  an  optimal  operating  device  since 
its  position  requires  no  specific  attitude  and  a  small 
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Figure  3.  Hybrid  Master 
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amount  of  calculation  is  necessary  for  coordinate  trans¬ 
formation.  Three  axes  which  command  the  attitude  at 
the  tope  intersect  at  a  point  on  the  gripping  section. 
Figure  3  shows  a  hybrid  master  constructed  according  to 
the  previously-mentioned  premises.  This  hybrid  master 
is  of  the  panel-fitting  type. 

4.  Control  Method 

With  regard  to  the  hybrid  master  studied,  force  is  controlled 
to  control  the  inner  force  senses,  and  the  position  and  speed 
commands  can  be  switched  by  one-touch  operation.  Also,  a 
function  for  making  both  functions  coexist  is  useful  for  the 
hybrid  master.  Figure  4  shows  a  control  system  for  the 
master  (about  a  certain  axis). 


Figure  4.  Hybrid  Master  Control  System 

Key: 

1 .  Operation  4.  Position  control  system 

2.  Force  sensor  5.  Master  displacement 

3.  Slave  characteristics  6.  Target  force 


The  RMRC  position  and  speed  control  system  is  optimal 
for  controlling  the  slave.  Such  RMRC  control  is  used  in 
the  Japan  Experiment  Module  Remote  Manipulator 
System  [JEMRMS]  main  arm.  A  wide  range  of  opera¬ 
tions,  as  well  as  skilled  operations,  can  be  commanded, 
regardless  of  the  arm  length,  while  switching  the  position 
and  speed  commands. 

5.  Summary 

We  have  studied  an  operating  device  appropriate  for  use 
in  space  robots,  and  have  studied  the  construction  and 
control  method  of  the  orthogonal-type  hybrid  master  as 
an  optimal  system. 


[Article  by  Yasuo  Shinomiya,  Susumu  Ito,  Nobuto  Mat- 
suhiraku  and  Makoto  Asakura  of  Toshiba  Corporation] 

[Text]  1.  Preface 

The  Japan  Experimental  Module  [JEM]’s  manipulator 
consists  of  a  main  arm  and  subarm,  and  the  subarm  is 
controlled  with  a  master  slave  eontrol  system.  Up  to 
now,  operations  have  been  carried  out  with  the  same 
type  of  master,  having  good  operating  intuition.  We  have 
developed  and  trial  manufactured  an  orthogonal-type 
master  of  a  different  type  due  to  the  outfitting  properties 
in  the  pressurized  cabin  and  the  narrowness  of  the 
operating  space,  and  have  studied  the  operation  proper¬ 
ties  of  this  master.  It  is  possible  to  use  this  master  as  a 
six-axis  hand  controller  even  when  using  a  speed  com¬ 
mand  mode,  and  to  use  the  main  arm  and  subarm 
together. 

2.  Photograph  1  [not  reproduced]  shows  the  exterior  of 
the  six-axis  hand  controller  made  on  a  trial  basis.  Figure 
1  shows  the  configuration  of  the  degrees  of  freedom  of 
the  six-axis  hand  controller.  This  controller  is  of  the 
orthogonal  coordinate  type,  employs  ball  screws  in  three 
direct-acting  axes,  and  has  a  stroke  of  1 50  mm.  The  wrist 
attitude  is  devised  so  that  the  intersection  point  of  the 
three  axes  is  in  the  center  of  the  gripping  section  and  the 
amount  of  calculation  of  coordinate  transformation  is 
reduced.  Also,  the  gripping  section  is  equipped  with  a 
switch  for  opening  and  closing  the  hand  and  one  for 
changing  the  mode.  In  addition,  although  unnecessary  in 
space,  the  empty  weight  has  been  compensated  for  by 
using  a  constant  force  spring  and  a  counter  weight  in 
order  to  conduct  ground  tests. 

When  this  controller  is  used  as  a  master  arm,  the 
position  and  the  attitude  can  be  commanded  individu¬ 
ally  to  the  slave  arms.  The  recognition  of  the  overall 
shape  of  the  slave  arms  is  inferior  to  that  of  the  same 
type  of  master  arm  alone,  but  general-purpose  master 
arms  with  good  operation  properties  can  be  obtained. 

It  is  possible  to  use  the  controller  as  a  speed  system  like 
a  joystick  so  that  the  controller  commands  the  speed  in 
proportion  to  the  displacement  or  force  from  the  equi¬ 
librium  position. 
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Figure  2.  Control  Block  Diagram 


Figure  1.  Configuration  of  Degree  of  Freedom  of  Master 


Key: 

1.  Two-axis  (Z) 

2.  Six-axis  (0z) 

3.  Three-axis  (X) 


4.  Four-axis  (0x) 

5.  One-axis  (Y) 

6.  Five-axis  (0y) 


Key:  6.  Compensation  for  empty 

1.  Master  weight 

2.  Torque  sensor  7.  Slave 

3.  Motor  8.  Ratio  of  expansion  and 

4  Encoder  contraction  of  displacement 

5.  Force  feedback  ratio  9.  Order  transformation 


3.  Slave  Arm 

A  vertically  articulated  arm  with  basically  the  same 
structure  as  that  of  the  subarms  was  used  as  the  slave 
arm.  Photograph  2  [not  reproduced]  shows  the  exterior 
of  the  slave  arm.  Table  1  gives  the  basic  specifications 
for  a  six-axis  hand  controller  consisting  of  a  master  arm 
and  slave  arms.  The  empty  weight  of  these  slave  arms  is 
compensated  for  by  the  use  of  a  computer. 


Table  1. 

Specifications  of  Manipulator 


Siave 

Master 

Stmctore 

Articulated  type 

Orthogonal  coordi¬ 
nate  type 

Degrees  of  fieedom 

6  +  2  (hand) 

6 

Ann  length 

1  tn 

0.5  m 

Tip  load 

SON 

25  N/0.45  Nm 

Tip  speed 

60  cm/s 

40  cm/s 

Hand 

Parallel  opening  and 
closing,  snap 

Opening  and  closing 
switch 

4.  Control  Method 


A  torque  sensor  is  installed  on  each  axis  to  control  the 
master  arm  and  slave  arms.  Force  feedback-type  bilat¬ 
eral  control  is  carried  out  as  well.  Deviations  are  found 
and  controlled  by  transforming  a  standard  coordinate 
system  through  coordinate  transformation  since  the 
master  arm  and  slave  arms  differ  in  respect  to  form. 
Figure  2  shows  a  control  block  diagram  for  this  case. 

Control  modes  are  shown  below,  and  can  be  changed 
with  a  gripper  switch. 

(1)  Position  command  mode  (master  and  slave  modes) 

(2)  Position-speed  command  mode  (position:  speed 
command,  and  attitude:  position  command) 

(3)  Speed  command  mode  (joystick  mode) 


In  addition,  movement  of  origin,  displacementy(speed) 
scale  conversion  and  the  setting/change  of  force  feedback 
ratio  are  cited  as  auxiliary  functions.  The  master  arm  has 
a  small  operating  area  of  1 50  mm.  Such  small  operating 
areas  are  effective  for  wide  working  areas  of  slave  arms. 

5.  Experiment  on  Demonstration  of  Operation  Properties 

Several  kinds  of  experiments  were  conducted  to  demon¬ 
strate  and  check  the  operation  properties  of  this  six-axis 
hand  controller.  As  an  example  of  the  subarm  operation, 
an  experiment  involving  the  assembly  of  an  antenna  and 
one  on  engaging  a  clearance  of  0. 1  mm  were  conducted 
by  using  a  teleoperation  system  through  a  stereoscopic 
TV.  Good  results  were  obtained  from  both  experiments. 

In  addition,  an  experiment  on  gross  movement  was 
conducted  by  using  a  speed  command  mode,  and  the 
positioning  work  was  carried  out  satisfactorily  by  using 
the  position-speed  command  mode  mentioned  in  (2) 
rather  than  the  full  speed  command  mode  in  (3).  How¬ 
ever,  instead  of  using  the  10-meter-main  arm  of  the 
JEMRMS,  a  slave  arm  of  the  same  length  was  used  in 
this  experiment.  Therefore,  it  is  believed  to  be  necessary 
to  carry  out  evaluations  by  using  a  very  long  arm 
equivalent  in  length  to  the  main  arm  in  the  future. 

6.  Summary 

We  have  developed  a  compact  and  orthopnal  coordi¬ 
nate-type  six-axis  hand  controller  with  high  outfitting 
properties,  and  have  obtained  satisfactory  operation 
results  with  respect  to  the  force  feedback-type  master 
and  slave  control  and  position-speed  command  joint- 
use-type  control.  This  controller  is  promising  because, 
except  for  its  gripping  section,  it  will  have  dimensions  of 
30  cm^  or  less  and  a  weight  of  10  kg  or  less.  We  have 
proposed  the  adoption  of  this  controller  in  the  operation 
devices  used  to  make  the  main  arm  and  subarms  of  the 
JEMRMS  uniform,  because  we  have  judged  the  con¬ 
troller  to  be  optimal  for  these  operation  devices. 
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